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PREFACE 


This book on aircraft gas turbines was written in the hope that it 
would make available in one place a useful store of information on a new 
type of aircraft prime mover. Such information should be useful to the 
student of aeronautical engineering, to engineers in the aviation industry, 
and to all those seriously interested in the future of aviation. Some of 
the basic material will be of interest and useful to those interested 
in the use of the gas turbine as a prime mover in stationary and marine 
applications. 

The gas-turbine idea is not new, but its practical realization as an 
aircraft turbojet or turboprop power plant has come within the last five 
years. This newness, coupled with the fact that many developments are 
still held under military security regulations, has made the task of pre- 
sentation a difficult one. 

Basically, the gas-turbine cycle is simple. However, the mathe- 
matical description of such cycles becomes algebraically complex. This 
is due to the fractional powers of compression and expansion ratios that 
are involved in the near-adiabatic changes of state involved in the cycle, 
^as well as to the nonuniform thermodynamic properties of air and the 
combustion products. In the aircraft gas turbine, too, we are generally 
dealing with flow velocities so high that compressibility and shock 
phenomena play an important role in determining performance and per- 
formance limits. 

The first three chapters are introductory. Here is presented most 
of the basic information that will be needed in the succeeding five chap- 
ters on gas-turbine components and cycles. The book is concluded by 
chapters on controls and accessories, hybrid types of power plants and 
other power plants that are related to the gas turbine, and performance of 
aircraft powered by gas turbines. The reader who is interested primarily 
in the characteristics of gas turbines and their components will find it 
possible to start reading at Chap. 4 without serious loss of continuity. 

Some of the subject matter is strictly limited to the state of the art 
as it existed at the time of writing. This material may be short-lived 
in its validity and applicability. In spite of this, we felt that its inclusion 
was necessary to give a rounded picture of the development of the aircraft 
gas turbine. 

Acknowledgments are due, with sincere appreciation, to all the air- 
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craft companies and gas-turbine manufacturers who have supplied 
information and illustrations. Special thanks are due the General 
Electric Company and the Westinghouse Electric Corporation. We are 
deeply appreciative for the careful constructive review of the manuscript 
by O. E. Rodgers, A. N. Tifford, C. A. Meyer, L. R. Woodworth, E. P. 
Walsh, and A. H. Redding of the Westinghouse Aviation Gas Turbine 
Division. 
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SYMBOLS AND NOTATION 

a Profile drug coefficient; velocity of sound, fps; subscript 
h Span of wing or airfoil, ft; subscript 

A Area, sq ft 

Aspect ratio 

c Chord, ft; subscript 

Cp Specific heat at constant pressure, Btu/(lb)(®F) 

Cv Specific heat at constant volume, Btu/(Ib)(®F) 

Cl Coefficient of lift 

Cd Coefficient of drag 

Cm Coefficient of moment 

Cp Coefficient of parasitic drag 

Cp Pressure coefficient, compressor 

D Drag, lb; diameter, ft 

e Ratio of eye diameter to tip diameter, centrifugal compressor; airfoil efficiency 

factor 

E P^ncrgy, Btu 

/ Fineness ratio; friction factor 

F Force, lb 

Fg^ Fn Gross and net thrusts, lb 

g Acceleration of gravity, 32.172 ft /sec* 

h Altitude, ft; enthalpy relative to standard state, Btu/lb; hub diameter/tip 
diameter ratio, compressor 
hf PJnthalpy of liquid fuel 

H Lower heating value of fuel, Btu/lb; enthalpy relative to absolute zero, Btu/lb 
hp Horsepower 

J Mechanical equivalent of heat, 778.26 ft-lb/Btu; advance ratio of propeller 
k Ratio of specific heats, Cp/c^. 

K Flow restriction factor 

L Length, ft; lift, lb 

M Moment, Ib-ft; Mach number ^ V la 

n Rotational speed, rps 

N Rotational speed, rpm 

p Static pressure, psi or psf 

P Total pressure, psi or psf ; power, ft-lb/sec 
q Dynamic pressure, pV'*/2 

Q Volume flow, cfs 

r Radius, ft 

R Gas constant [for air, 0.0385 Btu/(lb)(®F) or 53.33 ft-lb/(lb)(®F)] 

RN Reynolds number 

s Pitch, ft 

S Wing or airfoil area, sq ft; entropy relative to a standard state, Btu/(lb)(®F) 

t Static absolute or Rankine temperature, ®R; thickness, ft 

T Total absolute or Rankine temperature, ®R 
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SYMBOLS AND NOTATION 


U Speed, compressor, turbine blades, fps 

V Flight speed, fps 

Vo Free-stream velocity, fps 

Va Axial velocity, fps 

Vu Tangential velocity, fps 

Wa Air flow, lb /sec 

Wf Fuel flow, lb /sec 

y Camber, ft 

a Atmospheric temperature lapse rate; angle of attack; angle 

c Gliding angle 

/3 Angle 

y Angle 

rj Efficiency 

p Density, slugs /cu ft (1 slug = 32.172 lb) 

^ Ratio of pressures, expansion or compression ratio 

fjL Coefficient of viscosity, Ib-sec/sq ft 

e Angle 

X Subscript 

T Ratio of circumference to diameter of circle = 3.1416 

<0 Angular velocity, radians /sec 

il Vorticity, sec"^ 



CHAPTER 1 

BASIC AERODYNAMICS OF AIRCRAFT 


1. The Atmosphere. It is appropriate, for two reasons, that a book 
on the application of gas turbines to aircraft should begin with a discussion 
of the atmosphere. First, air, which makes up the atmosphere, is the 
working medium for the aerodynamic-thermodynamic cycle of the avia- 
tion gas turbine. Second, an airplane is supported by aerodynamic lift 
forces and impeded in its forward motion by drag forces resulting from 
the reaction of the atmosphere upon the moving craft. 

Except for special situations, to which attention will be called, we 
shall be working with ranges of pressures and temperatures in which air 
can be treated as a perfect gas obeying the equation of state 

p = 11.913p^ (1) 

where p = pressure, psi 

p = density, slugs/cu ft 

t = absolute Fahrenheit, or Rankine, temperature, which is 
459.7° greater than common Fahrenheit temperature 
In Fig. 1, the pressure-density relationship of Eq. (1) is depicted graphi- 
cally for a number of different temperatures. 

Although it might seem desirable to use a completely consistent, 
unambiguous, set of symbols throughout, it is often convenient not to 
do so. For example, the equation of state frequently will be used in the 
form 

p = pRt (2) 

where p = pressure, psf 

p = specific weight, Ib/cu ft (loosely called density) 

R = gas constant, ft /deg = 53.33 for air 
It is also convenient at times, since pressure divided by specific weight 
has the dimensions of energy per unit weight, to express the gas constant 
in thermal energy units. For air, R = 0.0685 Btu/(lb)(deg). The con- 
text will make clear which set of units is being used. 

Normal sea-level atmospheric pressure will be taken as 14.70 psi 
throughout this work. At 60°F or approximately 520°R and normal 
sea-level pressure, the density of the atmosphere is 0.00238 slug/cu ft, 
and the specific weight is 0.0766 Ib/cu ft. 

For convenient description the atmosphere is divided into two regions 
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or layers — ^the troposphere or lower region, and the stratosphere or upper 
atmosphere. The dividing surface, called the tropopause, varies in 
altitude with meteorological conditions. This results in a marked varia- 
tion with latitude. The average height of the tropopause at the equator 
is approximately 60,000 ft; at the poles it is about 30,000 ft. Within the 



0.001 0.00IS 0.002 0.003 0.004 0.006 0.008 0.010 


DENSITY^ SLUGS/FT^ 

Fio, 1. Equation of state for dry air. Pressure vs. density for temperatures from — 180 to 
2600“F. 

troposphere the temperature normally drops with increasing altitude at 
a more or less constant lapse rate. The tropopause temperature is 
relatively more constant than the temperature at the earth’s surface. 
In consequence, the tropospheric lapse rate is greater on hot days than 
on cold and varies from 0.0045 to 0.0020°F/ft. Although the strato- 
sphere is sometimes considered an isothermal layer, a small daytime 
temperature rise with increasing altitude is frequently found. In Fig. 2 
a number of temperature-altitude curves are presented. These were 
obtained as averages of U.S. Weather Bureau data taken at representa- 
tive observation points in the United States. Curve A combines obser- 
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vations for coastal and inland stations for typical hot summer days. 
Curve B presents similar data for cold winter days. Curves C and D 
are, respectively, July and January average night temperatures. Curve 



0 10 20 30 40 50 60 70 

ALTITUDE IN THOUSANDS OF FEET 


Fig. 2. Average-atmospheric-temperature curves vs. altitude for United States observa- 
tion points. 

^ is a rough average representing a constant-lapse-rate troposphere and 
a constant-temperature stratosphere. This varies slightly from the 
familiar NACA standard atmosphere, which is much used for qualitative 
purposes.^ 

1 NACA RepoH 147 , 1922 . 
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Change of atmospheric pressure with altitude is determined by Eq. (1) 
and the barometric law that the change in pressure Ap is going from an 
altitude A to A + AA is given by 

Ap = — TTTpg AA (3) 

where p is the average air density in the range of altitude considered and 
g is the acceleration of gravity {g = 32.172 ft/sec^). The problem is 
easily soluble if the temperature is known as a function of altitude. Two 
particular cases are of especial interest. The first is for a layer of the 
atmosphere in which the temperature varies uniformly with altitude at a 
lapse rate a 

t{h) = to — a{h — ho) 

The entire troposphere normally is such a layer. The pressure-altitude 
relationship that results is 


2 . 

Po 


1 


to 


(A - A 


1 0.01875 

o)J. « 


( 4 ) 


The second is for an isothermal layer (a = 0) in which the pressure varies 
exponentially with altitude 


log. ^ = -0.01875— (5) 

po to 

In Fig. 3 a pressure-altitude curve, corresponding to curve E of Fig. 2, 
is drawn. The relative density for the same temperature-altitude varia- 
tion is also plotted. 

The composition of dry air by weight is 

(>2 = 0.232 
Ns = 0.755 
A = 0.012 
CO 2 = 0.001 

There are, of course, small amounts of other permanent gases — hydrogen, 
helium, neon, etc. If the atmosphere were in static equilibrium the 
composition would change with altitude rather markedly. There is 
evidence, however, that up to altitudes of 100,000 ft the composition is 
practically constant. The continual and rapid mixing brought about 
by mnds and vertical air currents effectively prevents the equilibrium 
distribution from establishing itself. 

Moisture content of the atmosphere varies greatly from day to day, 
and the range is different for different locations. At sea level the relative 
humidity ranges from about 30 to 100 percent. At altitude the variation 
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is less; for example, at 25,000 ft the relative humidity usually ranges from 
30 to 50 percent. Average absolute moisture content, expressed as 
pounds of water per pound of air, varies from 0.01 at sea level to about 
0.00001 at the tropopause. 

Thus the atmosphere can be considered, for all practical purposes, to 
be made up of five gases: oxygen, nitrogen, argon, and carbon dioxide 


u 

> 



ALTITUDE IN THOUSANDS OF FEET 

Fig. 3. Relative atmospheric pressure and density vs. altitude. 

present in fixed proportions, and water vapor in varying quantities 
depending on temperature and relative humidity. 

Since dry air obeys the perfect-gas law [Eq. (1)] through fairly wide 
temperature ranges, specification of any two of the quantities pressure, 
density, and temperature determines the third. To complete the descrip- 
tion of air as a thermodynamic working substance, however, it is neces- 
sary to give some data connected with the internal energy or energy 
changes of the gas. This information may be given most conveniently 
in terms of the specific heats. The specific heat at constant pressure, 
Cp, is the amount of heat necessary to raise the temperature of one pound 




6 


GAS TURBINES FOR AIRCRAFT 


of air one degree Fahrenheit letting the gas expand, as it must, to main- 
tain the pressure invariable. The specific heat at constant volume, c«, 
is the amount of heat necessary to raise the temperature of one pound 
of air one degree Fahrenheit without change of volume. The British 
thermal unit (Btu) will be used as the measure of heat energy. Specific 
heat, then, will be measured in Btu per pound per degree Fahrenheit. 

If it is granted that the internal energy of the molecules of the gas 
depends on the temperature only, then Cp will be greater than Cv by the 
work of expansion against the external pressure and intermolecular 
forces. For a gas obeying Eq. (1), strictly, these latter forces are zero. 
For air at the pressures and temperatures considered, they are inappre- 
ciable. In consequence, the difference Cp — Cv is essentially constant. 

11 Q1Q V 144 

® - 32172X 778 26 " Btn/OWm 

since 778.26 ft-lb = 1 Btu. 

The enthalpy h and internal energy of a perfect gas are defined in 
terms of the specific heats by the relations 



It is seen, therefore, that these thermodynamic quantities are measures 
of the energy required to raise unit quantities of the gas from any arbi- 
trary reference temperature to the temperature t. 

The entropy S of unit quantity of a gas may be defined within an 
additive constant by the differential law 

dS = c^y-R^ ( 7 ) 

t P ^ ' 

The entropy of any state relative to an arbitrary state of temperature to 
and pressure po becomes 

S = f Cpj - It log ^ (8) 

J to i Po 

Entropy is measured in units of Btu per pound per degree Fahrenheit. 

Table 1 covers most of the temperature range of interest for gas- 
turbine calculations. Values of Cp, h, and pr are tabulated (an extended 
chart of pr and A for a wider range of temperatures is reproduced in the 
Appendix). The quantity, pr, is the relative pressure change resulting 
from an isentropic or adiabatic process in which air is taken from the 
standard conditions of the table {t = 520°R) to the given temperature. 
Methods of correcting for moisture, fuel, or combustion products are 
discussed in appropriate sections of the following chapters. It should 
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Table 1. Thermodynamic Properties of Air* 



Cp 

h 

Pr 


0 

0.2400 

- 14.40 

0.6509 

460 

20 

0.2400 

- 9.60 

0.7556 

480 

40 

0.2400 

- 4.80 

0.8717 

500 

60 

0.2401 

0 

1.0000 

520 

80 

0.2402 

4.81 

1.141 

540 

100 

0.2403 

9.61 

1.296 

560 

120 

0.2405 

14.42 

1.466 

580 

140 

0.2406 

19.23 

1.652 

600 

160 

0.2408 

24.04 

1.853 

620 

180 

0.2411 

28.86 

2.071 

640 

200 

0.2413 

33.68 

2.309 

660 

220 

0.2416 

38.51 

2.565 

680 

240 

0.2418 

43.34 

2.841 

700 

260 

0.2421 

48.18 

3.138 

720 

280 

0.2425 

53.02 

3.457 

740 

300 

0.2429 

57.88 

3.799 

760 

340 

0.2436 

67.60 

4.557 

800 

380 

0.2446 

77.36 

5.422 

840 

420 

0.2455 

87.16 

6.403 

880 

460 

0.2466 

97.00 

7.510 

920 

500 

0.2477 

106.89 

8.755 

960 

540 

0.2488 

116.82 

10.15 

1000 

580 

0.2500 

126.80 

11.71 

1040 

620 

0.2512 

136.82 

13.44 

1080 

660 

0.2524 

146.89 

15.36 

1120 

700 

0.2537 

157.01 

’ 17.49 

1160 

740 

0.2549 

167.18 

19.82 

1200 

780 

0.2562 

177.40 

22.41 

1240 

820 

0.2574 

187.67 1 

25.24 

1280 

860 

0.2587 

198.00 

28.34 

1320 

900 

0.2601 

208.38 

31.73 

1360 

1000 

0.2632 

234.54 

41.59 

1460 

1100 

0.2661 

261 .01 

53.71 

1560 

1200 

0.2690 

287.77 

68.46 

1660 

1300 

0.2717 

314.79 

86.23 

1760 

1400 

0.2742 

342.09 

107.5 

1860 

1500 

0.2766 

369.64 

132.6 

1960 

1600 

— 

0.2788 

397.41 

162.3 

2060 


* Adapted from “Thermodynamic Properties of Air” by J. H. Keenan and J. Kaye, John Wiley & 
Sons, Inc., New York, 1945. 

t The 0 3° difference in f(°R) « f(°F) + 459.7’’ is ignored as inconsequential as long as a consistent 
temperature scale is used in this text. 
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be pointed out that these corrections are generally small. For example, 
the gases resulting from the combustion of gasoline at an air /fuel ratio of 
15: 1 have a specific heat only about 10 percent greater than the value for 
air at the same temperature. 

As an example of the use of this table, consider a compressor inducting 
50 lb of air per second at 0°F and atmospheric pressure and compressing 
it to a pressure of 4 atm with 85 percent efficiency. (Compressor effi- 
ciency is defined as the ratio of the actual work of compression to the 
work of compression for an adiabatic process.) To calculate the power 
required to drive this compressor, we note from the table that for 0°F 
the relative pressure pri = 0.6509. For a compression ratio 4 then, 
Pr 2 = 4 X 0.6509 = 2.604 which, by interpolation, corresponds to an 
enthalpy h 2 — 39.19 or an enthalpy increase of 

- ft 1 = 39.19 - (-14.40) = 53.59 Btu/lb of air 

This would be the recjuired Avork of (compression per pound of air for 
100 percent efficiency. The actual work of compression is 

= G3.1 Btu/lb 


Therefore the power required to drive the compressor is 


hp 


63.1 X 50 X 778.26 
550 


4,450 


The final temperature at the compressor exit is determined from the table 
for the final enthalpy, 63.1 — 14.4 = 48.7, corresponding to 262°F. 

To continue this illustrative example, suppose the compressed air is 
heated to 1600°F in a 90 percent efficient isobaric process and that the 
useful work is extracted from the hot gases by expansion to atmospheric 
pressure through an 85 pencent efficient turbine or nozzle. The specific 
enthalpy of air at 1600°F is, from the table, 397.4 Btu, and the heat 
energy rec^uired per pound of working medium will be 


397.4 - 48.7 
0.90 


= 387 Btu 


From the table h = 397.4 corresponds to a Pr = 162.3, and pr/A = 40.56, 
which corresponds to an enthalpy ft = 231 .8. The useful work recovered 
is then 

0.85(397.4 - 231.8) = 141 Btu 
The enthalpy of the escaping gas is 


397 - 141 = 256 Btu 
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Xjorresponding to a temperature of 1080°F. If we subtract from the 
useful work the energy required to drive the compressor and divide by 
the heat input, we get the over-all efficiency 


_ 141 - 63 
" ■ 387 


0.20 


Another property of air, of prime importance in determining both the 
aerodynamic properties of an airplane and the efficiencies of gas turbines, 
is the viscosity or internal friction, which is responsible for shearing 
stresses being transmitted across streamline tube boundaries in a varying 
velocity field. This property is responsible for the profile drag of an 
airplane, for a part of a propeller^s inefficiency, for duct losses, and for a 
portion of the losses in the compressor and turbine of a gas-turbine power 
plant. The' coefficient of viscosity n (defined as stress per unit velocity 
gradient) of air is independent of pressure over a wide range but depends 
on temperature to a marked degree. In contrast to liquids whose 
viscosity decreases with increasing temperature, the coefficient for air 
increases with increasing temperature. Its value in pound-seconds per 
square foot is given in Table 2. 

In fluid flow equations the combination m/p occurs frequently. This 
ratio has been given the name kinematic viscosity. It has the dimensions 
of velocity times length. For a series of incompressible flows of velocities 
V about similar objects of linear dimensions L, it can be shown that, if 
VLpf^i is constant, the flows will be similar. This fact is the basis for 
most model (wind-tunnel) investigations. The above ratio is dimension- 
less and is called the Reynolds number, symbol RN. This dimensionless 
number is, essentially, the ratio of inertial forces to the viscous forces. 
High Reynolds number indicates predominance of inertial forces, low 
Reynolds number that viscous forces play the determining role in the 
flow. The range of Reynolds numbers of practical aerodynamic interest 
varies from 10^ to 10®. 

At flight speeds approaching the velocity of sound, compressibility 
effects accompanied by shock phenomena and a large increase of drag are 
encountered. Similar effects may occur when propeller tips or the blade 
tips in compressor or turbine approach this critical velocity. At 60®F 
the velocity of sound in dry air has the value 1,116 fps or 760 mph. For 
small changes in temperature from this value, the velocity of sound 
increases by 1 fps for each Fahrenheit degree rise in temperature. Over 
a wide range of temperatures the speed of sound in fps is accurately 
given by 


a = 41.45 \/H 


( 9 ) 
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where k = Cp/Cr. The speed of sound in dry air is given as a function of 
temperature in Table 2 along with the viscosity coefficient. 

Table 2. Velocity of Sound and Viscosity Coefficient for Dry Air 



a, fps 

/t X 10®, Ib-sec/sq ft 

-100 

930 

27 

0 

1,051 

33 

60 

1,116 

37 

100 

1,160 

40 

200 

1,258 

45 

400 

1,431 

54 

600 

1,582 

63 

800 

1,618 

70 

1000 

1,840 

77 

1200 

1,956 

84 

1400 

2,063 

90 

1600 

2,165 

96 

1800 

2,263 

101 

2000 

2,366 

106 


At — 100°F, a = 930 fps or 633 mph. Since temperatures as low as 
— 100°F are not uncommon in the stratosphere and maximum speeds of 
the order of 650 mph have been exceeded in modern gas-turbine-propelled 
airplanes, it is apparent that the velocity of sound is an atmospheric 
constant of considerable practical significance in aircraft design. Simi- 
larly, in designing aircraft gas turbines, to achieve maximum output for 
a given size or weight, relative flow velocities may be pushed toward the 
local velocity of sound. 

2. The Airfoil — ^Lift and Drag. An airplane in flight is acted upon 
by aerodynamic forces; it is supported by aerodynamic lift and impeded 
in its forward motion by aerodynamic drag. To understand these forces 
it is necessary to build up a considerable body of empirical facts correlated 
by aerodynamic theory wherever available. The airplane wing is the 
component mainly responsible for lift. In fact, the main objective in 
wing design is to secure the maximum lift and the minimum drag con- 
sistent with structural and stability requirements. 

An actual wing may be complicated by such things as taper, sweep- 
back, twist, change of profile, not to mention control surfaces and pro- 
tuberant engine nacelles. For this reason, the basic data of lifting 
structures (wing, propeller blades, turbine and compressor blades) are 
usually developed in terms of a simpler structure known as an airfoil. 
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An airfoil is an especially simple type of wing of constant profile. In 
Fig. 4 an airfoil of span 6, chord c, and area S = 6c is sketched. This 
airfoil has an aspect ratio M h/c — h^/S — S/c^. The profile of an 
airfoil section with the thickness exaggerated for purposes of illustration 
is shown in Fig. 5. This shows the straight chord 
line of length c connecting the two points of the pro- 
file farthest apart and the curved mean camber line, 
the locus of the centers of all segments of perpendic- 
ulars to the chord line enclosed within the profile. 

The thickness t of the profile is the length of the 
maximum perpendicular segment. The camber at 
any point is the distance from the mean camber line 
to the chord line measured along the perpendiculars 
to the chord. 

In Fig. 6 an airfoil is drawn with vectors representing the relative 
wind V and the resulting lift and drag forces L and D. The angle a 
between the relative wind and the chord line is called the angle of attack 
of the airfoil. 



Fig, 4. Airfoil of span 
h and chord c. 


Fig. 5. 



CAMBER-^ ^CHORD LINE 

Sketch of airfoil profile illustrating chord, camber, and thickness. 


In addition to the magnitudes of the forces L and D, it is necessary to 
know the effective point of their application. Instead of giving this 
information directly, it is customary to give instead the moment M of 
these forces about an arbitrary reference point, usually taken as a point 
on the chord line one-fourth of the chord length back from the leading 



Fig. 6 . An airfoil at angle of attack a, showing lift and drag forces. The relative wind is 
of velocity V, 

edge. This moment is counted positive if it is of such a sense that it 
tends to increase the angle of attack. 

The basic facts concerning lift, drag, and moment can be best expressed 
in terms of the well-founded theoretical formulas 
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L - yV^SCj. \ 

D = if>V^SCj> I (10) 

M = yv^ScCM J 

where the symbols have their usual significance and Cl, Cl, and Cm are 
coefficients that depend on the angle of attack, aspect ratio, profile form, 



NACA 2409 

Fig. 7. Aerodynamic coefficients of NACA 2409 airfoil vs. angle of attack. 

and slightly on the Reynolds number. Data on airfoils are obtained 
from reduced-scale or full-scale models in wind tunnels. The results of 
these experiments are usually presented in the form of plots of the basic 
coefficients vs. angle of attack, known as the characteristic curves of the 
airfoil. Figure 7 presents characteristic curves for the NACA 2409 sec- 
tion for JR = 6. 

These curves illustrate well the salient facts of airfoil performance. 
First of all there is a range of angles of attack within which Cl varies 
approximately linearly with angle of attack. That is, if a' is an angle 
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measured from the angle of attack for zero lift 

Cl = Ka^ 

For the NACA 2409 with ^ = 6, iiC = 0.0716 if a' is measured in degrees, 
and K = 1.25 if a' is measured in radians. At a' = 19®, the lift-coefE- 
cient curve breaks abruptly, signalizing the beginning of an entirely new 
type of flow over the wing (initiation of stall). 

Over the linear range of Cl it will be noticed that Cd varies paraboli- 
cally with a or a'. As a matter of fact, a semiempirical, semitheoretical 
relation, based on the work of Prandtl and others, predicts that 

= a + ^ (11) 

The two terms of this equation have been designated, appropriately, the 
profile drag coefficient and the coefficient of induced drag. As its name 
implies, the first term depends on the shape of the profile. The induced 
drag coefficient depends on the lift in the manner indicated. The param- 
eter h is primarily a function of aspect ratio. Under certain reasonable 
simplifying assumptions, the theoretical value 

h — TT^ 

may be derived. To bring observed values of induced drag into agree- 
ment with this formula, it is necessary to introduce an efficiency factor 
e into the expression for 6 

h = ttc/R 

Empirical data for normal profiles are well represented with values of e 
of the order of 1.0. For an airplane wing with normal protuberances 
(nacelles, etc.) and deviations from a simple airfoil, the efficiency factor 
may vary from 0.85 to 0.90. 

As would be expected, the profile drag coefficient depends on the air- 
foil thickness and maximum camber. Expressing these as fractions of the 
chord by t/c and y/c, a formula capable of giving the order of magnitude 
of a for modern, thin, slightly cambered profiles is 

a = 0.005 + 0.025 | + 0.01 -^ + 0.1 ( 12 ) 

The slope of the Cl vs . a curves depends principally upon the aspect 
ratio and obeys the empirical relation 


K = 0-1 

1 + 2/M. 
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(for a measured in degrees) with reasonable accuracy. Stall occurs at 
values of Cl that vary with Reynolds number, airfoil thickness, and 
maximum camber. Figure 8 depicts the qualitative variation of CL.ma* 
with Reynolds number, t/c, and y/c. For optimum thickness ratio and 
for values of Reynolds number between 10® and 10^, Cl, max generally lies 
between 1.4 and 1.8. It will be seen that increase of camber can be used 
to raise the maximum lift coefficient. This cannot be carried very far, 
however, because of the large dependence of profile drag on camber 
[see Eq. (12)]. 



Fia. 8. Variation of maximum lift coefficient with (1) RN for zero camber, 12 percent 
section (2) i/c for 3 percent camber section, (3) y/c for 10 percent section. 


Since the beginning of flight, the question of variable wings has 
occupied the attention of aerodynamicists and airplane designers (birds 
can vary the size, shape, camber, and twist of their wings). The whole 
idea back of this preoccupation is to produce large lift coefficients when 
needed (landing, take-off, etc.) without paying for this by a big increase 
in drag during other flight conditions. 

This interest has resulted in the development of the various types of 
slots and flaps sketched in Fig. 9. Several other ingenious methods of 
control of the flow over the airfoil have been proposed but have not yet 
been reduced to successful practice. 

A 20 percent split flap deflected 60 deg raises the maximum Cl by 
about 50 percent, but the profile drag is increased five- to tenfold. The 
increased drag makes this type of flap useful in reducing the landing 
speed but limits its usefulness during take-off. The simple hinged flap 
increases the maximum lift coefficient by about 25 percent with only a 
moderate increase in profile drag. A 35 percent Fowler flap, deflected 
40 deg, is capable of producing a maximum lift coefficient of about 3.0 
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referred to the original wing area. This is accompanied by aboulj 60 
percent increase in profile drag. 

The Handley-Page slot has proved itself a very successful high-lift 
device. This is particularly true since the slot can be arranged to open 



® \ 


© PLAIN AIRFOIL 

S SPLIT FLAP 
FIXED SLOT 
@ PLAIN FLAP 
<5) HANDLEY-PAGE SLOT 
(D SLOTTED FLAP 
@ FOWLER FLAP 

Fig. 9. Common types of slots and flaps. 

automatically at high attack angles when the augmented lift coefficient 
is needed. Increases of 20 percent in Cx.inax can be obtained with this 
simple device. 

Brakes and spoilers are aerodynamic devices for increasing the drag 
and are not intended to increase the 
lift. Both achieve the desired effect 
on the drag by spoiling the smooth 
flow over the airfoil (see Fig. 10). 

Delay of separation and stall by 
means of suction slits that scavenge 
boundary-layer air and prevent the 
initiation of turbulent flow has been 
proposed. This idea has especially 
intriguing possibilities in conjunc- 
tion with gas-turbine power plants, for the scavenged air may be used to 
supply the large volume of working medium required to these engines. 
This would make possible, in theory, a no-drag engine installation. 



Fig. 10 . Brakes and spoilers. Note region 
of disturbed and turbulent flow. 
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Figure 11 shows the use of suction slits and indicates the large improve- 
ment in smoothness of flow that may be expected in a properly designed 
installation. Experimental results indicate that maximum lift coeffi- 
cients from 5 to 10 may be obtained in this way. Design of airfoils 
specifically for suction removal of the boundary layer is at this time in 
the experimental stage. ^ 

It should be pointed out that the airfoils used on the early airplanes 
were thin sections of relatively high camber (3 to 5 percent relative thick- 


c 

SUCTION SLOT 

Fig. 11. The suction slot. Air inside the wing is maintained at a reduced pressure by 
pumping. Note the stabilizing effect on the boundary layer as shown by the altered 
streamlines. 

ness, 4 to G percent maximum relative camber). These airfoils had 
minimum drag coefficients of about 0.04. Developments from 1915 to 
1930 were concentrated on thicker airfoils with attendant increases in 
structural strength. This trend culminated in the true cantilever wing. 
At the same time a great deal was learned as to how to reduce the drag 
by the use of smooth, rounded leading edges, a smaller camber, and in 
some cases a slight reflexing of the trailing edge. These refinements 
brought a lowering of the minimum drag coefficient to 0.01 to 0.02. 




1930- 1945 

Fig. 12. Airfoils representing different periods of development. 

With the current emphasis on the higher flight speeds made possible by 
jet propulsion, the emphasis is again on thinner airfoils of still smaller 
cambers. If boundary-layer removal by suction proves successful in 
practice, this trend toward thinner airfoils may be reversed. 

In Fig. 12 airfoils representative of the three periods discussed above 
are sketched. Recent work on supersonic airfoils, swept-back wings, etc., 

^ This subject is discussed in an article by S. Goldstein, Low Drag and Suction 
Airfoils, J. Aeronaut. Set., vol. 15, p. 189, 1948. 
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will not be discussed in any detail in this book. Much useful information 
has been accumulated, but it is still too early to make a worth-while 
condensation of the results. 

3. Nonlift Structures and Components. Unlike the drag of an air- 
plane's wing, which is intrinsically tied up with lift, the drag resulting 
from fuselage, engine nacelles, control surfaces, landing gear, external 
radio and radar antennas, etc., is due to the presence of protuberances 
that do not contribute to normal wing lift. For this reason the drag 
forces on all nonlift structures and components are referred to as parasitic 
drag. 

In studying parasitic drag, it is useful to have, as standards for com- 
parison, drag data on solids of different shapes. For these we shall choose 
the flat plate parallel to and normal to the relative wind, the sphere, 
ellipsoids of revolution of different ratios of length to diameter, and 
streamlined fuselage models. This data will be presented usually as a 
function of Reynolds number defined in terms of a/A, where A is the 
maximum frontal area of the moving solid. 

On this list, the flat plate parallel to the relative wind occupies a special 
place, because this body possesses a minimum of eddy-making drag. 
Even here, however, at sufficiently high Reynolds numbers, turbulent 
flow sets in near the trailing edge of the plate and moves forward toward 
the leading edge for higher speeds (or Reynolds numbers). 

Figure 13 shows the coefficient of parasitic drag Cp on one side of such 
a flat plate in terms of A = 6c, the ‘Svetted" area, vs. RN (based on c). 
Included are plots of the Blasius and von Kdrmdn equations for laminar- 
and turbulent-flow coefficients. 


, _ 1.33 


Blasius — laminar flow 


(13) 


0.24 \/^ = logio (Cp X RN) von Kdrmdn — turbulent flow (13a) 


Transition from one type of flow to the other occurs in the region of 
Reynolds numbers from 0.5 X 10® to 5 X 10®. Experimental data are 
in good agreement with these limiting values and usually show a transi- 
tion of the type sketched in Fig. 13. 

It is of great interest to compare the values of Eqs. (13) and (13a) 
(doubled) with the airfoil drag coefficient of Eq. (12). It is then readily 
apparent that any design or device that preserves laminar flow to higher 
Reynolds numbers can pay real dividends in drag reduction. 

The flat plate normal to the relative wind is notable for its high drag. 
The average excess pressure on the front side of the plate is only slightly 
less than q = ip 7^, the dynamic pressure, while an underpressure of 
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approximately g/3 exists in the turbulent region behind the plate. As a 
result the parasitic-drag coefficient is somewhat greater than unity. 
For square or round plates Cp = 1.15 for moderate Reynolds numbers. 
The scale effect is small. 

A comparison of the drag for spheres and ellipsoids of revolution of 
the same frontal area gives some idea of what may be accomplished by 
streamlining. In Fig. 14, curves of the variation of drag with Reynolds 
number are given for ellipsoids and the sphere. 



REYNOLDS NUMBER RN 

Fia. 13. Coefficient of parasitic drag vs. Reynolds number for flat plate parallel to flow. 

The object of streamlining is to produce a body such that the flow 
past it is as nearly free as possible of regions of turbulence. Engine 
nacelles and fuselage are examples of streamlined solids of revolution 
with the axis of symmetry parallel to the relative wind. Drag coefficients 
as low as 0.05 can be obtained by careful design. 

Fuselages and engine nacelles are excellent examples of the practical 
application of streamline design. Figure 15 exhibits currently popular 
forms. These differ from one another primarily in the ratio of over-all 
length to maximum diameter (technically known as fineness ratio). 
The reason one has a fineness ratio of about six while the other has a 
fineness ratio of approximately two may be found in the design problem. 
The problem of nacelle design is to produce a minimum-drag housing for 
the engine. The fineness ratio is therefore chosen to minimize (7p. In 
contrast the fuselage (for commercial planes) must be designed to give 
minimum drag for given usable enclosed volume. This is roughly 
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equivalent to minimising where / is the fineness ratio. In Fig. 16, 

curves of Cp and Cpf^^ are drawn as a function of /. These are drawn 
for a streamlined form that has been used in lighter-than-air craft. The 
positions of the minima for these curves explain why the nacelle and 
fuselage have the approximate fineness ratios mentioned above. 

In practice, it has not yet been possible to realize these low drag 
coefficients. This is due to the fact that real components are never 



; ‘ 2 4 6 8 10 

o REYNOLDS NUMBER 10*® RN 


Fig. 14. Drag coefficients of spheres and 2:1 ellipsoids of revolution. Oblate-spheroid- 
disc surface normal to relative wind; prolate ellipsoid with major axis (revolution) parallel 
to relative wind. 



FUSELAGE NACELLE 

Fig. 15. Examples of streamlining as applied to the fuselage and engine nacelle. 

completely “clean.” There are always protuberances and deviations 
from the ideal streamline form. Then, too, these components must be 
structurally joined to the rest of the plane. No matter how carefully a 
fuselage is “faired into” a wing, the resulting drag is greater than the 
sum of the drags of the isolated fuselage and wing. In measuring the 
drag of spheres, coefficients differing by a factor of 2 have been obtained 
as a result of different methods of suspending the sphere in the wind 
tunnel. 

The practical range of values for drag coefficients of fuselage and 
nacelles is currently 


Fuselage (clean) 0.06-0.10 

Nacelles (leading edge) 0 . 08-0 . 12 
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The drag coefficient for tail surfaces, expressed in terms of total tail- 
surface area rather than frontal area, usually is between 0.005 and 0.010. 
If the tail surfaces lie in the propeller slip stream or jet, these values have 
to be revised upward or the actual relative wind speed used in computing 
the contribution of the tail to the total drag. 

4. Compressibility and High-speed Flight. The usual aerodynamic 
theory derives forces by considering the flows around airfoils or other 
bodies as motions of an incompressible fluid. Aside from viscous forces, 
these are obtained by integrating the pressure forces over the body. A 



I’lG. 16. Specifif drag vs. fineness ratio for a family of streamlined bodies. Cp is a measure 
of the drag per unit frontal area, while Cpf~'^^ is a measure of the drag per unit enclosed 
volume. 


resultant force different from zero can exist then only when pressure 
differences are present. These pressure differences are dynamic, f.e., 
they exist because of the motion of the fluid. 

Air is not strictly incompressible. Density changes accompany pres- 
sure changes according to Eq. (1), the perfect-gas law. A reasonable 
criterion for the neglect of compressibility is that the dynamic pressures 
encountered be small compared to the static pressure. 



V 


V« 



The right-hand side of the inequality is, aside from a factor \/kl2y equal 
to a, the velocity of sound as given by Eq. (9). We may write our 
criterion, therefore, 
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M = - « 1 (14) 

The dimensionless ratio ikf, defined by this equation, is the Mach number 
characterizing the relative motion. It is the ratio of the relative velocity 
to the velocity of sound in the air or working fluid. The velocity of 
propagation of sound in a gas is proportional to the mean velocity of 
thermal motion of the gas molecules, so we may look on the Mach number 
as a measure of the ratio of the directed flow velocity or energy of the 
flowing gas to the mean random velocity corresponding to the heat energy 
of the molecules. 



BLADE TIP SPEED 


Fig. 17. Maximum propeller efficiency vs. blade tip speed. 

Compressibility effects first became of practical importance in con- 
nection with propellers. In order that propellers may absorb the amounts 
of power demanded on modern commercial and military planes without 
becoming unreasonably large, the propeller rpm is increased to the 
point where the blade tips are traveling at or near the speed of sound. 
Attempts to increase the tip speed further have resulted in inadmissably 
high power losses, vibration, and noise (see Fig. 17). Even before the 
onset of these effects, which we know are connected with the formation of 
shock waves near the ends of the blades, compressibility makes itself felt 
through gradual changes in the power and thrust coefficients (analogous 
to drag and lift coefficients for airfoils). 

Similar effects are encountered on airfoils themselves. Inasmuch as 
the velocity of sound under standard sea-level conditions is 1,116 fps or 
760 mph, it might be argued that these effects should remain of academic 
interest except when flight speeds of this order of magnitude are encoun- 
tered. This is not so. It is not the free-stream Mach number that 
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should be used as a compressibility criterion but the local Mach number 
for points within the flow pattern. Local Mach numbers equal to unity 
may be reached at flight speeds as low as one-half the speed of sound. 
This is the case for flows over thick wings, especially at high angles of 
attack, or around nacelles and fuselages. Figure 18 shows the velocity 
contours around a thick airfoil at a fairly high angle of attack. It will 
be noted that local velocities as high as twice the free-stream speed are 
found well forward on the upper airfoil surface. It is fortunate, in level 
flight, that decreasing angles of attack go along with increasing speed. 
On the other hand, shock phenomena may be expected quite generally 



F'la. 18 . Equal velocity contourw around an airfoil at high lift. The numbers represent 
the ratio of the local velocities to the free-stream velocity V. 

during such maneuvers as pulling out of a dive where high speed and high 
lift occur simultaneously. 

Thus, in designing planes to fly at speeds of over 400 mph, close 
attention should be given to compressibility phenomena in connection 
with propellers, wings, fuselages, engine nacelles, and control surfaces. 

The gas-turbine and jet-propulsion engines bring additional reasons 
for being concerned with compressibility effects and shock phenomena. 
Compressor-blade tip speeds must be limited in exactly the same manner 
as propeller tip speeds, except when designs are made to utilize shock 
phenomena. Then, too, the exit velocity of the hot gases may be super- 
sonic. This leads to the possibility of shock limitations in the exit sec- 
tion of gas-turbine power plants, particularly jet-propulsion engines. 

Certain general results concerning compressible subsonic flows over 
thin airfoils have wide application. Consider a flow with free-stream 
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Mach number Mo over a thin airfoil of thickness < at an angle of attack a. 
The drag and lift are affected by compressibility as if the flow were an 
inco mpressib le one for a similar airfoil having thickness, not t, but 
tjy/X — Ml] having the angle of attack, not a, but a/Vl ~ and 



Fig. 19. Airfoil (1) at Mach number M will behave Uke airfoil (2) i n an inco mpressible 
medium. Angle of attack, thickness, and camber of (2) are I/a/i — times the 
corresponding values for (1). 

having its camber increased in the ratio l/\/l — Ml. Figure 19 shows 
the relationship between the actual and effective airfoil for a free-stream 
Mach number 

Figure 20 shows the qualitative effects of compressibility on lift and 
drag coefficients for one particular airfoil. It will be noted that the effect 



^ FREE-STREAM MACH NUMBER, M^ 

Fig. 20. Variation of lift and drag with Mach number for constant angle of attack. 


of compressibility on lift is to increase the lift for a given angle of attack 
up to a certain point and then to produce what may be called a *‘com- 

1 These results were first derived by Glauert. See von Mises, “Theory of Flight/* 
McGraw-Hill Book Company, Inc., New York, 1945, p. 279. 
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pressibility stall.'' Note the sudden increase in drag associated with 
the first appearance of shock waves on the airfoil. 

The characteristic break in the drag curve for subsonic airfoils seen 
in Fig. 20 usually occurs at values of the free-stream Mach number 
ranging from 0.7 to 1.0. One of the most important aerodynamic prob- 
lems of the day is the design of planes for which the incidence of shock 
phenomena is further delayed. Only in this way can we take advantage 
of the high-speed possibilities of jet-propulsion and geared gas-turbine 
power plants. As striking evidence of the needed improvement in high- 
speed performance, the L/D ratio of lift to drag at the speed of sound 
may be as low as three to five, while the corre- 
sponding figure at the lower speed for which this 
ratio is a maximum may be as large as 25 to 30. 

Up to now we have not given any discussion 
of the nature of shock phenomena and shock 
waves. Although our knowledge of this field of 
aerodynamics is far from complete, the basic 
physics is not too difficult. The first question for 
which we shall seek an answer concerns the properties of shock waves and 
when they can occur. 

Consider an element of a perfect gas in parallel streamline flow (see 
Fig. 21) entering cross se(;tion a and leaving through cross section 6. 
Conservation of mass requires that the entering and leaving amounts of 
fluid be equal 

PaVa = PbVb (15) 

Conservation of momentum requires that 

Pa + PaVl = Pb + PbVl (16) 

while the condition for conservation of energy requires that the static 

enthalpy plus kinetic energy remain constant. 

VI 

ha — hb (17) 

Further, the requirement that the fluid be a perfect gas permits us to 
write 


p = pRt 



One obvious solution of these equations is Vb = Ua, that is, the gas flows 
through the section with no change in properties whatsoever. However 
if we eliminate from this set of simultaneous equations all properties with 



Fig. 21. Element of 
parallel streamline super- 
sonic flow; Vh < Va is 
evidence of a shock wave 
within the element. 
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a subscript b except Vb, we arrive at a quadratic equation for 


k + 1 \paVl ^ V ^ U + 1 paVl ^ k + lJ 


Mathematically this equation has a real solution in addition to the 
physically obvious one Ft = Va. It is 


Vb 


2k Pa , k — ll y 
k + l PaVl^ k+1] 


( 20 ) 


Now kpalpa = aly so that Eq. (20) may be rewritten in terms of the Mach 
number Ma 


Vb = 


+ 


k - 


.(A: + l)Ml ■ k + 


1 

“ 1 _ 


M aO'a 


( 21 ) 


No restriction was placed on the length of the streamline tube from a to 6, 
so we may take it as short as we please. The above solution then implies 
that a discontinuity exists in the flow; i.e., at some point between a and b 
the motion can change character abruptly. Velocity, pressure, density, 
and enthalpy suddenly take on new values in such a way that the neces- 
sary conservation conditions are still obeyed. For values of Ma < 1, the 
predicted discontinuity is in the nature of a sudden expansion — air leaves 
the tube with higher velocity than it had when it entered. The entropy 
change across such a discontinuity would be negative. Therefore such a 
solution for Ma less than unity is inadmissible. For Ma > 1, the dis- 
continuity is a sudden compression with slowing down of the flow and 
an increase in entropy. The process can occur. The fact that the solu- 
tion is a stationary one means that the compression disturbance is 
traveling with a velocity Va > da- This is a shock wave. The relative 
pressure change across the wave is 


Pb — Va 
Va 


(ilf* — 1) 
A; + 1 ’ 


while the relative density change obeys the relation 
P6 — Po _ M\ — 1 


pa 


1 + [(A: - l)/2]Ml 


( 22 ) 

(23) 


Physical shock waves are, of course, not infinitely thin. Neglect of 
the effects of viscosity and thermal conductivity has resulted in this 
unphysical result. However, we need not be too concerned with this, 
for more detailed study has shown that even for velocity differences as 
small as a few feet per second the thickness is a very small fraction of an 
inch. It is inversely proportional to the velocity difference across the 
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discontinuity, and increases in either viscosity or thermal conductivity 
increase the thickness of the shock. For air with normal values of p, p, 
and thermal conductivity, the thickness of the shock wave within which 
90 percent of the velocity change takes place is approximately 0.013 in. 
divided by the total velocity difference in fps. 

This elementary treatment, being essentially one-dimensional, has 
also failed to show up the important possibility of oblique shock waves, 
i.e,, shock waves in which the discontinuity is inclined at an angle to the 
direction of the oncoming fluid. Both normal and inclined shocks will 
be discussed in greater detail in Chap. 3. 

The study of the flow patterns over airfoils throws considerable light 
on the phenomena associated with shock formation. For free-stream 




Fig. 22. Comparison of streamline flow and flow with shock wave (o). Note separation 
at point of contact and the resulting turbulent region (6). 


velocities so low that the velocity of sound is not locally reached anywhere 
on the airfoil, disturbances originating at or near the trailing edge travel 
forward and affect the entire flow pattern. With increasing velocity, 
the local flow Mach number takes on the value unity at some point of the 
airfoil. A shock wave then starts to grow out from this point. Down- 
stream disturbances now are unable to travel through this shock, so that 
the motion ahead of the front is independent of what happens behind it. 
The shock has a profound affect, however, on the flow over the after 
portion of the airfoil. The sharp pressure change at the wave front 
affects the motion in the boundary layer, thickening it and promoting 
separation. This finally results in a large region of intense turbulence 
behind the wing, which is the main source of the increased drag accom- 
panying the incidence of shock waves. 

The total entropy increase across the shock wave is associated with 
an energy transfer that can come only from the motion of the airfoil 
through the air; this energy loss then appears ultimately as increased drag. 

Control surfaces of a conventional-type plane are operated in regions 
of flow that become turbulent at speeds above the critical, so that their 
influence cannot be felt ahead of the shock zone. This may result in loss 
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of control. Future designs of high-speed aircraft must necessarily intro- 
duce different methods of control or basically new types of airfoils to 
surmount these difficulties. 

Figure 22 contrasts the types of flow over a wing at speeds below and 
above the critical speed for shock formation. Note the extreme width of 
the turbulent region in the latter case. 



CHAPTER 2 

AIRCRAFT PROPULSION 


6. Fundamentals of Aircraft Propulsion. All aircraft are propelled 
by jets. The reciprocating-engine-propeller combination drives a plane 
through the air by giving rearward momentum to the airstream inter- 
cepted by the rotating propeller. The turbojet engine produces thrust 
by accelerating the gases f lowin g through it! Rockets are propelled by 
iH^eaction of the jet of hot gases produced by the combustion of the 
propellant. 

In each of these cases, the propulsion mechanism accelerates a jet of 
air (or other gases), imparting energy to it. The useful result is a thrust 
force F. If F is the forward velocity, the thrust power is equal to the 
product FF. The mechanical power P expended in producing this thrust 
power divided into the thrust power gives a ratio rir called the propulsive 
efficiency. 

FV 

(24) 

Kinetic energy left behind is energy wasted. On the basis of this 
simple concept, an ideal propulsive efficiency can be derived. This ideal 
efficiency, which we shall denote by tjj neglects all frictional losses and is, 
therefore, larger than rjr- It is a useful quantity because its meaning is 
conceptually clear and because the complex corrections that must be 
made to allow for friction, etc., are frequently small. 

To arrive at the simplest expression for r/y, the jet efficiency, consider 
the case where the propulsive device imparts only a straight rearward 
momentum to the gas stream without swirling motion or angular’ diver- 
gence. The flight velocity is F, and the leaving jet has a velocity relative 
to the plane Fy. Then the thrust 

F = ^ (Vi - V) (25) 

J/ 

where is the number of pounds of air per second to which the jet 
velocity F,- is given. The kinetic energy per second lost in the jet is 

PL = '^(Vi-V)^ (26) 

28 
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FV _ 2{Vi -V)V 
Pl + FV (Vj - Vr + 2(F,- - 


V + V'i 


It will be noticed from Eq. (27) that the wake or jet efficiency depends 
only on the velocity ratio F,/F, Avhich, from Eq. (25), may be written 

^■=1 + T^ (28) 


In Fig. 23 contours of equal jet efficiency are plotted with flight speed 
V and specific thrust F/Wa as abscissa and ordinate, respectively. From 



FLIGHT VELOCITY IN FEET PER SECOND 


Fig. 23. Contours of equal jet efficiency plotted as a function of flight speed and specific 
thrust. Approximate specific thrust limits are shown for propeller, turbojet, and ramjet 
as a function of flight speed. 

this figure it can be seen that, at any given flight speed, wake efficiency 
falls off with increasing specific thrust. However, the higher the flight 
speed the higher the specific thrust for a given efficiency. For example, 
at F = 400 fps, F/Wa can be no larger than 6 lb of thrust per pound of 
air handled per second without having the jet efficiency fall below 80 
percent. At 2,000 fps, in contrast, the propulsive device can deliver 30 lb 
of thrust per pound of air handled per second with 80 percent jet efficiency. 

On this same figure there is sketched a limiting curve showing approxi- 
mate maximum specific thrusts that are obtained with present turbojet 
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power plants. This is determined by design limits such as top turbine 
temperatures, etc. For flight at 600 mph (880 fps) present-day simple- 
cycle turbojets will have wake efficiencies between 50 and 70 percent 
and specific thrusts from 25 to 55 lb/ (lb) (sec). Specific thrusts pro- 
duced by propellers will generally be less than 10, and at 400 mph 
(590 fps) the wake efliciency may be well above 90 percent. To 
improve the wake efficiency of the turbojet power plant at low flight 
speeds, it is necessary to impart kinetic energy to a larger mass of 
air than that which goes through the engine. This results in a lower 
specific thrust and a higher wake efficiency. One way in which this 
can be done is to design a turbine to extract enough energy from the 
hot gases to drive either an open or a ducted propeller. This improves 
wake efficiency in two ways. It slows down the primary jet at discharge, 
and it increases the total mass flow through the propulsive device. 

If the propulsion mechanism imparts not only a rearward velocity 
increment to the air stream but tangential components as well, the wake 
efficiency will be smaller than that given by the simple expression of 
Eq. (27), for a swirling wake represents additional kinetic energy lost 
and therefore a lower wake efficiency. Contrarotating propellers and 
straightening vanes at the turbine exit of a turbojet unit are examples of 
devices used to minimize these leaving losses. 

In general, we may say that the extended jet produced by the pro- 
peller is suitable for low- and moderate-speed applications, while the 
relatively much smaller jet produced by the turbojet power plant is 
better adapted to high-speed flight. Propulsive systems intermediate 
between these extremes have been proposed and investigated to some 
extent (c.^., open- or ducted-propeller thrust augmenters). 

6. The Propeller. A simple approach to an understanding of pro- 
pellers may be obtained by considering the blades as aerodynamic lifting 
surfaces. Modern propeller blades resemble strongly twisted wings with 
some taper. The problem is complicated because (o) the relative velocity 
of the blade elements depends on forward speed, rotational speed, and 
distance from the propeller axis to the element, and (b) the blade profile, 
for structural reasons, varies with this distance. In spite of these diffi- 
culties, the type of arguments used in connection with airfoils forms the 
basis for a theory of propellers. 

Consider an element of a propeller blade as sketched in Fig. 24. The 
propeller is moving forward with a velocity V and rotating at a speed of 
n rps. The element's velocity Vr then has components V and cor, where 
CO = 2x71 is the angular velocity of the propeller and r is the radial dis- 
tance from the axis of rotation to the element. The angle 0 is the angle 
of advance of the blade element, and a — 0 is the angle of attack or 
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incidence. The element is subject to an aerodynamic force per unit area; 
having lift and drag components I and d. The angle y is defined by the 
relation 

j = cot 7 (29) 


The thrust / per unit area and the torque q per unit area may be written 


f = I cos — d sin 1 
q = r{d cos /? + Z sin jS) J 


(30) 


whence the efficiency of the element is 




= -A_ = 

2Tnq 


tan 13 


cos p — d sin 
\d cos jS + Z sin tan + y) 




tan p 


(31) 


Figure 25 shows the dependence of i/F.ei on P for several values of l/d. 
Note that tip , a has a maximum at jS = (^/4) — (7/2) and that the value 
at this maximum is, for large Z/cZ, approximately equal to 1 — 2d/L 



Fig. 24. Propeller-blade elements, showing angles, forces, and relative velocities. 


Individual elements of propellers will generally have l/d no greater 
than 50 or maximum efficiencies of the order of 96 percent. Maximum 
efficiency of modern propellers on test may run as high as 88 to 92 per- 
cent, which is an indication of how well the propeller designer has done in 
solving the intricate design problems. 

The thrust produced by the entire propeller and the power required 
to drive it can be calculated as a summation of the elemental thrust / and 
power 2Trnq, Expressing Z and d in terms of the usual coefficients of lift 
and drag. Cl and Cd, by 

I = ^VICl 
d = \pVICd 
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F = imp V^Cl (cos /S— tan y sin p)c dr 

P == impo) VICl (tan 7 cos /S + sin j3)c dr 

where m = number of propeller blades 
R = blade length 
c = blade chord at radius r 
After certain transformations these expressions can be rewritten 

F = ^pV^m ^ ~ c dr (33a) 

P = hpV^mV y [1 + (y)']* (ci. y + Cl) c dr (336) 

These equations are general. In deriving them, we have assumed that 
the elements of each blade are independent of one another and that there 




ADVANCE ANGLE, /3 

Fia. 25. Blade-element efficiency as a function of advance angle for several values of 
lift /drag ratio l/d. 


is no interaction from one blade to another. These assumptions are not 
strictly true, but they are good enough to make Eqs. (33) useful in pre- 
dicting propeller performance. 

For example, the static thrust and power performance can be esti- 
mated from Eqs. (33) by letting E 0 and making simplifying assump- 
tions that permit the remaining integrals to be evaluated approximately. 
In this way, it can be shown that the static thrust per square foot of 
propeller disc area is roughly 
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= yVjCLS (34) 

where F, = static thrust 

Vt = propeller tip speed 
Cl = effective or average lift coefficient 
s = the solidity, or fraction of disc area occupied by the blades 
Substituting for p the standard sea-level value and letting Vt equal the 
velocity of sound (see Fig. 17), we find for the static sea-level thrust 

= 500sCl (35) 


In terms of total blade area, this corresponds to a blade thrust loading 
of approximately 500Cl pounds per square foot. Similarly we can cal- 
culate the power absorption per unit area 


hp _ _ 3 C^FtFs 

^ SSOClttB^ 


(36) 


An approximate expression for the static thrust per shaft horsepower 
when the blade tips are moving with a relative velocity equal to the speed 
of sound is then 


K 

hp 



(37) 


In using these equations it should be remembered that the coefficients 
Cl and Cd are average values for the entire propeller and that the design- 
ing of a propeller involves a number of compromises. As we shall see 
later, the efficiency of a propeller at the speed for which it is designed 
may correspond to a value of Cl! Cl in the neighborhood of 15 to 25. 
The pitch distribution is largely determined by this requirement, and it 
may not be the best pitch distribution for producing the highest static 
thrust. For adjustable-pitch propellers, F«/hp usually has a maximum 
value at take-off of 2 to 4, corresponding to an effective Cl! Cl ranging 
from 3 to 6. 

The value of the propulsive efficiency ? 7 f may be calculated from 
Eqs. (33) using the defining relation 



The integrals involved can be evaluated, by numerical methods if neces- 
sary, for any given propeller. This would involve substituting, under the 
integral sign, appropriate values for c and for Cl and Cl as functions of 
r as determined from the blade profile and the pitch distribution. An 
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approximation solution will, however, indicate the capabilities and the 
limitations of propellers as propulsive devices. This is done by assuming 
that Cl and Cd are constant throughout the integration and that the 
chord distribution is a reasonable one such that the integrals can be 
carried out in closed form. We shall choose for such a chord distribution 


me = 8s \/r{R — r) (38) 

which leads to a symmetrical blade plan form, a compromise between the 
blunt-ended and the highly tapered plan forms in common use. 



ADVANCE RATIO 
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Fig. 26. Efficiency vs. advance ratio for (A) fixed- and {B) variable-pitch propeller. 
Theoretical cpntour curves are for constant L/D, 

The efficiency turns out to be a function of ClICd and J = F/2n/2, 
the advance ratio. 

In Fig. 26, tiF is plotted against J for several values of ClICd or L/2). 
On the same figure experimental efficiency curves for a fixed-pitch 
propeller and B for an adjustable-pitch propeller have been drawn. It is 
interesting to note that, for both these cases, at the design point L/D 
values of the order of 16 are realized. Note that for both higher and 
lower J values the effective L/D is less. This is especially true of the 
fixed-pitch propeller. Returning to Eqs. (33) and noting that 

F ^FY (39) 

where Fl represents power lost as kinetic energy in the wake and P/ 
power dissipated in overcoming friction, we may write 
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Pl + P/^ ipV^m [l + (^)*]* 

The right-hand side of this equation, as it stands, is not split into separate 
terms representing wake and frictional power losses, but if we remember 
the result from airfoil theory that 


Cd = a + 


Cl 

ireM 


it is reasonable to assume that the frictional loss may be roughly correlated 
with the profile drag coefficient a and the wake loss with the induced drag 
term ClfireM, 

The foregoing blade-element theory of the propeller has been pre- 
sented with two purposes in mind: (a) to show the close relationship 
between the action of propellers and airfoils or other lifting surfaces and 
(6) to provide a basis for understanding the performance limits and limita- 
tions of this type of propulsive device. 

We have pointed out that the tip speed of propeller blades is limited 
to the neighborhood of the speed of sound. At these speeds compressi- 
bility begins to play a role, resulting in decreased lift and increased drag. 
This means a loss of efficiency as we have shown in Fig. 17. Just as in 
the case of wings, these deleterious effects can be delayed by the use of 
specially designed thin blade sections, sweepback, etc. A few years ago 
it was thought that compressibility would limit the flight speed of pro- 
peller-driven aircraft to top speeds of about 450 mph. It now appears 
that this limit can be pushed up appreciably and one should not be 
surprised at propeller-driven planes, powered by gas turbines, being 
designed for speeds very close to the speed of sound. 

With increased speeds and larger aircraft power plants, propellers 
have been required to absorb more and more power. This means larger 
propellers and heavier propellers. Simultaneously the solidity has been 
increased to keep the propeller diameter down. Present-day multi- 
bladed designs may have solidities approaching s == 0.2. At much 
larger values, serious loss of efficiency brought about by interblade 
interference would be expected. It may be possible to work at slightly 
higher solidities by going to contrarotating propellers for, in this case, the 
reduced lift may be offset by the increase in efficiency due to smaller swirl 
losses. 

The evolution from fixed-pitch to variable-pitch propellers has 
increased by a factor of 3 or 4 the range of J within which a given mini- 
mum efficiency can be maintained (compare curves A and B of Fig. 26). 
This is, however, not a sufficiently wide range to meet all operational 
requirements, and it has become common practice to introduce multi- 
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speed gearing between the engine and the propeller in aircraft that must 
fly at extremes of altitude and speed. This accomplishps the desired 
result but at a considerable cost in added weight, gear losses, etc. Weight 
of propellers, gears, spinner housing, pitch-change mechanism, etc., may, 
in certain cases, run as high as 0.30 Ib/hp. 

To summarize, modern geared propellers may have design efficiencies 
in the neighborhood of 90 percent and good efficiencies over a 10 to 1 range 
of J values. Specific thrusts are usually low (of the order of a few pounds 
per pound of air per second) and the velocity change through the propeller 
disc is small; static thrust and low-speed performance are excellent. 
Propellers can now be operated at good efficiencies up to flight speeds of 
500 to 550 mph. It is expected that this limit will be increased with 
improved high-speed designs. Propeller diameters are approaching an 
upper limit at around 20 ft. Solidities of contrarotating propellers are 
approaching an upper limit at values from 0.20 to 0.30. 

7. Thermal Jets. The high-speed exhaust jets of turbojet power 
plants, ramjets, and rockets are produced by the expansion of heated 
gases under pressure. The enthalpy of the working substance is partially 
converted into kinetic energy of the jet. The fraction converted, which 
we shall designate by /, is determined primarily by the expansion ratio. 
Since the enthalpy relative to absolute zero is directly proportional to the 
absolute temperature (except for specific-heat changes), the kinetic-energy 
output for a given expansion ratio is almost directly proportional to the 
absolute temperature of the working medium before expansion. 

Figure 27 shows the dependence of the conversion factor for air on 
the expansion ratio yp. The quantity plotted is actually the average 
fractional change of enthalpy for equally spaced initial temperatures from 
1000 to 4500°R. This average should therefore be applicable, with only 
small errors, to any power plant producing propulsive thrust by the 
expansion of heated air through a nozzle. To fix orders of magnitude 
and to show how this curve may be used, we note that the average abso- 
lute enthalpy H over the same temperature range is given by 

H = 0.26T (41) 

(The absolute enthalpy H is equal to the enthalpy h as given in Table 1 
plus the enthalpy difference from absolute zero to 60°F.) Suppose we 
consider air at 2000°R expanded through a pressure ratio of 10 without 
losses. We have H — 520 Btu/lb, and the fraction of this enthalpy 
converted into kinetic energy, from Fig. 27, is 0.46, so that we can write 




( 42 ) 
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or 

F, = V2^ = 224 VfH 

= 224 v'0.46 X 520 = 3,460 fps 

The thermal energy remaining in the jet is (1 — 0.46)520 = 280 Btu/lb 
or a leaving temperature of 280/0.26 = 1080°R, or we can say that the 
temperature after expansion will be (1 — 0.46)2,000 == 1080°R. 



RECIPROCAL OF EXPANSION RATIO 

Fig. 27. Fraction of a jet’s thermal energy converted to kinetic energy in an expansion 
through the pressure ratio xf/. 


In this example the expansion was considered to be 100 percent 
efficient. For an expansion efficiency rjn defined by 

W 

the residual or leaving thermal energy is (1 — rinf)H, and the jet tempera- 
ture (1 — Vnf)T, 

In the above numerical example, the jet velocity F, = 3,460 is 
greater than the velocity of sound, F,, at 1080°R. Thus the flow in 
the downstream part of the expansion nozzle is supersonic. It is easy to 
show from Eq. (42) and the relation connecting the speed of sound with 
T that supersonic velocities will be reached within the jet nozzle for 
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values of 
or 


fyn > 0.15 



approximate 


(43) 


Thus, if more than 15 percent of the absolute enthalpy of stationary 
heated air is converted into kinetic energy without loss, supersonic speeds 
will result. Under such conditions there is always the possibility of 
shock phonomema occurring with consequent partial loss of thrust. 



RATIO OF FLIGHT TO JET VELOCITY 

Fig. 28. Ratio of thrust power to mechanical power of a jet as a function of flight/jet 
velocity ratio. 

For expansion through the same pressure ratio ^ in an engine moving 
forward with a flight speed F, the following relations hold: 


VnfH = 

2gJ 


(44) 

FV 


v\ 

(45) 

IH ~ 

^Vnf y. y 

vj 

Pi _ 
~JH 

FV 

JH 


(46) 


where Pj is the total power loss in the jet or the sum of the wake kinetic 
and thermal power losses. If it is desired to separate these two losses, 
this may be done by using the additional equation 

(47) 

Equation (45) is of particular interest. It says that of the fraction 
rjnf of H converted into kinetic energy a part (2F/Fy)(l — V/Vj) becomes 
useful thrust power. This quantity, positive from F = 0 to F = F;, 
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has a maximum equal to i for V/Vj = i. That is, for flight speeds 
equal to one-half the jet velocity, one-half of the mechanical energy 
developed in the nozzle can be utilized for propulsion. Figure 28 shows 
(2V/Vj)(l — V/Vj) as a function of the ratio V/Vj. 

To complete the description of a particular engine, we must determine 
^ and specify how much heat is added to the compressed air, etc. For 
example, in the ramjet engine, rp is determined by the ram pressure rise 



where pr is the pressure at the end of the ram diffuser and po the ambient 
pressure. For 100 percent ram recovery 



— 1 

rPr “ 

(48) 


/ = 1 _ ~ AP 1^1 + * 

(49) 

also 

H = Ho hr hf 


where Ha 
hr 
hf 

= absolute enthalpy of the ambient air 
= the ram enthalpy rise 

= the increase of enthalpy due to the burning of fuel in the 
ramjet combustion chamber 


Ho + hr = Ho 1 + 

(60) 

We can use the preceding material to derive the over-all efficiency 



II 

(51) 


for a ramjet (100 percent component efficiencies throughout and operat- 
ing in such a way that F/ = 2F, which we have seen is the condition of 
optimum ratio of thrust energy to kinetic energy production). 

jjj = t(A- - 1)M^ 1 + - 1)M* 

FV _ 1 i(k - 1)M^ 

Jh, (2 - A-)(A- + 1) 1+ i(A- - 1)M* 

For h = 1.36 (corresponding to Cp — 0.26) 

_ _FV _ 0.117M* 

Jh{~ I O.lSii/* 


( 53 ) 
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Figure 29 shows the efficiency of this idealized ramjet engine vs. flight 
Mach number M, At Jkf = 2 the over-all efficiency for thrust power is of 
the same order of magnitude as the best shaft efficiencies for internal- 
combustion engines. Even when we allow for reasonable internal losses 
such as imperfect ram recovery, friction, etc., the ramjet or athodyd gives 
promise of good efficiencies at speeds corresponding to il/ = 2 or greater. 

The brief and somewhat idealized theory presented here can be applied 
with some necessary modifications to the turbojet engine. In this case. 



the pressure ratio is the product of the corrected ram pressure ratio of 
Eq. (48) and the compressor ratio. Then, too, account must be taken 
of the fact that some of the maximum enthalpy H converted into mechani- 
cal power must be converted into shaft power by the turbine and used to 
drive the compressor. Details of such cycle calculations are deferred 
until Chap. 8. 

The results we have oljtained do not apply directly to rocket engines 
because the products of combustion are different thermodynamically 
from air and the entire propellant charge is carried by the rocket. For 
rockets, the expansion ratio is high, the flame temperature is high, and 
consequently the energy released per pound of propellants burned is 
extremely large. This means high jet velocity and low thrust power 
efficiency, unless the flight speed is correspondingly large. 



CHAPTER 3 
GAS FLOWS 


8. Compressible-gas Flows. All gases are compressible, and, although 
approximate calculations may be made for flows at low velocities by 
treating a gas as an incompressible fluid, high-velocity flows require that 
compressibility be taken into account. The gases dealt with in aircraft- 
gas-turbine cycles, i.e.j air and air mixed with products of combustion. 



Fig, 30. De Havilland Goblin II jet engine. 


may be treated as perfect gases through only a limited range of tempera- 
ture. For example, a 30 percent change in temperature may result in 
approximately a 1 percent change in fc. Therefore the factoring out of 
the adiabatic constant k in the derivation of an equation introduces an 
error when k in one place is for a temperature state differing widely from 
another state, and its k, in the same derivation. Practically all gas flow 
equations suffer from this difficulty in their derivations, and are accurate 
only to the extent that the gas in question behaves as a perfect gas with 
constant specific heats. For example, Eq. (61) derived later in this 
chapter for the flow of gases through ducts, may yield mass flow results in 
error by as much as several percent depending upon which value of k is 
selected in the flow process. A more accurate calculation can be made 
for air by using the enthalpy charts in the Appendix and calculating the 
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flow process step by step, but even this entails some assumptions and 
initial estimates that may introduce errors. 

However, to introduce corrections for the changes in gas constants 
in the derivation of flow equations would, in most instances, yield not 
simplified equations but detailed steps in calculations to satisfy con- 
tinuity laws. Therefore, small inaccuracies are generally accepted for 
the sake of simplicity. In the follomng discussions of gas flows, perfect 
gases are assumed unless otherwise noted, and the illustrations are for air 
at standard conditions with k = 1.4, except where enthalpy charts for 
air are used in the calculation of curves. 

Gas flows occur in three distinctly different ways, as subsonic flow, 
as supersonic flow without shock, and as supersonic flow with shock. 
Different treatments are usually required for different kinds of flow. 

9. Subsonic and Supersonic Flow in Ducts. An important factor in 
gas flow calculations is the stream-filament approximation used in the 
following treatment of flows in ducts. This is an assumption that at all 
points of a flow cross section all similar flow variables are of the same 
value, and transverse deviations from the duct axis are negligible in 
their effects upon energy changes. This is a reasonable first approxima- 
tion for ducts and nozzles that change in area very slowly with length, 
and it greatly simplifies calculations. 

The law of conservation of mass requires that as much fluid flow 
through one cross section of a duct as through another section of the same 
duct for steady flow conditions. Thus, at any cross section, where A, F, 
P, P, and p are, respectively, cross-sectional area of the flow, flow velocity, 
gas density, total or stagnation pressure, and the static pressure, the mass 
flow 

Wa = ApF = constant (54) 

Conservation of energy requires, where there is no heat transfer, that 
for unit mass of fluid floAv undergoing a reversible change 




— = constant 
P 


(55) 


where the first member is the kinetic energy and the second represents the 
static heat or enthalpy referred to an initial static pressure state po. 
Differentiating Eqs. (54) and (55) yields 



( 57 ) 
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The velocity of sound in a perfect gas is a = \/gkRVy and in the case 
of gases for which the relationship between p and p in adiabatic change is 
pp-k ~ constant, 

^ = fc P = gkRT 

dp p 

(when p is in slugs/cu ft) and = dp /dp. Introducing this relationship 

into Eq. (57), we have 

VdV + = 0 

P 

and combining with Eq. (56) and eliminating dp/p gives 



Equation (58) defines the conditions for converging and diverging flows 
in loss-free nozzles and ducts as follows. For subsonic flows, the speed of 
flow increases through a converging nozzle of decreasing cross-sectional 
area, and flow velocity decreases in a duct or nozzle of increasing cross- 
sectional area. For supersonic flows at M greater than 1.0, the opposite 
situation exists, with flow velocity decreasing in ducts of decreasing cross- 
sectional area, and with flow velocity increasing in ducts of increasing 
area. 

In a constant-area duct or flow passage where there is no friction loss, 
no transfer of heat to or from the duct walls, and no shock wave, there is 
uniform steady flow throughout the length of the duct without changes 
in pressure or velocity. Even in the case of a standing shock wave in the 
duct, the distance through the shock front is quite small, and normal flow 
relations are observed on either side of the shock for the local tempera- 
ture and pressure conditions existing there. Ordinarily, a shock wave 
would not be expected to stand in the straight section of a duct; it would 
move to either the entrance or exit region of the straight section to a more 
stable location. Therefore, a straight, uniform, frictionless duct exhibits 
the same flow conditions at all points in its length if no heat is added to or 
extracted from the steady flow and if end effects near the entrance and 
exit are excluded. 

The flow of gas from a zero-velocity reservoir through a duct or nozzle 
can be derived in a form useful in many gas flow problems. Flow in 
ducts and nozzles is never entirely frictionless however, and it is neces- 
sary to introduce a nozzle efficiency factor tin- Velocity is equal to the 
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square root of twice the kinetic energy 


Fi = \2gJvncMl - ^ ^ ^ 

where Vi is the velocity at cross-section station 1, To is the temperature 
in the reservoir, and ^ is the ratio of static pressure pi at station 1 to the 
static pressure in the reservoir, which is also the total reservoir pressure 
Po. 

Also, Pi = pi/Rh from the perfect-gas law. The ratio of static 
temperature at station 1 to the temperature in the reservoir is obtained 
from the relation 

|r = 1 — »?« + * (60) 

I 0 

Introducing the above value of pi and Eq. (59) into Eq. (54), 


Wa = AipiVi = ^ \2gJvnCr.ToO - lA M 


-in 


— A ipo -j— i ■\j2gJri„R 


Cp ““ C y 


To{\ - ^ 



Since the R introduced in the above derivation was in Btu instead of 
foot-pounds, J provides the necessary conversion factor to yield the 
velocity of sound in air ao = V^^PstuTo, and if po is in slugs per cubic 
foot instead of in pounds per cubic foot, 

W. = A i^poao I? i (l-/n 

Introducing Eq. (60) into the above and inverting 
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If the nozzle efficiency jj„ = 1.0, Eq. (61) reduces to the familiar gas 
flow relation for a perfect, loss-free nozzle 


Wg Y ifc - 1 

Aigpotto) 2 


? i±l 


(62) 


Equation (61) is satisfactory for expanding flow with gas leaving a 
reservoir at pressure Po and falling through a pressure ratio ^ with nozzle 
efficiency rjn] the process is reversible when rjn = 1.0, so that the equation 
is then satisfied for both directions of gas flow, out of or into the reservoir. 

However, retarded flows at duct efficiencies lower than r/n = 1.0 are 
not satisfied by Eq. (61). The equation for retarded flow requires a 
different expression for temperature ratios and velocity energy than that 
for the case of expanding flow. The enthalpy change in the retarded- 
flow case is 


where 


A fc ~~ 1 

r.A k _> 


Vn 


1] = TttCp 


k-l 

^ t _ 1 

k-t 

r,n- 1+4' “ 


To ^ Vn -1+4' ' 

tl Vn 


Vi = \/2gJh = ^ 2gJcpTg — ^ 


k-l 

k 


k-l 

Vn - 1+4' * 


Wg = piAiVi = Ai 2gJcpTo 


k-l 


k-l 

Vn - 1+4' * 


— A igpocio -y- 4' 


k-l 

^ k -1 


I,-' ylk-l 

^ 7,„ - 1 -I- ^ * 


(63) 

(64) 


A, 


A igpottp 

Vn 



2 

- 4'^)(,vn -l) + {4A-4' '‘ )] 



I yj. 2 ^ 

\(1 — Vn)i4'^ — yj, k 


(65) 


Equations (61) and (65) for air are plotted in Fig. 31 with the quantity 
A\gpffl,f,/Wa as the ordinate and the pressure ratio 4' = Pi/Po as the 
abscissa. Wg is in pounds per second. The pressure ratio is double- 
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valued for any given value of the AiJWa ratio except for the minimum- 
area condition; the limitations of Eq. (58) apply to the loss-free duct, 
and an expanding supersonic flow out of a reservoir must first go through 
a critical minimum nozzle area before the duct or nozzle expands for 
supersonic flows. A converging-diverging nozzle of this type is known 
as a DeLaval nozzle. Retarded flows for rjn = 1.0 also obey Eq. (58), 
and a supersonic flow that is to be retarded through pressure rise to a 



subsonic flow must flow first through a converging diffuser section ahead 
of the throat or critical section, and can then further retard at subsonic 
velocities in a diverging diffuser section. 

If gas is flowing from a state of rest in the reservoir, where the static 
pressure is the total pressure Po with density po, the absolute velocity of 
gas flow upon expanding without loss to a new value of static pressure 
Pi and density pi is 



Equation (58) indicates that the flow velocity in the throat of a DeLaval 
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nozzle is acoustic, or ilf = 1. The same requirement exists in Eq. (62). 
Differentiating Ai in Eq. (62) with respect to and making dA^ld^f equal 
to zero, 

2 

^ m 


Introducing this relation into Eq. (66) above, 


VI = 


2k PoA 
A: - 1 po V 


k + 




A; -r 1 po Po 



al 


The above identity holds for both expanding and retarded flows for 
the case of a reversible or no-loss flow with Tjn = 1.0. However, in actual 
nozzles or ducts where friction losses occur, part of the flow energy is 
changed to heat energy, and sonic flow at ilf = 1.0 does not occur until 
after the flow has passed the throat or minimum-area section of the nozzle. 
This is true for both expanding and retarded flows. 

The absolute maximum flow velocity is attained when the gas is 
expanded into a vacuum, and static temperature and static pressure are 
both zero. The whole of the intrinsic energy of the gas is converted to 
velocity energy, and 

TT-g 2A? P 0 

“ A: - 1^ 


Since al = AjPo/po, the maximum flow velocity after expanding into a 
vacuum is 



For air with A* = 1.4, Fmax is equal to 2.236 times the acoustic velocity 
in the reservoir before expansion begins. The static temperature after 
expansion to maximum velocity in a vacuum is zero, so that M is infinite. 

Velocity at any pressure ratio may be calculated from Eqs. (59) and 
(64), or it may be obtained more accurately by using enthalpy tables for 
the gas in question and converting the resultant energy change to velocity 
change. For flows with ryn less than unity, the efficiency factor must be 
properly applied to the enthalpy data obtained from the table. In the 
case of an expanding flow, the ideal enthalpy h from the table is multi- 
plied by the efficiency of the duct or nozzle, rjuj to obtain the actual 
enthalpy change, and the resultant velocity change is AV = V 2gJrinh, 
The static temperature decrease is also influenced by the efficiency and is 
given by — = TjJiCp. In the case of retarded flow, the required velocity 

change for a given pressure-ratio change is increased by low efficiency and 
-AF = \/2gJh/rjn] the static temperature increase is also the change 
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associated with the actual enthalpy decrease rather than the ideal, and is 
At = hcp/rjn* Since the temperature conditions in the duct are known 
from these calculations, ai is also known, and the Mach number of the 
flow for any pressure ratio is readily calculated from the tables. 

Equation (59) for expanding flow also yields Mi by dividing through 
by ai = \/ gkJRti and introducing the value of ii/To from Eq. (60). 
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Similarly, the flow Mach number in the retarded-flow case is obtained 
from Eqs. (63) and (64), 
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In Fig. 32, the data of Fig. 31 are extended to flows for very small 
pressure changes, and the flow Mach numbers are also shown for different 
flow efficiencies. In Fig. 33, flow Mach numbers corresponding to the 
pressure ratios of Fig. 31 are shown, as well as the static temperature 
ratios for the same flows. The data for Figs. 31, 32, and 33 were taken 
from the enthalpy charts in the Appendix for air at 500°R total tem- 
perature. For air at 2000®R total temperature, the area/flow ratios are 
changed by only a negligible amount in Figs. 31 and 32; in Fig. 33 the 
flow Mach numbers should be increased by approximately 2 percent when 
total temperature is increased from 500® to 2000°R. The temperature- 
ratio changes are then larger by approximately 10 percent of the At from 
the chart. Therefore, at r\n = 1.0 and ^ = 0.6, the area factor is 1.74 
for both 500®R and 2000®R total temperature, the flow Mach number 
at 500®R is 0.887, and 2 percent greater or 0.906 at 2000®R. The tem- 
perature ratio is ^i/To = 0.864 at 500®R, and at 2000®R is 


0.864 + 0.1(1 — 0.864) = 0.878 approximately 

(the correct value is 0.880). The foregoing correction factors are reason- 
ably accurate for values of ^ between 1.0 and 0.3. 
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Many of the air flow problems in ducts or nozzles free of shock may 
be solved through the use of Figs. 31, 32, and 33. For example, in one 
expanding-flow case, the flow Mach number is known to be 0.15 at a 
particular station 1 where the area is 1.32 sq ft, and the nozzle converges 
continuously and smoothly to an area of 0.392 sq ft at station 2. With an 
estimated nozzle efficiency of 0.9, find the flow Mach number at the area 
0.392 sq ft and the static pressure ratio between the two stations. From 
Fig. 32, the flow factor at A = 1.32 is ^^poao/TFa = 6.6, and ^ is 0.982. 
Now the ratio of areas at the two stations is 0.392/1.32 = 0.297, and the 
area factor for the do^vnstream station will therefore be 


0.297 X 6.6 = 1.96 


From Fig. 31, the area factor 1.96 corresponds to a ^ of 0.7 at A = 0.392, 
so that the static pressure ratio between the two stations is 


0.7 

0.982 


- 0.713 


At ^ = 0.7 in Fig. 33, the flow Mach number is 0.685. Since tempera- 
ture ratios are also shown on Fig. 33, the mass flow is easily calculated if 
the total temperature or the static temperature at either station is known; 
absolute velocities are knowm from the temperatures and flow Mach 
numbers; the change in flow velocity is known between stations, and the 
momentum thrust of the flow through the nozzle is known from Wa^V/g 
with Wa in pounds flow per second. 

If, in the above example, the area at the smaller downstream cross 
section were specified as 0.25 sq ft instead of 0.392 sq ft, then the flow at 
station 1 could not possibly lead to M = 0.15 for a nozzle efficiency of 0.9. 
The ratio of critical throat area at station 2 to area at station 1 for rjn ~ 0.9 
from Figs. 31 and 32 would be 1.85/6.6 = 0.28. The smallest permissible 
throat area for M = 0.15 at station 1 would then be 

0.28 X 1.32 = 0.37 sq ft 

Reducing the area at station 2 below this value does not increase the flow 
velocity, but merely chokes the flow back to a smaller value by limiting 
the conversion of reservoir static pressure to velocity head in the throat, 
so that a smaller static pressure fall occurs. With a station 2 area of 
0.25 sq ft, the area ratio between stations 2 and 1 is 0.189; ^ at the throat 
is 0.55 for rfn = 0.9; Mach number at the throat is 0.915. The area 
factor at station 1 with area of 1.32 sq fc is 1.85/0.189 = 9.78, which on 
Fig. 32 corresponds to a flow Mach number of approximately 0.11 
(slightly off the chart) and a ^ of 0.991 (also off the chart). The static 
pressure ratio between stations 2 and 1 is then 0.55/0.991 = 0.555. 
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Assuming that this nozzle exhausts to the atmosphere at the minimum- 
area section at a ratio of atmospheric to reservoir pressure of ^ > 0.55, 
the above example no longer applies, and station 2 conditions then cor- 
respond to this higher ^ on Fig. 31, with corresponding flow Mach number 
at the throat or exit and with conditions at station 1 corrected accordingly. 

If, on the other hand, a larger static pressure difference exists between 
the reservoir and the atmosphere than is required for critical or choking 
flow conditions and \^2 is smaller than 0.55, there are several possibilities. 

It will be noted that for r)n = 0.9 in expanding flow, sonic velocity is 
reached for ^2 = 0.49. If the nozzle is simply terminated at station 2 
and the air exhausts to atmospheric conditions, between ^2 == 0.55 and 
^2 = 0.49, subsonic flows result at the nozzle exit with further expansion 
beyond the exit. However, the maximum possible momentum change 
does not take place within the nozzle, and therefore the momentum 
thrust of the flow through the nozzle is somewhat less than if the throat 
section were followed by a slightly divergent section, to meet the require- 
ments of the area-factor curve of Fig. 31 for complete expansion to 
atmospheric pressure. A static pressure difference between the flow 
static pressure and atmospheric pressure, effective across the entire exit 
area of the nozzle, serves in part to compensate for the loss of momentum 
thrust. 

Similarly, if the nozzle is terminated at the throat and the expansion 
pressure ratio \f/ is less than 0.49, then supersonic exhaust velocities will 
occur slightly beyond the end of the nozzle, usually accompanied by 
shock waves of intensities measured by the pressure ratio. As in the 
case of the subsonic exhaust beyond the minimum-area pressure ratio, 
momentum thrust is lost but partially compensated for by the static 
pressure excess across the nozzle exit. 

It is possible, however, to design a divergent section to follow the 
throat section if the expansion ratio ^ is small enough to result in super- 
sonic flows. The DeLaval nozzle of Fig. 34 is such a nozzle, and with 
careful design is practically shock-free in the supersonic section at the 
lower supersonic Mach numbers. If the expanding areas of the nozzle 
cross sections in the divergent section follow the requirements of Fig. 31, 
and if the final exit area matches the total available ^ as well as matching 
the critical throat area, the maximum exit velocity will be developed and 
maximum momentum thrust will result. If the nozzle is cut off too short 
at too small an exit area, velocity and momentum losses will result, 
accompanied by shock. If the divergent section opens up to too large 
an exit area, flow separation may take place accompanied by shock 
waves that restore the static pressure to atmospheric or higher than 
atmospheric pressure, with a consequent loss in thrust. 
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Retarded flows are handled in the same manner as expanding flows. 
The flow Mach number at a given cross section of the nozzle determines 
flow conditions at all other nozzle cross sections. The same restrictions 
that apply to choking flows at the nozzle throat for supersonic and near 
supersonic expanding flows also apply to similar retarded flows. Whep/ 
area ratios between entrance and throat section of the supersonic- 
retarded-flow nozzle are known and when the nozzle efficiency is also 
known, the pressure-ratio requirement for the critical flow condition is 



Fig. 34. Ideal flows in open DeLaval nozzle. 


known, and the static pressure recovery at any following subsonic diffuser 
section is known from Fig. 31. 

Subsonic retarded or diffusing flows are handled entirely in the sub- 
sonic area of Fig. 31, and only the diffusing- or divergent-flow section 
is used to convert velocity energy to pressure head. Of course, entirely 
subsonic flows can take place in converging-diverging ducts or in diverg- 
ing-converging ducts, but throttling is the only practical effect in flows 
without heat transfer. 

The efficiency of a duct or nozzle in converting pressure energy to 
velocity energy, or the opposite, depends primarily upon the shape of the 
nozzle and the type of flow through it. It is relatively easy to design 
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an expanding-flow nozzle for subsonic exit velocities with an efficiency of 
over 90 percent. A common figure for such nozzles is 95 percent. Under 
carefully controlled conditions, accelerated-flow nozzles have been tested 
with efficiencies between 98 and 99 percent. A converging nozzle for 
accelerated flow can be short with a rather rapid rate of cross-sectional- 
area decrease with length, and the efficiency will still be high. The 
section of the DeLaval nozzle in Fig. 34 between the reservoir and the 
throat is a good example of a convergent subsonic nozzle. Even with 
only a slightly rounded entry from the reservoir to the nozzle proper, 
there is practically no flow constriction or separation at the entry section, 
and high efficiencies are obtained at 98 to 99 percent 'of ideal mass flows. 
If a square edge is left at the junction of the nozzle and the reservoir, 
the flow will, of course, tend to separate from the nozzle wall immediately 
adjacent to the reservoir, and a flow contraction coefficient as low as 0.8, 
similar to the contraction coefficient for low-velocity flows in hydraulics, 
may then be a measure of the flow reduction. Ordinarily, this type of 
inefficient opening for air floAvs is not used in aerodynamics unless turbu- 
lence in the flow is desired. 

Retarded or divergent flows at subsonic velocities are entirely different 
however, and it is quite difficult to design even simple diffusing-flow 
passages with efficiencies higher than 0.85 except for the lower entry 
Mach numbers. Diffusers are frequently designated by the number of 
degrees taper on the diffuser walls; this is in some respects an unsatis- 
factory designation, since it gives no indication of the actual rate of 
area increase unless the cross section is also specified. For example, a 
circular diffuser with a 3-deg taper on the wall will expand from 0.74 to 
1.1 sq ft area in a length of 2 ft; the expected diffuser efficiency would be 
of the order of rjn = 0.73, while the diffusion effectiveness would be about 
0.71 for flow entry Mach numbers between 0.5 and 0.9. The diffusion 
effectiveness is the pressure-recovery effectiveness, or the ratio of actual 
static pressure increase to the ideal static pressure increase, Apaotuai/Apide«i. 
A better way to express the taper of this diffuser for estimating efficiency 
would be the average increase in number of diameters of the cross- 
sectional area per unit length of nozzle, or in the above case 


1.18 - 0.96 
2 


0.11 


A similar circular-section diffuser witli approximately the same 
ratio of entry area to exit area but of considerably greater length, so that 
the ratio of average diameter increase per unit length is 0.06 instead of 
0.11, would be expected to have an efficiency of r)n = 0.85 or better and a 
diffusion effectiveness of about 0.83 or 0.84, provided that a straight 
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nonturbulent entry flow is obtained. Giving this diffuser an even smaller 
taper and greater length to achieve the same diffusion and pressure 
recovery would, however, probably not result in a significant further 
increase in efficiency for air flows, since wall-friction effects contribute to 
efficiency losses, as do turbulence and flow-separation losses. The taper 
of a diffusing passage then becomes a compromise between a long diffuser 
with large viscous friction losses and low turbulence, and a short flow with 
low friction losses and a high order of flow separation and turbulence. 

A nozzle for accelerated or expanding flow, with the same area ratios, 
could easily have a diameter change/length ratio of —0.5 with much 
higher nozzle efficiency than the above long diffuser. The reason for 
this lies in the nature and direction of the friction forces that the duct 
walls exert on the flow boundary layer. In Fig. 35 a section of a nozzle 
wall is shown and lines of equal static pressure are plotted more or less 

vertically, while flow streamlines are drawn 
generally horizontally for subsonic flow con- 
ditions. In a subsonic flow increasing in 
area to the right, the static pressure increases 
from left to right, regardless of the direction 
of gas flow. Consider then a small element 
of gas volume AQ in the boundary layer near 
the duct wall. The static pressure gradient 
increases from left to right, so that the static 
Fig, 35. Flow conditions near pressure on the right-hand end of this element 
curved boundary surface. volume is greater than the static pressure 

on the left end of the element. There is, therefore, an accelerating 
force on the element AQ tending to move it to the left. Now if the general 
flow direction is to the right, as in a diffusing or retarded flow, any flow 
friction between the duct wall and the boundary layer of gas, enclosing 
the small element, will tend to decrease its velocity to the right still 
further, and eventually AQ may lose all its kinetic energy in overcoming 
static pressure rise and boundary-layer friction. While the boundary 
layer has been slowed down greatly due to friction, the main body of gas 
flowing in the duct has retained a higher average velocity with smaller 
friction losses and therefore has maintained the static pressure rise shown 
from left to right for the expanded-flow area. This static pressure 
differential exerts itself on the stalled boundary layer and accelerates 
elements of it to the left in a direction contrary to the general flow direc- 
tion. This backflow starts up flow eddies, which can completely ruin 
the flow pattern in a poorly designed diffusing duct. Since the flow- 
reversal accelerating force per unit element of stalled boundary-layer 
volume is proportional to Ap/AL, the slower the rate of area change with 
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length, the smaller the rate of static pressure change and the smaller the 
flow-reversal tendency. Hence the higher efficiency of long diffusers. 

In the case of expanding or accelerated flow, however, while the 
boundary-layer friction forces tend to slow down the flow in the boundary 
layer, the static pressure differential along the nozzle wall still tends to 
accelerate the stalled boundary-layer elements to the left, in the direction 
of the main flow. Thus, while friction forces result in energy losses in an 
expanding-flow nozzle, they do not add to flow difficulties in the cumula- 
tive manner experienced in diffusers. Static pressure forces in an 
accelerated-flow nozzle tend to reduce the ill effects of boundary-layer 
friction; while in the retarded or diffusing nozzle, they aggravate the 
effects of boundary-layer friction. 

The static pressure differential acceleration of the boundary layer, 
which may result in flow reversals in diffuvsing or retarded flow, can cause 
local relative velocities between the boundary layer and the main flow to 
approach M = 1 at average flow velocities far below this number. 
Therefore, thickening of the boundary layer, flow separation, and large- 
scale disturbances of the flow pattern are almost inevitable at high flow 
velocities. Conversely, boundary-layer accelerations in the expanding- 
flow nozzle decrease the velocity difference between boundary layer and 
main flow, and therefore decrease the frictional shear forces in the 
boundary-layer region. 

The same direction of static pressure gradient as in subsonic flow's 
exists in supersonic flows, so that although the supersonic-accelerating- 
flow nozzle has a diverging or increasing flow passage area in the direction 
of flow, the boundary layer is still accelerated and high efficiency is 
possible. Retarded supersonic flows are subject to retarded- and 
reversed-flow boundary layers, as in the subsonic case. A supersonic 
diffuser that does not have shock waves entering into the diffusion process 
is a rarity. 

10. Gas Flow with Heat Transfer. In the previous discussions of gas 
flows, a condition of zero heat transfer was assumed between flow stream- 
lines or between the flow and the duct walls. The total or impact tem- 
perature remained constant, and relatively simple solutions exist for 
various types of flows. When heat is added or removed from a gas flow, 
the total temperature changes, and velocity and volume changes also 
result. 

If flow velocities are low in a duct of uniform cross section, a rela- 
tively simple inexact solution can be found that is suflSciently accurate 
for all practical purposes (when the flow Mach number does not exceed 
0.2 or 0.3). When friction may be neglected, the length of the duct 
through which the heat is added or subtracted is unimportant, and only 
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the entering and leaving conditions need be taken into account for steady 
flow in a duct of uniform cross section. 

Therefore, for the simplified case, the change in total pressure from 
one end of the duct to the other, useful in heat-engine combustion prob- 
lems, is derived as follows: Uniform mass flow requires that piFi = P 2 F 2 ; 
also the total pressure head at any section is the sum of the static head 
plus the velocity head Pi = pi + ipiF?. 

The difference in static pressure heads between two stations is equal 
to the momentum change between the two stations 

Pi — P 2 = P 2 VI — piVl (69) 

The momentum total pressure change across the heat-transfer section 
is then 

AP = Pi- P, = (pi + hiVl) - (p2 - ip2Vl) (70) 

Substituting the value of pi — p^ from Eq. (69) into Eq. (70), 

AP = - piF?) = ^piFf (71) 

Now if the flow velocity is low, so that the change in static pressure 
between stations 1 and 2 as well as the velocity component of tempera- 
ture may be neglected, Eq. (71) may be rewritten 

The approximate ratio of the momentum pressure change AP to the 
total pressure at the inlet is then 



The addition of heat, either by chemical reaction or by transfer 
through the duct walls, then results in a drop in total pressure in the 
direction of flow (AP = Pi — P 2 ). Conversely, cooling the flow results 
in an increase in total pressure. The value of AP/Pi from Eq. (72) is 
smaller than the true value. 

For higher flow Mach numbers, where full account is taken of the 
compressibility effects in the gas flow, exact solutions of the flow param- 
eters are as follows: The momentum equation for the pressure change 
required by the acceleration (resulting from the volume change) is 

pVdV = -dp (73) 

Flow in a constant-area duct requires that the product pV = constant, 
so that pV in Eq. (73) may be so treated and integrated 
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>rf;:dv=- {"ip 

PtV\ — piFf = — P2 + Pi 
Since pF® = if p is in slugs, Eq. (74) is then 

kpiM\ — kpiMl = Pj — pi 

Therefore 

pi _ 1 + kM\ 

P2 1 + kM\ 

The mass flow rate per unit area through a section of a duct is 


( 74 ) 


(76) 


T7 P Tir P Tir 

— = pV = -iy aM = ^ ^ ikf 

A lit y/Rt 

Wa fR _ /I + [(A: - 1)/2]M2 
pA ylgk \ r ■ 


(76) 


Since (Wa/A) \/ (R/gk) is constant for steady flow, Eqs. (75) and (76) 
may be combined 


Pi _ M 2 lTi{l + [{k - ~l)/2]Ml) __l+kMl 
P2 il/i V7^2(r+ [{k - l)/2]Mi) 1 + kM\ 

7^2 _ 1 + [(A; - 1)/2]M1 [^2(1 + kMDV 
Ti i + [{k - '1)/2]A/1 L^i(l + kMl)\ 

The variation oi M 2 with the temperature ratio T 2 /T 1 from Eq. (77) for 
different values of ilfi is plotted on Fig. 36. At low values of flow 
velocity before heating or cooling, quite large changes in total heat may 
take place with only small effects upon the flow. However, at high sub- 
sonic flow velocities, and especially at Af 1 > 1.0, small changes in total 
temperature have comparatively large effects upon the flow. 

Addition of heat results in a change of flow Mach number toward the 
sonic flow condition, or M 2 = 1.0, whether the entering flow is subsonic 
or supersonic. For subsonic flows near the acoustic velocity and for 
supersonic flows up to very high values, only a small change in heat is 
required for a relatively large change in flow Mach number. For exam- 
ple, a flow with Afi as high as Afi = 1,000, would require only slightly 
more than a 2: 1 total temperature change to reduce M 2 to 1.0. 

Conversely, heat subtraction or cooling in the supersonic region 
results in a rapid increase in flow Mach number. Cooling of a subsonic 
flow results in a decrease in flow Mach number. Cooling of a sonic flow 
can result in either acceleration or deceleration; the practical factors of 
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viscosity and thermal conductivity, which were neglected in the deriva- 
tion of Eq. (77), combined with the pressure conditions in the duct 
downstream, will determine the direction of flow change. 

It is impossible, through the continuous addition of hdat in a duct of 
uniform cross section, to raise the flow Mach number beyond 1.0. Heat- 
ing followed by cooling is necessary in order to raise a subsonic flow 
through the sonic condition into a state of supersonic flow. 



0 0.2 0.4 0.6 9.8 1.0 2.0 3.0 4.0 

4 TEMPERATURE RATIO i 
— COOLING HEATING ►h 


Fig. 36. Flow Mach numbers in a constant-area air flow witli heating or cooling; M\, 
entering Mach number; M 2 , leaving Mach number. 

If the flow area of the duct changes as the total heat of the flow is 
changed, it is possible for a flow Mach number to pass into the supersonic 
region, but this is in spite of the addition of heat, not because of it. An 
increase in flow area offsets an increase in heat as far as flow Mach 
number is concerned, and a decrease in area has the opposite effect of 
cooling a gas flow. 

dM^ 1 + (dT dA\ 
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The change in entropy of a steady flow of compressible fluid in a duct 
of constant cross section can be written 


AS = Cp log 



= Cp log. 


Mlil 4- hM\) 
M \{1 + mi) 


t+i 

k 


k + i 
k 


(79) 


The entropy is found to have a maximum, and only one maximum, in 
terms of M 2 when M 2 = 1.0. Therefore, the further addition of heat at 
M 2 = 1.0 is impossible. This might indicate that the flow is incapable of 
absorbing more heat after M 2 = 1.0. Actually, a choking flow condition 
occurs similar to the flow in the critical or throat section of a DeLaval 
nozzle. When M 2 approaches 1.0, the pressure, density, and velocity 
conditions upstream readjust to permit If 2 = 1.0 with the final increment 
of heat addition in the duct, in a manner analogous to the adjustment of 
compressible adiabatic flow through a nozzle of varying cross section. 
The maximum possible flow through the duct then corresponds to the 
conditions of Eq. (78) when Af = 1.0 and T is the total temperature after 
all heat additions have been made. Thermal choking is not usually 
encountered in gas turbines, but it is of considerable importance in 
rockets and ramjet engines or athodyds, and possibly when fuel is burned 
in the tail pipe of a turbojet engine. 

At the same time that the flow Mach number is changing with the 
addition of heat, the other properties of the flow are undergoing change. 
Since M 1 , M 2 , Ti, and T 2 are known from Eq. (79), it is possible to calcu- 
late flow velocity, static and total pressures, static temperature, and 
gas density. 


P 2 _ 1 + kM\ 

Pi 1 + kMl 
k _ [^2(1 +fcM5)]* 
k lMi{l+kMl)\ 
pj _ 1 + mi (Mf\ 

PI 1 + mi \MiJ 



F, __ Pi _ 1 + mi (M(\ 
Fi P2 1 + mi \MiJ 


(80) 

( 81 ) 

( 82 ) 



( 84 ) 
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A somewhat more commonly used relation for P 2 and Pi is the expres- 
sion for the ratio of total pressure change to the initial total pressure 


Pi 



1 

1 + 


1 + kMl 
1 + kMl 


(85) 


The functions of Eqs. (80), (81), (82), (83), and (84) are plotted against 
Tz/Ti in Fig. 37 for Mi — 0.2. The same ciuantities are plotted on 
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Fio. 37. Ratios of state variables in constant-area air flows with heating or cooling for 
initial flow Mach number Mi = 0.2. 


Fig. 38 for a higher subsonic Mach number at entry Mi = 0.4, and in 
Fig. 39 for supersonic flow with ilf i = 1 .4. 

Static pressure, total pressure, and density decrease continuously with 
the addition of heat to a subsonic flow. The flow velocity increases with 
heat addition in the subsonic-flow case, and the static temperature also 
increases until M 2 = After the flow velocity reaches this value, 

the static temperature decreases with further heat additions, until 
M 2 = 1.0 and thermal choking takes place. This apparently anomalous 
action of static-temperature fall with the addition of heat takes place 
through a very limited range of heat addition within which the flow 
velocity increases approximately 16 percent, to the sonic velocity. The 
quantity of heat added to the flow in this range is insufficient to provide 
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the necessary increase in kinetic energy due to the velocity change. 
Continuity, mass, and energy conservation requirements then result in 
an additional increment of mechanical energy through expansion and a 
drop in static temperature. The sharp drop in static pressure that 



Fig. 38. Ratios of state variables in constant-area air flows with heating or cooling for 
initial flow Mach number Mi = 0.4. 


accompanies the velocity and static temperature changes in the region 
1.0 > Jlf 2 > l/\/fc makes the nature of these effects evident. 

When the flow is supersonic, total pressure and velocity decrease 
with the addition of heat, while static pressure, static temperature, and 
density increase. It is apparent that velocity energy is being changed to 



Fig. 39. Ratios of state variables in constant-area air flows with heating or cooling for 
initial flow Mach number Mi = 1.4. 


static-pressure energy. Cooling the flow instead of heating reverses 
these effects. 

The loss of total pressure with heat addition is a consequence of 
greatest moment when fuel is burned in the combustion chamber of a 
gas turbine. The drop in total pressure from Fig. 37 for the case of 
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ilfi = 0.2 and = 0.4 with a temperature ratio of 3:1 (beyond the 
upper limit in present conventional gas-turbine cycles) is 7 percent. 
The approximation of Eq. (72) indicates a total pressure loss of 5.6 
percent. When ilfi = 0.2 and the temperature ratio is 2: 1, il /2 is equal 
to 0.3, approximately, and the total pressure loss is 3.5 percent; Eq. (72) 
yields 2.8 percent loss (a result lower than the actual loss even at 
Ml = 0.2). This total pressure loss, usually referred to as momentum 
pressure loss, represents a decrease in available energy in the gas flow 
as it approaches a turbine inlet or jet nozzle and is therefore an important 
quantity. 

11, Gas Flow with Boundary Friction. No gas flow is entirely free of 
friction losses. The losses commonly assigned to friction in flow through 
ducts usually include some turbulent losses as well as those due to the 
viscous shear forces acting along the duct walls. The friction factor /, 
which appears in the common coefiicient 4/L/i), has been determined 
experimentally for a great many different flow conditions in ducts. It is 
in general agreement with theory, decreasing with increasing Reynolds 
number of the flow but relatively independent of Mach number in 
subsonic flows (when the Reynolds number is held constant), except that 
lower values are reported for supersonic flows. Characteristic values of 
/ for incompressible flows at various Reynolds numbers are expressed in 
the Kdrmdn-Nikuradse relation 

1 = -0.8 + 2 login (RN v^) 

V4/ 

where RN is Reynolds number and /is the friction factor for smooth-wall 
ducts. The values of / for compressible air flows are in close agreement 
with those for incompressible flows below Mach 1.0. At RN = 5 X 10^, 
/ is equal to 0.005; at RN = 10®, / = 0.0044; and at RN = 2 X 10®, 
/ = 0.0039. 

A relation between duct and flow parameters can be written in terms 
of the friction coefficient for the duct, but it is an unwieldy expression 
that does not lend itself to the ready solution of flow problems. The 
general results can, however, be plotted on a chart in a convenient form 
for comparatively rapid solutions of many flow problems. This method 
requires the use of the restriction factor K of the pipe or duct. 

The restriction factor of a duct or opening is the ratio of the mass 
flow of air or gas through the opening to the maximum mass flow possible 
at the same total pressure and total temperature. The maximum flow 
possible in a duct is obtained when Af = 1.0 (usually the smallest cross- 
sectional area of the duct is taken for the passage if it is not of uniform 
section with length). The mass flow through an area A was expressed 
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in Eq. (76) in terms of total temperature, flow Mach number, and the 
static pressure; by introducing the relation between total pressure, static 
pressure, and ilf, Eq. (76) may be rewritten as 

Wa = APM (86) 

If M is made equal to 1.0 in Eq. (86), and if /: = 1.4, while P and T 
are written as corrected total pressure and temperature, then 

IFa.uiax = 49.3A -4= Ib/sec 

Ve 

The restriction factor at the duct exit is 


* 49.3A2 5 


(87) 


where Wa = total actual mass flow, lb of air per sec 
.42 = area of section, sq ft 

6 = ratio of total absolute pressure at exit section of duct to 
standard sea-level atmospheric pressure (14.7 psi or 2,117 psf) 
0 = ratio of total temperature of flow to standard sea-level 
atmospheric temperature (620®R) 

The total pressure ratio through the duct, P 1 /P 2 , is plotted in Fig. 40 
against flow expressed as the restriction factor K 2 for various values of 
where / is the duct friction factor and L and D are length and 
diameter of the duct, respectively, in the same units. The value of / 
depends upon the Reynolds number (discussed on page 9), varying 
slightly with the flow velocity through the duct. The mean flow velocity 
is commonly used. The usual value of / encountered in inlet ducts to 
aircraft gas turbines is of the order of 0.005. 

Through the use of Fig. 40, with flow conditions at the duct exit 
known, the required conditions at the duct inlet may be established from 
the ratio of total pressures P 1 /P 2 on the plot. The loss in total pressure 
due to friction may also be expressed as an efficiency loss and made a 
part of the over-all efficiency factor of a complete piece of apparatus, 
such as a compressor or turbine, when the duct is an integral part of the 
device. Ordinarily, however, straight-duct flow problems are more 
readily solved through the use of P 1 /P 2 directly. 

If the duct is not round, an equivalent diameter D must be found. 
If D equivalent is made equal to 4m, where m is the hydraulic radius of 
the duct (m = area/perimeter), reasonably satisfactory results vnll be 
obtained. When the duct includes turns, bends, and obstructions such 



64 


GAS TURBINES FOR AIRCRAFT 


as screens, an equivalent value for / must be selected based upon experi- 
ments or published data for such deviations from a straight duct.^ 

Flow friction in a duct converts directed energy of flow and pressure 
to random heat energy and thus results in an entropy increase of the flow. 
Maximum entropy occurs in a friction flow process when M = 1.0; 
therefore, duct friction tends to bring the flow to sonic velocity, acceler- 
ating the flow in the case of subsonic flows and retarding it in the case 
of supersonic flows. There is, therefore, a maximum length for a straight 
duct that can be traversed by a given flow before sonic velocity is reached 
and a choking condition occurs, similar to the choking flow in ducts with 
heat addition. This condition is reached in Fig. 40 when K 2 = 1.0. 



p./pg 

Fig. 40. Flow restriction factor Kz for air (A; = 1.4) at exit of constant-area duct as a 
function of total pressure ratio across duct for different friction factors. {General Electric 
Company.) 

Friction in diffusers and nozzles is usually represented by an effi- 
ciency factor in the conventional adiabatic compression and expansion 
equations, but the magnitudes of friction effects may be evaluated directly 
in such processes. If a diffuser or nozzle is too long, friction may entirely 
destroy the effect, for certain flows, for which the flow passage was 
designed. This is particularly unfortunate in diffusing-flow passages, 
which must usually be relatively long to avoid flow separation. The 
velocity change in the flow with distance or flow-passage length may be 
expressed as follows, with m the hydraulic radius of the passage: 

dV __ {Sk/2m)M^ - {\/A){dA/dL)'\ 

dL ^ 1 - ilf2 J 

^ See N AC A ReporU L-208 and L-23. 
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If the duct is straight and dAjdL is zero, dV /dL increases when 
M <l and decreases when M > 1. In subsonic nozzles, for accelerated 
flow, both friction and the rate of change of area are in the same sense 
and result in rapid flow acceleration, especially near M = 1.0. 

Subsonic diffusers are different, in that friction losses tend to accelerate 
the flow (not to be confused with the flow-reversal forces on the boundary 
layer due to friction), and diffusion will not occur when 

fkM^ ^ I dA 
2m > A dL 

This means that for a conical diffuser, the tangent of the wall angle must 
be equal to or greater than fkM^/2 or diffusion will not take place. 

The supersonic diffuser experiences deceleration from friction and 
also from area change, so that the wall angle may be smaller or even zero 
when friction is present. The supersonic accelerating nozzle, however, is 
limited by the same conditions as in the case of the subsonic diffuser, 
and too small a wall divergence angle will result in a retarded rather than 
an accelerated flow. 

These effects of friction on nozzle and diffuser flows should make 
more apparent the basic reasons for the fact that sonic flows in DeLaval 
and reversed DeLaval nozzles occur slightly downstream from the mini- 
mum throat section when the duct efficiency is less than 1.0. 

12. Ram Flow into Ducts. A problem frequently encountered in 
connection with aircraft in flight is the determination of air flows into a 
duct inlet, with the flow rate due at least in part to the ram pressure of 
forward flight. The shape of the duct inlet, the presence of obstructions 
directly ahead of or near the inlet, and the design of aircraft structures 
around and behind the duct exert major effects upon the flow into the 
duct. 

However, if a duct inlet is relatively clear of interference from nearby 
aircraft structure and presents an entry to the airstream that does not 
result in large stagnation areas around the opening, such as would result 
from a relatively small opening in the nose of a very blunt body, ram 
efficiency in the flow external to the duct is usually very close to 100 
percent. This condition of efficient free stream flow up to the actual 
inlet can and frequently does exist at the same time that internal duct 
losses and external drag losses result in low over-all efficiency. 

A simple case is that of ram inlet flow into a straight duct with friction 
loss. A flow characteristic can be calculated for the duct or determined 
experimentally to yield a restriction factor, which may be plotted against 
pressure ratio, as in Fig. 40; one line on the chart would ordinarily repre- 
sent the characteristics of a given duct. Such a duct is shown schemati- 
cally in Fig. 41 with the inlet at station 1 facing into the relative wind of 
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forward flight. Also shown are the air-flow streamlines ahead of the 
entry. These are projected sufficiently far ahead of the duct entry that 
they may be assumed to be essentially parallel and undisturbed at sta- 
tion 0. 

The flight speed is ilfo, so that the relative wind at station 0 is ilfo, 
the atmospheric static pressure is po, ambient static temperature U, and 
the total pressure and total temperature are connected to the static values 
through Mo. It will also be observed that T, the total temperature, is 
constant with the value To at all stations if there is no heat addition or 
subtraction through the duct walls. The static pressure at the duct 
exit is also the atmospheric static pressure po, since, in this case, all flows 
are assumed to be subsonic. 

It is apparent that flow conditions at the duct entry may be connected 
to conditions at both station 0 and the duct exit through several variables. 



Fig. 41. Ham flow through open duct. 

For the duct itself, the flow restriction factor Ki at the inlet is found by 
experiment or calculation as a function of P 1 /P 2 . If A 2 is known from 
Fig. 40, Ki is obtained through the relation K\ = A' 2 (A 2 /Ai)(P 2 /Pi). 

The restriction factor may also be expressed in terms of Mach number 
and of the ratio P/p at the particular flow section in question. K is the 
ratio of the right-hand side of Eq. (86) to the same function with M made 
equal to 1.0. 

i+fc 

K = ^{1 +[(fe- 1)/2]MM^-^" (gg, 

{l + [(A;-l)/2]}^^ 

If the flow is expressed in terms of the ratio P/p of total pressure to static 
pressure instead of in terms of M, as in Eq. (88), the restriction factor 
may be rewritten 


_ V[2/(fc - l)][(P/p) ^ - (P/p) ’**] 

{1 + [{k - l)/2]}2^ 


( 89 ) 
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K is plotted against P/p in Fig. 42, and a scale is also shown connecting 
M with K and the pressure tatio. 

With Ki and K 2 known, the pressure ratios P\/p\ and P 2 /P 0 can be 
found from Fig. 42 or calculated from Eq. (89). The ratio Pi/po is then 
found from Pi/po = (P2/P0) (P1/P2) where P1/P2 is obtained from Fig. 40. 
The flow restriction factor K\ is plotted against the pressure ratio Pi/po 
in Fig. 43 for a representative range of values of 4/L/Z>. 

If very high free-stream diffusion efficiency is assumed ahead of the 
duct inlet, there is negligible loss of total pressure head at any point in 

M 



P/p 

Fig. 42 . Relationship of flow restriction factor to flow Mach number and total/static 
pressure ratio. 


the free stream flow. The ratio Pi/po for the free stream flow is then 
constant at any point in the flow for a given flight Mach number ilf 0 and 
is connected to ilf 0 through the familiar adiabatic relation of total to 
static pressure. This makes it possible to put a scale for ilf 0 directly on 
Fig. 42 along with Pi/po. 

With a given duct of known 4/L/D, the inlet flow restriction factor is 
taken from Fig. 43 for any given subsonic flight Mach number by entering 
at the required ilfo, going along the corresponding Pi/po value to the 
restriction-factor curve for the duct of given 4/L/f), and finding Ki for 
that duct at this value of Pi/po. The restriction factor Ki of the chosen 
duct may thus be found for each flight Mach number ilfo. The actual 
mass flows through the duct inlet of area A 1 are then calculated by enter- 
ing correction factors and 5o into Eq. (87) along with the values of fCi 
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obtained above; Oo is the ratio of the total ram temperature to 520®R, 
and So the ratio of total ram pressure to the standard sea-level pressure. 


_ toll + [{k- l)/2]Ml\ 

520 


So 


Poll + [{k - l)/2]Mgl*-^ 

14.7 


when po is in pounds per square inch. 


Mq 


0 02 0.4 0.5 0.6 0.7 0.8 0.9 1.0 



P|/Po 


Fia. 43. Restriction factor for inlet of ram duct as a function of flight Mach number Mo 
and the ratio of total inlet pressure to atmospheric static pressure for ducts with different 
friction factors. Ideal free-stream diffusion is assumed. 


The mass flow in pounds per second is 

Wa = 4Q.ZKiAi 

V9o 

= 76.5KiAi 

vr«\ 

Mass flows per unit area for air at selected values of 4fL/D are plotted 
against ilfo in Fig. 44 (standard atmospheric conditions). Flows at 
other static temperatures and pressures are found by calculation from 
Eq. (90) or by multiplying the data of Fig. 44 by the correction factor 


— 1 \ ^+1 

-^ikTgW-i) (90) 
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d/\^, where 5 is po divided by standard pressure (14.7 psia), and 6 is 
to divided by standard static temperature (520®R). 

The above method of estimating ram air flows through ducts, etc., 
yields a good approximation to actual flows if a reasonably accurate value 
of 4/L/D can be assigned to the internal flow process and all the entrance 
diffusion takes place in the free stream flow. High efficiency in the free 
stream process is due to the fact that fixed boundary walls do not sur- 
round the diffusing flow streamlines of Fig. 41. The adjacent streamlines 
are moving with almost the same velocities, and consequently there is 



Fig. 44. Ham air flow per unit area through ducts with various friction factors as a 
function of free-strcam Mach number. 

very little viscous shear force between streamlines and a minimum of 
boundary-layer drag and flow reversal. 

When losses in the free stream process are too large to be neglected, 
or when a diffuser or duct with losses also precedes the section for which 
restriction-factor data are available, the efficiency of that process must be 
taken into account. This could be the case when a substantial part of the 
air entering the duct is boundary-layer air, or when a long duct connects 
a compressor inlet with the flow entrance. The total pressure Pi at the 
compressor inlet no longer corresponds to Po, and it becomes necessary to 
work out an over-all restriction flow factor at -4 1 in terms of the free 
stream flow plus any ducting that may be connected to it. 

A restriction factor may be worked out for a free-stream-flow process 
of given efficiency by calculating the actual pressure ratios and losses for 
specific values of ikfo and Mi, This may be accomplished fairly readily 
through the use of Figs. 32 and 33, where flow Mach number is plotted 
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against the ratio of static pressure at flow M to the total reservoir or 
stagnation pressure at selected values of flow efficiency. For example, 
flow restriction factors K may be plotted for a fixed flight Mach number 
ilf 0 against Pi/po. The Mach number ilf i is known from Fig. 41 for each 
value of K\ (the P/p values of Fig. 41 are, however, correct only for 
100 percent efficient flows). The pressure ratio = Po/P for ikf o is 
found from Fig. 32 or Fig. 33 on the proper flow efficiency curve. The 
ratio ^1 = pi/P for M\ is found on the same efficiency curve, where P is 
the hypothetical reservoir pressure for the duct or flow process of given 



P|/Po 

Fia. 45. Restriction factor for inlet of ram duct as a function of the ratio of total inlet 
pressure to atmospheric static pressure for various values of free-strcam Mach number and 
free-stream diffusion efficiency. 

efficiency. If Mi is greater than Mo, the expanding-flow curves are used, 
and if Mi is less than Mo, the retarded-flow curves are used. The ratio 
of static pressures pi/po is then equal to (pi/P)/(po/P) = ^i/^o. The 
actual pressure ratio Pi/pi at station 1 for Mi is then found from Fig. 41, 
or as 1/^ for rj = 1.0 on Fig. 32 or 33. The desired pressure ratio Pi/po 
at section 1 is then obtained by multiplying the above values of Pi/pi and 
Pi/po together. Restriction factors are plotted on Fig. 45 for selected 
values of Mo and flow efficiency. Expanding flows are shown in the area 
above the dashed line and retarded flows below this line. The flow 
conditions along this dashed line correspond to forward flight at exactly 
the right Mo to equal Mi, so that the air inducted by the engine or com- 
pressor undergoes no change in state between stations 0 and 1 and there 
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is no energy loss regardless of the stated efficiency of the free stream 
flow, because there is neither diffusion nor expansion. 

The duct-efficiency definition used in calculating data for Figs. 32 and 
33 is the ratio of the actual pressure energy change to the kinetic energy 
change in a retarded-flow process, and is its reciprocal in an expanding- 
flow process. This is a reasonably satisfactory definition for the efficiency 
of a variable-area duct when there is a continuous change in flow Mach 
number from one end of the duct to the other without reversals in the 
rate of change; it also fits the free-stream-flow case fairly well, although 
such flows are usually assumed to be 100 percent efficient. It is not a 
good definition for flow efficiency for uniform long ducts or for flow 
passages that change in area very slowly with length. Here friction is a 
large factor, and severe losses can occur with but minor changes in flow 
Mach number. There is no really satisfactory efficiency definition for 
this kind of duct, and a friction flow factor is the usual means of handling 
the problem. 

However, the flow of a free-stream diffuser of less than 100 percent 
efficiency into a simple friction flow duct may be estimated by matching 
Ki and Pi/po of Figs. 43 and 45 against each other for any chosen values 
of 4fL/D and free-stream efficiency at various values of Mo. The 
restriction-factor curve of the specified duct can be transferred from Fig. 
43 to Fig. 45 to obtain the crossing points on the Mo lines at the specified 
flow efficiency. 

When an inlet duct is followed by a compressor, turbine, combustion 
process, heat exchanger, or combinations of these elements, the simple 
friction factor 4/L/Z) is no longer adequate to describe the flow process. 
A practical solution is to calculate the inlet restriction factor in terms 
of Pi/po for the specified operating conditions, or better yet to measure 
the actual flow characteristics of the device complete with all inlet ducting. 
The restriction factors thus found may be plotted against Pi/po on 
Fig. 44 to determine actual flow restriction factors at all flight Mach 
numbers. It should be pointed out that when the mass flow is calculated 
from the restriction factor, Eq. (90) is accurate only for free stream flows 
with ry == 1.0. The factor for is correct, but 5o is incorrect, and Pi 
should be obtained directly from Fig. 45 as the pressure ratio Pi/po 
multiplied by the atmospheric pressure po. Equation (90) would then 
be rewritten 


Wa = 49.3A:iAi 


Pi Po 
P o 14.7 VtI 



( 91 ) 
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The flow characteristic of a gas turbine is complex and difficult to 
calculate accurately. However, flows of some types of jet engines and 
turboprop engines may be estimated in a rough way if several simplifying 
assumptions are made. It is assumed that constant shaft speed N can be 
maintained under all flight conditions that are to be investigated; the 
absolute shaft speed N in rpm is to be held constant, not the corrected 
speed JVoorr common in dimensional analysis. This may be done in a jet 
engine by controlling the turbine inlet temperature or adjusting the 
exhaust nozzle area, or both. A turboprop engine’s rpm is controlled by 
means of turbine inlet temperature and propeller pitch. A second 
assumption is that Reynolds-number variations do not influence the 
flow, and the third assumption is that the compressor is a rigid pump that 
passes a constant volume of gas through its inlet area A 2 once the speed 
N is fixed. 

Actually, many axial-flow compressors have flow characteristics that 
closely approach the constant Q/N characteristic of the last assumption. 
Centrifugal compressors are not usually as stiff regarding flow charac- 
teristics, although through a restricted operating range, even the centrif- 
ugal compressor may be considered a constant-volume pump at constant 
speed without introducing extreme errors. 

If the volumetric flow at the compressor inlet is constant, then 
the inlet velocity F 2 is also constant; this is another way of saying that 
flow angles relative to the impeller vanes or rotor blades do not change. 
We may now derive the inlet flow conditions for a constant-volume 
compressor. 

= F 2 = a2M2 — M 2 y/ gkRt2 
A2 

Introducing the relation between T 2 and t 2 for a flow of ilf 2 . 

If there is no conduction of heat through the duct walls bringing the air 
to the compressor inlet, T 2 is the same as To, the ram total temperature 
of the atmosphere at flight speed Mo] the relation between to and To at 
Mo is then written into the above equation. 




+ [(k - l)/2]Ml 


l + [(k- l)/2]Mi 
Ml 


+ [{k - \)/2]Ml 
k 




Equation (92) is exact for a rigid compressor, so that if the inlet flow 
Mach number is known at zero flight speed, or for any other value of 
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Moy the inlet Mach number may be calculated for the entire range of 
flight speeds. This calculation has been made for several different static 
inlet flow conditions, and the results are plotted on Fig. 46 against Mq, 
For convenience in reading the chart, AM 2 is plotted instead of M 2 , and 
the value of ilf 2 for a selected flight Mo is found by subtracting AM 2 at 
that Mo from the original value of M 2 at Mo = 0. Restriction factors 
for the same compressors are plotted in the same way. It is of interest 
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Fig. 46. Variations in compressor inlet restriction factor and flow Mach number for 
various static inlet conditions and flight speeds. Flow process ahead of inlet assumed 
loss-free. 


that the inlet flow Mach number decreases with increasing flight speed, 
is down by approximately 2 percent at Mo = 0.5, and is down by approxi- 
mately 5 percent at Mo = 1.0. 

The flow velocity 72 at the compressor inlet does not change with 
increasing Mo; the ram temperature rise increases the acoustic velocity 
in air at the inlet at the same rate that M 2 decreases. The static tem- 
perature t 2 at the inlet influences the density of the air flow, however, 
and thus the mass flow. 

The largest single factor influencing compressor flow is the ram 
pressure rise due to flight velocity. A complete loss of ram pressure rise 
will result in an actual reduction in mass flow vdth increasing flight speed, 
owing to the adverse effects of ram temperature rise. An efficient pres- 
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sure recovery with low duct losses may result in an increase in the mass 
flow of the order of 60 percent between Jlfo = 0 and ilfo = 1.0. 

If the compressor inlet is the actual entry point of the free stream flow 
in flight, the mass flow is readily computed through the use of Fig. 44 
and the restriction factor K 2 , either calculated or read from Fig. 45. For 
a given ilfo and corresponding K 2 at the inlet, a corresponding K\ on 
Fig. 45 is used to find the ratios of Pi/po (for the same flight Mach 
number Afo and at the assumed free-stream-flow efficiency 17). Usually 
rj is very close to 1.0. The mass flow through the compressor inlet then 
is related to the compressor flow at zero flight speed by the equation 


= — ^ /—A 

Po Vl + l(A: - l)/‘2]Ml 


(93) 


where Pilpo is obtained from Fig. 44. If 7 ; = 1.0, Pi/po is ecpial to 

k 

{1 + [(A; — l)/2]Af§}^“^ for all values of K 2 and is the value of P/p on 
Fig. 41 for matching values of M. 

Frequently, a long inlet duct connects the compressor inlet with the 
air scoop that takes air from the free stream flow. A friction factor 
4/L/D is measured or calculated for this section of duct, and if the 
upstream area is Ai and the downstream end has an area A 2 to match 
the compressor inlet, the flow restriction factor at Ai may be found by 
entering Fig. 40 at K 2 and finding P 1 /P 2 for the appropriate value of 
4/L/D. Ki is then equal to K 2 (A 2 /Ai){P 2 /Pi). This is the value of 
Ki that is used on Fig. 45 to find Pi/po for the corresponding flight Mo 
at free-stream-flow efficiency tj. Equation (92) would then be revised 
for the mass flow to include the correction terms for the presence of fric- 
tion in the inlet duct. 


W =(^\ 

Po Vl + [(fc - i)rAMi 


(94) 


As an example, an hypothetical axial-flow gas-turbine jet engine with 
a rigid compressor inducts 1 50 lb of air per second on the test stand under 
standard atmospheric conditions at rated shaft speed. There is no inlet 
duct ahead of the compressor except for a rounded entry nozzle to hold 
entrance losses to a minimum value. The inlet flow velocity is approxi- 
mately 400 fps at an inlet M 2 = 0.37, which corresponds to a restriction 
factor of if 2 = 0.63 for an inlet area A2 = 4.83 sq ft at Afo = 0 and with- 
out inlet duct. This engine is then installed in an airplane, with an inlet 
duct 10 ft long and 2.48 ft in diameter at the compressor inlet. Since 
the design speed of the aircraft is in the range of 500 mph, the inlet area 
of the duct Ai is made equal to 4 sq ft with a diameter of 2.25 ft to keep 
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structure as small as possible and still take most of the flow diffusion in the 
free stream. There is a screen in the duct, and the friction coefScient f is 
found to be 0.012, and taking the smallest area for the calculation of the 
friction factor, 4/L/D = 4 X 0.012 X 10/2.25 = 0.213. From Fig. 40, 
P1/P2 is 1.023 when K2 is 0.63. This means that the total pressure at 
the duct entrance at ilfo = 0 is 2.3 percent higher than the total pressure 
at the compressor inlet. The new mass flow is now 150/1.023 == 146.5 
lb /sec at zero flight speed; Ki is 0.744. 

From Fig. 46, we interpolate and find that for a compressor with 
K2 == 0.63 at Mo = 0, K2 is 0.625 at Mo = 0.4. From Fig. 40, 


Pi 


= 1.023 


as closely as the curve can be read, and 

(^) (ft) - (t) (r®) 


This value of K\ is now used in Fig. 45 to find Pi/po at Mo = 0.4 if free- 
stream efficiency rj is less than 1.0, but since the duct inlet flow velocity 
is fairly close to the flight velocity, with only a small pressure rise due to 
free-stream diffusion, rj is assumed to be equal to 1.0, and Pi/po is 1.075 
from Fig. 43 or Fig. 42. 

The mass flow i.s then computed from Eq. (93). 


Wa = 1.12 


0.738 H6^ 

Vl + [a.4 - l)/2](0.4j2 0.744 


160.5 lb /sec 


Similar calculations are made for Mo = 0.8 and Mo = 1.0, and the 
results are plotted on Fig. 47. 

The assumption of perfect free stream flow in the above example is 
not entirely unwarranted, since the test-stand data for the jet engine 
were recorded without correction for entrance losses; and to some extent 
these entrance losses of the order of 1 to 3 percent may well represent 
free-stream losses. In the case where some boundary-layer air from 
the wing or fuselage is added to the free-stream air going to the engine, the 
equivalent free-stream efficiency may be much lower. Accordingly, the 
mass flow for the same engine with free-stream = 0.8 is also plotted on 
Fig. 47, and the flow for 77 = 0 is shown too, as a matter of general interest. 
It is necessary to use Fig. 45 to determine Pi/po for rj = 0.8; and of course 
for 77 = 0, Pi/po = 1.0 at all values of Mq. 

A common assumption that is frequently made in estimating air flows 
into gas turbines is that a stagnation point exists in the inlet ducting just 
ahead of the compressor inlet. The flow efficiency of the inlet system is 
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estimated, and the stagnation total temperatures and pressures are cal- 
culated at the stagnation reservoir or plenum chamber ahead of the 
compressor, for that efficiency and at a number of different flight Mach 
numbers. Temperature and pressure ratios are obtained from Figs. 32 
and 33. 

The mass flow of the engine as determined on the ground by test or by 
calculation is then corrected for the new inlet conditions by multiplying 
Wa by S/6 where 5 and 0 are total pressure and total temperature ratios, 
respectively, of the new stagnation condition to the test or standard-con- 
dition pressure and temperature. If the compressor speed is corrected 
for the new inlet conditions, the flow correction factor used is 5/V^; this 



FLIGHT MACH NUMBER, 

Fig. 47. Typical compressor flow vs. flight Mach number for different over-all ram 
efficiencies. The value oi M 2 for Mo = 0 was taken as M 2 = 0.37. 

is discussed fully in the section on dimensional analysis. This method 
of calculating flows is used for all flight altitudes and speeds below super- 
sonic. Actually, it is not too far from real flow conditions in many gas- 
turbine installations using centrifugal compressors preceded by a large 
plenum chamber in the intake. The errors are small even when using 
this flow-estimating method for inlet ducts with straight through flow, 
although duct losses are often less because the undesirable diffusion and 
expansion in the plenum chamber are avoided. 

Ram flow into ducts at supersonic speeds may be treated by the 
methods used above for the flow conditions following the last shock wave 
before entry. Shock waves are discussed in some detail in the following 
sections of this chapter, and methods of determining conditions on either 
side of a shock are presented. In general, supersonic inlet ducts are 
preceded by a plane shock wave immediately ahead of the inlet or across 
the mouth of the inlet. A straightforward solution for the flow variables 
immediately ahead of or in the inlet itself is then obtained from the known 
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relations across plane shock waves. The pressures, temperatures, and 
flow Mach number behind the shock are used as the starting point of the 
subsonic-flow-region calculations just described. When oblique shocks 
are encountered ahead of a cylindrical duct, the detailed flow solution is 
much more difficult and is somewhat beyond the scope of this book. 
However, there are some general solutions of three-dimensional oblique 
shocks indicated in the text. The case of two-dimensional inclined 
shocks such as would be approximated in long, narrow entry slots, is 
soluble from the data given. 

13. Normal Shock Waves. A brief, elementary description of normal 
shock waves appeared in Chap. 1 in connection with supersonic flows 
around airfoils. Oblique shock waves, with the air flow entering the 
shock plane at other than a 90-deg or normal angle, also occur, but the 
plane normal shock is the simplest case and will be covered first. Equa- 
tion (20) can be rewritten to yield the ratio of the flow velocity after the 
shock to the flow velocity before the shock as 

^ 2 ^ (95) 

F. (fc + l)Ml ^ fc + 1 

Since the mass flow through the shock is continuous and uniform, 
paVa = PhVbi and Eq. (95) can be made to yield the density ratio 


pa __ 2 , fc — 1 

“ (F+TWl F+l 


(96) 


Equation (22) stated the static pressure conditions after and before the 
shock 

The perfect-gas law p = pRt connects static temperature with both 
density and static pressure, so that the ratio of static temperatures across 
the shock is obtained by multiplying Eq. (96) by Eq. (97) 


tb Pb Pa 

t>a Pa Pb 

tb _ [2kMl - {k- l)][{k - l)Ml + 2] 
ta {k + i)mi 


(98) 


The ratio of the velocities of sound across the shock is, of course, the 
square root of the static temperature ratio • 


Qb 

da 



(99) 


It is also easy to derive the downstream flow Mach number in relation to 
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Fig. 48. Ratios of state variables across normal stock wave in air as a function of upstream 
Mach number M a. 


the Mach number of the flow entering the shock, since M = V /a and 
Eq. (95) gives the absolute velocity ratio. Mi, is expressed conveniently 
as a squared term 


Y1 = 

Y1 

'{k - \)Ml + 2 

' _ Mlal 

(fc - \)Ml + 2] 

< 

a? 

_ {k + l)Ml . 

ol 

. {k + l)Ml J 


therefore Ml - (100) 

The five quantities of Eqs. (95) to (99) are plotted in Fig. 48, for air with 
fc = 1.4, against ilfa, the Mach number of the entering flow. 

The compression across a shock wave is not adiabatic. The entropy 
increases as the gas flows through the shock, and there is a corresponding 
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decrease in available energy. When there is adiabatic compression, the 
relation 

k log ~ = log — 

Pa Pa 

holds. In Fig. 49, log (pb/pa) is plotted against log (Pb/Pa) for air; the 
dashed straight line is the adiabatic relation. At low values of the 
pressure ratio, corresponding to entry Mach numbers as low as Ma = 1.15, 
the shock curve begins to fall away from the adiabatic line. A very low 
intensity normal shock wave is a reasonably efficient diffuser; but as the 
entry Mach number grows larger, more and more of the initial kinetic 
energy of the gas stream is converted by the 
shock wave into temperature rise rather than 
into pressure energy. This represents an 
efficiency loss from an available-energy 
standpoint. 

The efficiency of a shock wave as a super- 
sonic diffuser can be presented as the ratio of 
the work required for an equivalent adiabatic 
compression through the shock pressure ratio 
to the difference in kinetic energy across the 
shock 

_ JCptal{Pb/Pa) - 1 ] 

VI) 

This may, by the use of the previously derived shock relations, be reduced 
to the form 



Fio. 49. Deviation of com- 
pression across shock wave 
from ideal isentropic. The 
dashed line represents the 
relation between p and p in an 
ideal isentropic compression. 


Va == 


{k + i)mi 




|[ 


1 + 


k+l 


(Ml-l) 


] k-l 
k 


( 101 ) 


Usually, there is more interest in the efficiency of a normal shock \vave 
followed by a subsonic diffuser. The efficiency of the subsonic diffuser 
is important to the process, especially at low values of Ma, and is denoted 
by rjn- The over-all diffusion efficiency for a normal plane shock wave 
plus a subsonic diffuser is the ratio of the work required for an equivalent 
adiabatic compression to final stagnation pressure to the total kinetic 
energy before the shock 

{Pc/PaH' - 1 
^ [{k - l)/2]Mf 


where Pc/pa i« the piessure ratio derived in the Eq. (104). The efficiency 
is then 
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V = 


k - 1 


M-^ 


1 + 


1 + rjn- 


2k 


k - 1 


Ml - 1, 


[l W- 1) - ij (102) 


Values of rj are plotted against Ma in Fig. 50. 



Fiq. 60. Efficiency of a normal 
shock wave followed by subsonic 
diffusers of different efficiencies 
Tin, as a function of initial Mach 
number Afo. 


Fig. 51. Ratio of total pressure after diffu- 
sion, Pc, to static ambient pressure pa, as a 
function of initial Mach number Ma. 


When a plane shock wave is followed by subsonic diffusion to full 
stagnation pressure Pc, the ratio of final pressure to the static pressure 
before the shock is 

TPa Ph Pa 


For a subsonic diffuser of efficiency rin, the pressure recovery is written 


1 + 


1 +Dn- 


2k 

k - 1 


(103) 


Ml - 
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The over-all pressure-recovery ratio is therefore 


1 + 


;r = 1 + 

Pa 


2k 


1 + 


Ml - 1 


2k 

A; + 1 




->] 


(104) 


Values of this ratio are plotted in Fig. 51 against Ma for several subsonic 
diffuser efficiencies Also shown is a similar curve for a completely 
shock-free isentropic compression. To complete the data, ram pressure 
ratios have also been run out through the entire subsonic flow range of 
Ma < 1- When the diffuser efficiency rjn = 1.0, Eq. (104) reduces to 


^ ^ " 
Va 


'2kMl - (k - 1)' 

■(*+!)* Ml 

* + 1 J 

2 2kMl-ik-l}] 


(105) 


This is the formula frequently used in Pitot static tube measurements to 
determine supersonic free-stream Mach numbers experimentally. 

Considerable confusion can result in discussing the pressure-rise ratio 
in inlet ducts of aircraft turbines and athodyds or ramjets if the over-all 
diffusion efficiency is not carefully distinguished from the pressure- 
recovery effectiveness. This latter quantity, which we call ram or dif- 
fusion effectiveness, is defined as the ratio of the actual pressure increase 
in the diffusion process to the pressure increase that would be obtained in 
a loss-free isentropic diffusion process without shock. In the case of a 
subsonic flow in a diffuser to complete stagnation pressure 


Ram effectivenesssubflonic = 


( 


1 + VnM^ 




1 






(106) 


When the subsonic diffuser is preceded by a normal shock wave with 

Ma > 1 , 

Ram effectiveness = ? 

(Pa/Pa) - 1 

Pal Pa is the shock-free isentropic compression ratio shown for reference 
purposes on Fig. 51, or the ratio of total pressure to static pressure before 
the shock. 

Over-all ram effectiveness for a shock followed by a subsonic diffuser 
of efficiency rjn is 

Ram effectiveness = 

(l-, 1 + Kfc - l)/2]Mg r 2k 

\ ^"1 - [2k/{k - ^ fc - 1 J 


(107) 


{! + [(/:- l)/2]JW*}*-i - 1 
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Ram effectiveness is plotted against Ma in Fig. 52 for several values 
of diffuser efficiency rin^ It can be seen by comparison with Fig. 50 that 
although the ram effectiveness is very nearly equal to the over-all diffu- 
sion efficiency rj for Mach numbers less than 0.5, for higher values of Ma 
there is considerable divergence. This is particularly the case for high 
supersonic flows with partial pressure recovery through shock. 

14. Inclined or Oblique Shock Waves. Shock waves can exist in a 
supersonic gas flow at angles other than normal to the direction of flow. 

Indeed, when conditions behind 
-.jDiFFusER |— PLANE SHOCKS OIF FUSER -A the shock will permit, a normal 

shock usually will not occur if an 
oblique shock is possible in its 
stead. 

For such inclined or oblique 
shocks, conservation of momentum 
requires that the component of 
velocity in the plane parallel to 
the shock front remain unchanged 
through the shock wave. This 
fact, coupled with the essential 


Mg 

Fig. 52. Ram-pressure-recovery effective- Fig. 63. Velocity vector rela- 

ness of diffuser or diffuser plus normal shock tions across oblique shock front 

wave, for various diffuser efficiencies, as a 00'. 

function of the initial Mach number Ma. 

discontinuity in the normal component of velocity means that the flow 
direction changes in passing through the shock. 

Figure 53 shows the conditions that hold at an oblique shock in two- 
dimensional flow. The line 00' is the trace of the shock front on the 
plane of the figure. Velocities before and after the shock are V a and Fb, 
respectively. The velocity components parallel to the shock plane are 
equal, as pointed out earlier, and 

Va cos a = Fb cos ( 108 ) 

while the velocity components Va sin a and Ft sin normal to the shock 
front change abruptly through the shock. Equations for the oblique 
shock may be derived analogous to Eqs. (95) through (100) for normal 
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shocks. They are 

Vi ^ sin g r 2 fe - l 1 

Va sin sin"* a A: + ij 

Pa ^ 2 , A: - 1 

Pi (A: + l)Misin2a ^A: + 1 

g=l+]fc^(^2sin*«-l) 

U ^ [2kMl sin"* a - (k - 1)][(A: - l)Mg sin"* a + 2] 
ta (fc + 1)W* sin"* a 



1 (A: — V)M\ sin"* « + 2 

sin^ /8 2kMl sin* a — {k — 1) 


(109) 

( 110 ) 
( 111 ) 
( 112 ) 

(113) 

(114) 


Equations (109) and (114) contain sin fi. This quantity may be elimi- 
nated, however, by making use of Eq. (108). This permits us to write 


sin /3 
Vi 


‘4 


1 -|- cot"* a 


+ 


k - 1 


L(A; + 1)M* sin"* a A: -|- 1 


Ml = 


/r 2 

Va ■\L(A: + l)M*sin"*a 
1 1 -f- cot"* a ^ 


+ 


k + 


iV 

-j sin* a 


+ cos* a (115) 


.(A: + l)M2sin 


+ 1 

in^ a A + 1 J j 

r (fc — l)Ml sin^ a + 2 1 

[2kMliim^a - (/c - 1)J 


(116) 


The intensity of an oblique shock wave depends upon the angle as 
well as the entering Mach number. As in the case of a normal shock, the 
component of flow velocity at a right angle to the shock plane must be 
greater than 1.0 for a shock of finite intensity to exist. As the normal 
component of entering flow, Va sin a, is reduced to Mach 1.0, the shock 
becomes vanishingly small. Therefore, the condition that must hold is 


Ma 


1 


sin a 


(117) 


For a given Mo, the shock intensity depends upon the angle a directly. 
We may take as a convenient measure of shock intensity the relative loss 
in energy conversion across the shock front; this relative loss can be 
shown to be equal to 1 — ij, where rjs is derived in the same way as in 
Eq. (101), except that Mo sin a is introduced instead of M®. The Mach 
angle au is defined by = sin"^ (1/M). It is then possible to show 
that the shock intensity for angles near to am is proportional to (a — ajif)^. 

The Mach angle has special significance in the supersonic flow prob- 
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lems. Weak shocks are frequently found in Schlieren photographs at 
angles very nearly equal to the Mach angle. In certain cases strong 
shocks may be correlated with the envelope of a family of intersecting 

Mach lines. In such a case it is possible 
to think" of the strong shock as a super- 
position of many weak shocks at appro- 
priate Mach angles. 

Figures 64, 65, and 56 are plots of 
Ph/ pa, Phipa, and Mh for inclined shocks 
as a function of Ma for selected values of 
a. Notice that in each of these figures 
the Mach angle limitation of Eq. (117) 
is clearly illustrated. In Fig. 67 the 
downstream angle ^ is shown vs. Ma for 
various inclination angles a. 

In Fig. 58 the angle of deflection or turning of the flow, B — a. — 
is shown. It is interesting to note that on this figure, for every value 
of Ma and 0, there are two values of entering angle a. It is found, how- 
ever, that one of these solutions is dynamically more stable than the 



Fig. 54. Density ratio across ob- 
lique shock as function of initial M aoh 
number Ma for various angles of 
shock inclination a. 



Mq 


Fig. 55. Static pressure ratio across oblique shock 
as function of initial Mach number Ma for various 
angles of shock inclination a. Dashed curves 
represent solutions that, in free space, are dynami- 
cally less stable than solutions for smaller inclina- 
tion angles a. 



Fig. 56. Final Mach number after 
shock, vs. initial Mach number 
M a for various inclination angles a. 


other. The less stable solutions are shown by dashed lines in Figs. 55 
to 58. 

At values of Ma from 1.5 to oo, the entrance angle for maximum 
turning of flow direction is approximately a = 65®, so that most of the 
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region from the a = 60® line to the a = 90® line on Fig. 68 corresponds to 
the lower dynamic stability solutions mentioned above. Therefore, most 
of the shock waves found in practice will have entrance angles of less than 
60 deg. Ordinarily a plane (Ijsturbance parallel to the shock is required 



Fig. 57. Downstream angle (i vs. initial 
Maoh number Ma for various values of a. 



Fig. 68. Plow turning angle 0 as a func- 
tion of the initial Mach number Ma for 
several values of the inclination angle a. 


to produce and maintain a plane shock wave at a = 90®. Such a dis- 
turbance might exist over a limited area ahead of a flat-nosed projectile 
or across the entrance of a duct at supersonic flow velocities. 



Fig. 59. Maximum possible 0 and cor- 
responding values of a and iVf/, as a function 
of the initial Mach number Afo. 



Fig. 60. Total pressure ratio across in- 
clined shock. 


The maximum possible flow turning angle for air through an oblique 
shock occurs at Ma = and 6 is equal to 45.6 deg. The corresponding 
a is 67.8 deg, and the downstream Mach number is Mb = 1.0. Figure 69 
shows the maximum flow turning angle dnua as a function of Ma] the values 
of Mb and a coincident with these maxima are also shown. 
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The ratios of total pressures before and after oblique shocks are 
shown in Fig. 60. These are derived from Eq. (Ill) and the relation 



(118) 


Better ram pressure recovery results for an oblique shock wave fol- 
lowed by a conventional subsonic diffuser 
than for a normal shock wave plus a dif- 
fuser. This shows up in Fig. 61, where 
the total pressure head recovery or ram 
effectiveness for a single oblique shock 
(at a value of a that will result in 
Mb = 1.0) is compared with the ram 
effectiveness of a normal or plane shock. 
Ram efficiency as well as ram recovery 
effectiveness, as defined earlier, are used 
to facilitate the comparison. In order to 
have the results apply most directly to 
the shock waves, subsonic diffusion was 
assumed to be loss-free in both cases. 

Flows at high supersonic speeds may 
profitably be subjected to several oblique 
shocks before entering a subsonic diffuser. 
This is also shown in Fig. 61 for two and 
for three oblique shocks. These shocks 
are so positioned that the total entropy 
change is a minimum and the flow Mach 
number following the last shock is unity. 
Under these conditions, ram efficiency 
and ram effectiveness are both above 90 percent for two oblique shocks up 
to Ma = 2, and for three oblique shocks up to Ma = 3. 

16. Shock Formation on Wedges and Cones. Shock formation in 
front of a wedge is determined by the incident Mach number and the 
angles between the direction of the approaching flow and the two faces 
of the wedge. For the symmetrical case, where the wedge axis coincides 
with the direction of the incident flow, these two angles are equal. If 
Ma in Fig. 59 is large enough to yield a possible flow turning angle 6 equal 
to or greater than Stay the semiangle of the wedge, the shock will attach 
itself to the point or apex of the wedge at such an angle that the flow 
behind the shock moves parallel to the wedge face (see Fig. 62). As 
pointed out in connection with Fig. 59, the maximum turning angle for 
oblique shocks in flow of air occurs for Ma — ^ and is equal to 45.6 deg 



pressure-recovery effectiveness for 
normal and for one, two, and three 
oblique shocks. Final Mach num- 
ber Ml, = 1.0 after oblique shocks 
and angles are chosen to yield mini- 
mum entropy increase. 
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under standard conditions. Thus the bluntest wedge that can have an 
attached shock has an included angle of twice this value or just over 
90 deg. 

For a given incident flow Ma, and a given wedge, the determination 
of the shock condition proceeds as follows. For the given Mach number 
Ma, determine whether or not the maximum possible turning angle is 
larger than from Fig. 58 or 59. If so, the shock will be attached, and 
the incident angle can be read from Fig. 58 by setting 0 = d„. With 



Fig. 62. Attached and detached shock waves ahead of wedges. 

Ma and 6 known, p6, pty Mbj etc., can be determined from Figs. 54 to 57. 
If Mb is also supersonic, as is frequently the case, additional downstream 
shocks may be found. These may be located and fixed in position by 
irregularities on the wedge surface. Such shocks are frequently very 
weak and inclined at an angle closely approaching the Mach angle, 
indicated by the dashed lines in Fig. 62. 

If the wedge is not symmetrical with respect to flow direction, flow 
conditions on either side may be determined separately and independently 
for the appropriate angles between wedge faces and the flow, as long as 
neither wedge-face angle is greater than the maximum possible flow turn- 
ing angle for the incident Ma- 
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If for a given entry Mach number, the maximum possible 6 is smaller 
than 6w, the shock wave will be detached and at some distance in front 
of the vertex of the wedge. The smaller Ma, the greater is the distance. 
A vanishingly small shock occurs at an infinite distance for Ma = 1. 
The lower sketch of Fig. 62 shows a detached shock wave for Ma =1.5 
in front of a wedge of 15-deg semi vertex angle. The maximum turning 
angle for Ma = 1.5, from Fig. 59, is approximately 12 deg. Immediately 
in front of the wedge apex, the shock is normal to the incident flow. 
Behind the shock wave here, the fluid is moving at low velocities and high 
pressures. To the side in either direction, the shock becomes oblique and 
of smaller intensity, until at large distances the shock approaches the 
Mach angle ajif in inclination and becomes vanishingly small in intensity. 

The Mach angle for Ma = 1.5 is approximately 42 deg. Thus as we 
move outward along the shock front, all angles of incidence are encoun- 
tered from 90 to 42 d6g. Maximum flow turning of about 12 deg occurs 
for a = 60®. The deflection is zero for 90-deg incidence and again for 
the Mach angle of 42 deg at a great distance to one side. The precise 
location and shape of a detached shock wave have not yet been satisfac- 
torily predicted for a specified set of conditions. 

Since all wedges have a finite thickness, the flow behind the shock 
eventually turns a corner and alters the pressure and velocity conditions. 
An attached inclined shock wave at the apex of a wedge does not, there- 
fore, continue out to infinity with undiminished intensity. Actually, 
curvature of the shock front exists, and even with very thick wedges, the 
shock-front inclination approaches the Mach angle at a relatively short 
distance to one side from the wedge. The intensity of the shock dimin- 
ishes, and the flow moves past the wedge essentially undisturbed. 

Theoretical analysis of supersonic flow past cones requires cylindrically 
symmetrical solutions of the three-dimensional flow equations. Although 
the cylindrical symmetry reduces the mathematical problem to a two- 
dimensional one, the solutions are considerably more complicated than 
for two-dimensional flow past wedges. For a limited number of included 
cone angles,^ solutions have been worked out in excellent agreement with 
wind-tunnel and other experimental results. The general procedure for 
finding such solutions has been to solve the fluid flow equations for the 
region downstream from the shock and then to find a shock wave that 
would convert the uniform motion ahead of the shock into the desired 
solution. Figure 63 shows a particular solution for a cone of 20-deg 
semivertex angle.. The curved streamlines are typical of three-dimen- 
sional flow, as are the curved dashed lines representing disturbances or 


^ Taylor, G. I., and J. W. Maccoll, Proc, Roy, Soc, A, vol. 139, p. 278, 1933. 
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wavelets originating on the surface of the cone. Also shown on the same 
figure is a sketch of a detached shock wave for a projectile in flight. 

16. Shockless Supersonic Flows around Comers and over Curved 
Surfaces. Supersonic flows can take place around corners and curved 
surfaces under favorable conditions without high-intensity shock. The 



Mach lines. 


flow process is then adiabatic, but 
obeys the limitations that apply in 
general to supersonic flows. If a 
supersonic flow issues from a jet 
nozzle at a flow static pressure equal 
to the static pressure of the atmos- 
phere into which the nozzle dis- 
charges, the flow emerges with 
direction virtually unchanged until 
entrainment of the atmosphere at 
the jet boundary results in flow dis- 



Fig. 64. Supersonic flow around corners. 


persion. However, if the same jet flow exhausts to an atmosphere 
at a lower static pressure than exists in the flow at the nozzle 
exit, a sudden expansion takes place as the gas leaves the nozzle. In 
simple cases where a two-dimensional analysis is reasonably close to the 
actual flow, a ready solution for the flow problem exists. This type of 
expanding flow may also occur on the downstream side of turbine nozzles, 
with a resultant change in flow direction between the nozzle and the 
moving-blade row. The effect is large in partial-admission steam turbines 
but small in full-admission turbines with nozzle rings composed of airfoil 
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Exact solutions for steady two-dimensional supersonic flows of a 
stream of gas past a corner have been found. The flow of such a stream 
is shown in Fig. 64 where a uniform parallel flow along a surface reaches 
a corner 0. Beyond 0, the streamlines are no longer parallel, and the 
flow expands to the static pressure beyond the corner. Since the flow 
is supersonic, or at least Ma = 1.0, in the approaching stream, the changes 
must all occur past the Mach line OA, Expansion continues until the 
radial line OB is reached, after which the flow is again parallel. The 
position of OB is determined by the condition that the angle BOC be the 
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Fig . 65. 

Mach angle for the expanded flow. The line OC may be either a fixed 
boundary or the free surface of the fully expanded jet in static equilibrium 
with the surrounding atmosphere. The lines OA, OB^ and OC do not 
indicate conditions of shock, but only the geometrical configuration of 
the flow. 

It is found that the expansion that occurs depends only upon the 
angle through which the flow turns and the entering Mach number Ma- 
in Fig. 65 data are plotted that permit interpretation of supersonic flows 
around corners of an angle a, M and 6 are plotted as functions of the 
ratio of static to stagnation or total pressure. These curves are used 
as follows. For each value of flow Mach number, there is an associated 
angle S and a value of ^ = p/P. This 6 is the angle through which the 
flow would have turned if M a had been equal to 1.0 at the comer and if 
the final static pressure around the corner had permitted complete 
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expansion to the new value of M, Now if the flow approaching the corner 
is already supersonic (Ma > 1.0), then some supersonic expansion has 
taken place before the flow reached the corner, and the ability of the flow 
to expand through the angle Qa corresponding to Ma is already exhausted. 
Therefore, if the Mach number after expanding around the corner is 
Mb at a pressure ratio value of ^6 and an associated angle function Bby the 
actual flow turning angle is a = — ^a. 

To find Mb for air when Ma and a are known, enter Fig. 65 at Af = Ma 
and read off the corresponding values of 0a and Pa/P- To this value of 
6a add the angle a, and for the resulting angle Ob Ba + <x read off Mb 
and Pb/P- The maximum possible value of 
a IS Bb = 130.6° when Ba is zero for 
Ma = 1.0, and ph/P is zero with expansion 
to a vacuum. Therefore, if Bb is required to 
be greater than 130.6 deg in the addition of 
Ba and a, the flow will not turn through a 
but will fall short of that figure. If the 
static pressure of the atmosphere or in the 
reservoir beyond the corner imposes a 
smaller value of 6b than is required by the 
angles of the solid surfaces at the corner, the 
flow will separate from the surface as a free 
jet after leaving the corner, expanded to the 
new static pressure pb- 

Expansion of a supersonic flow over a 
smoothly curved surface may be treated by 
considering the curved surface as a succes- 
sion of corners connected by flat areas. 

Provided that high-intensity shock waves 
are not formed to upset adiabatic expansion conditions in the neighbor- 
hood of the surface, the solution obtained for expanding flow around a 
corner is applicable here also if the total angle through which the flow is 
turned around the curved surface is treated like the turning angle around 
a corner. 

The above paragraphs have discussed the expansion of a supersonic 
flow around corners and curves. Ideally, this is a reversible process, and 
a diffusing flow would follow the same streamlines in the opposite direc- 
tion; actually, conditions are usually unfavorable for a diffusing super- 
sonic flow, and the flow breaks down with severe shock waves. Thus, a 
diffusing flow around a sharp outside corner would be quite impractical; 
while if a gently curved surface were substituted for the comer, there is 
a possibility that the diffusion might take place without severe shock. 




Fig. 66. Supersonic flow at 
inside corners and at concave 
surfaces. 
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When supersonic flows must follow inside corners or concawe surfaces, 
there are some rather definite limitations on the contour of the surface. 
If a curved surface were fitted to one of the streamlines flowing around 
the comer in Fig. 64, no disturbance would be expected other than that 
due to boundary-layer friction and surface roughness or discontinuities. 
However, if the corner were removed, it would be necessary for the flow to 
readjust itself, and this would almost certainly take place with the occur- 
rence of a shock wave. A sharp inside corner would generate a shock 
wave originating in the comer with flow direction changed according to 
the flow-angle relations established for inclined shock waves. If the 
included angle of the corner were too small, so that the required turning 
could not be accomplished across an inclined shock wave, then the shock 
would move upstream and flow in the corner might be subsonic or multiple 
shocks could occur. Similar flows in smoothly curved comers can result 
in low-intensity shocks or Mach lines that converge and become tangent 
to a detached high-intensity shock. Examples of such flows around 
inside comers and curves are shown in Fig. 66. 



CHAPTER 4 

AIRCRAFT-GAS-TURBINE COMPRESSORS 


17. Introduction. The gas-turbine compressor takes air from the 
inlet duct and compresses it to the desired pressure ratio at the combus- 
tion-chamber inlet. Compressors of low efficiency limit the power out- 
put of an engine and have a serious effect upon over-all efficiency. A 
reduction in compressor efficiency of 1 percent may require a 3 percent or 
greater increase in fuel to maintain constant power output. 



Fig. 67. Schematic illustration of jet engine with centrifugal compressor and can com- 
bustors. 


Compression of air in gas-turbine engines is accomplished at such 
high flow rates that heat losses through the walls of the compressor are 
negligible compared to the work of compression (usually less than 0.1 
percent). Accordingly, the compression is essentially adiabatic. 

In an ideal (loss-free) adiabatic process, the work of compression is 


Cpt^ 


izi 

A: _ 1 


Btu/lb 


where the indicated subscripts are those shown in Fig. 67. Ordinarily, 
compressors are rated in terms of total pressures and temperatures so 
that these quantities will appear in the general treatment that follows. 

Compressor efficiency ijc is defined as the ratio of the ideal work of 
compression, given above, to the shaft input, so that we may write for 
the actual work input 

Frictional and turbulent flow compressor losses remain as heat in the 
compressor exhaust. This permits us to write, alternatively, 


he = CpiTs - T2) 
93 


( 120 ) 
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Solving for rtc from Eqs. (119) and (120), we find 

(P./Ps)^ - 1 
“ (P*/P2) - 1 


( 121 ) 


The efficiency of the compressor is known, neglecting heat-conduction 
losses, if the total pressure ratio is known and if the inlet and exit total 
temperatures are known. The total pressure heads at inlet and exhaust 
can be measured with a high degree of accuracy, but unfortunately this 
is not true of the temperature measurements, particularly at the hot or 
exit end of the compressor. Accurate temperature measurements in a 
high-velocity gas stream are difficult to obtain without interfering with 

flows to the extent that delivery char- 
acteristics are affected. Tempera- 
ture measurements tend to be low 
because of heat-radiation and conduc- 
tion losses from the temperature- 
sensitive element, as well as to the 
difficulty in developing full stagna- 
tion temperature conditions around 
the entire envelope of the bulb or 
thermocouple. 

The errors in temperature measurement, leading to low values of 
temperature at the compressor exhaust, added to bearing friction and 
conduction heat losses from the compressor, result in indicated efficiencies 
by temperature rise that are usually from 2 to 5 points higher than actual 
or shaft efficiencies. It is therefore important that the method of esti- 
mating the efficiency of a compressor or other flow process be specified, 
and that appropriate corrections be made before using temperature 
efficiencies in cycle calculations. The difference between shaft efficiencies 
and temperature-ratio efficiencies for a particular axial-flow compressor 
is shown in Fig. 68.^ 

The pressure ratio of a multistage compressor is the product of the 
pressure ratios of the individual stages. The over-all efficiency cannot 
be arrived at so easily. Because of the losses, the temperature rise in 
each stage is higher than the isentropic temperature rise for loss-free 
compression; each succeeding stage receives air at successively higher 
temperatures than would be the case with 100 percent efficient compres- 
sion. This is a preheat effect, which increases the work to be done by 
later stages of the compressor and results in a lower over-all efficiency 

1 Lundquist, W. G., and R. W. Cole, Performance Characteristics of the BMW003 
Turbojet Engine and a Comparison with the Jumo 004, SAE Preprint^ April, 1946. 
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Fig. 68. Comparison of temperature- 
ratio efficiency and actual shaft, effi- 
ciency of BMW compressor. 
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than that of individual stages. Thus, it has the opposite effect on 
efficiency of the familiar reheat process in turbines. 

For a compressor with equal stage efficiencies and pressure ratios and 
a finite number of stages, the over-all compressor efficiency is related to 
the total pressure ratio and the individual stage efficiencies by 

{P,/P,)^ - 1 

+ (P./P.) ? - 1 ]- - 1 

where rja is the individual stage efficiency and x is the total number of 
stages. 



NUMBER OF STAGES IN COMPRESSOR 

Fig. 69. Over-all compressor efficiency vs. number of stages for various compression 
ratios. Individual stage efficiencies correspond to compressor efficiency for 1 stage. 

The variation of Vc with the number of stages for a number of different 
total pressure ratios and stage efficiencies is shown in Fig. 69; the stage 
efficiencies correspond to the efficiency shown for single-stage operation. 
It is significant that multistage compressors with high stage efficiencies 
suffer comparatively little by compounding, while compressors with low 
stage efficiencies suffer much greater losses in adiabatic efficiency. The 
preheat factor, or the ratio of over-all compressor efficiency to stage 
efficiency, can be plotted from the data of Fig. 69, and preheat factors 
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for 2-, 6-, and 20-stage compressors with stage efficiencies of 85 percent 
are plotted against compression ratio in Fig. 70. 

The theory of compressors is satisfactory only from an over-all 
standpoint. That the theory is incomplete is indicated by the fact that 
the theoretical losses based upon detailed design information are generally 



I 2 4 6 8 10 12 14 16 18 20 

OVER -ALL COMPRESSION RATIO 


Fig. 70. Preheat factors for multistage compressors with 85 percent stage efficiencies. 



Fig. 71. Single-entry centrifugal-compressor impeller. 

much smaller than the actual losses. As a result, compressor designers 
use theory only as a starting point and then proceed as indicated by their 
own experience and the accumulated knowledge of other designers in 
accurately estimating the performance of a new design. 

Compressors for aircraft gas turbines may be of centrifugal or of 
axial-flow type. The centrifugal compressor has the advantages of 
design simplicity and lower cost, while the axial-flow compressor has the 
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advantages of smaller diameter and higher peak efficiency. Axial-flow 
compressors are generally multiple-stage units. Centrifugal compressors, 
on the other hand, may be either single-stage or multiple-stage with 
single-entry or dual-entry impellers. 

18. Centrifugal Compressors. The single-stage centrifugal type with 
single-entry impeller is, by far, the simplest kind of gas-turbine com- 
pressor, and its performance characteristics are useful in estimating the 
performance of multiple-stage units. A typical single-entry impeller is 
shown in Fig. 71. Such a compressor consists of the impeller in its 
housing and a diffuser. The necessity for a diffuser accounts, in large 
measure, for the greater over-all diameters of centrifugal units over those 
of axial-flow compressors (the general air flow rates of either dual-entry cen- 
trifugal or axial-flow compressors 
may be approximately the same 
for rotors of equal tip diameters). 

The fluid flow leaving the impeller 
is almost radial with respect to the 
impeller. This flow is nearly tan- 
gential to the rotor periphery, 
however, owing to the velocity 
ratio there, and must be collected 
in an annulus. It is then turned, 

in individual stacks or in the dif- Entrance and exit velocity dia- 

grams for centrifugal impeller. 

fuser, through an angle of at least 

90 deg to reach the next stage or the combustion chamber. Since turning 
a high-velocity air flow in a short radius results in a large pressure drop, 
the annulus and diffuser must be relatively large to reduce the flow veloc- 
ity efficiently. 

A centrifugal impeller and diffuser are shown schematically in Fig. 72. 
Velocity vectors are indicated for the entering and leaving conditions at 
the impeller. It should be noted that the entrance direction at the 
impeller eye is essentially axial, while the exit flow is in the radial plane 
normal to the inlet direction. 

The maintenance of ideal frictionless flow through the impeller requires 
an energy addition per pound of air that accounts for the change in kinetic 
energy, the gain in energy due to centrifugal forces, and the change in 
energy due to diffusion in the rotor passages. The conventional rela- 
tion is 

^ ^ f(n - VI) + (Ml - Ml) + (i;| - rl)] (122) 

where {l/2g){Vl — FJ) is the increase in kinetic energy, (l/2gr)(u| — ul) 
is the work done in moving a unit mass of air from radius r®, where 
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centrifugal force is uUgra, to radius n, where the force is ulfgn, and 
{\/2g){vl — vl) is the energy change due to static pressure rise in a rotor 
in which the cross-sectional area of the flow changes to cause a decrease in 
the relative velocities from inlet to outlet. 

From the trigonometric relations of the vector diagrams at inlet and 
outlet points, and by introducing the tangential component of the 
velocity F, the identity uVu = i(V^ + — v^) can be introduced into 

Eq. (122) to obtain 

^ ^ (w6F^ - (123) 


With a straight axial inlet to the impeller, the tangential component 
Fua of Fo is zero. In an ideal radial-flow rotor, the tangential component 

Vuh of Fb is equal to Uh, so that 



E = 


(124) 


Therefore, in the ideal case, the energy 
added to the air flowing through the com- 
pressor is just twice the kinetic energy 
ul/2g corresponding to the rotor tip veloc- 
ity; and if the radial component of the 
leaving velocity is small relative to Fb, 
half of the work input appears as static 
pressure rise and half as kinetic energy. 
The total pressure rise through the compressor, then, is obtained by 
setting 


IMPELLER TIP SPEED FT./ SEC. 
Fia. 73. Ideal and practical com- 
pression ratios for single-stage cen- 
trifugal air compressor vs. impeller 
tip speed. 




^ = c„T.. 


or 


gJ 

P2 




JgcvP' 


KSF 


1 


+ 1 


(125) 


It should be emphasized that the pressure ratio given by this equa- 
tion is valid only under the assumption of no losses. 

Pressure ratios obtained with a number of representative centrifugal 
compressors under standard atmospheric conditions at rated flows were 
used to plot the curve in Fig. 73. The ideal curve of pressure ratio 
against impeller tip speed from Eq. (125) is also shown. Practical pres- 
sure ratios achieved depend upon the size of the compressor. The curve 
in Fig. 73 is for impellers of the order of 24 in. (2.0 ft) in diameter. 
Smaller impellers are less efficient as a rule and do not develop as high 
pressure ratios and efficiencies as do the larger impellers. The slip factor 
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at the rim of the impeller, Vu/u, in the compressors of Fig. 73 is of the 
order of 0.9. 

Another expression that is sometimes used in compressor design work 
is the pressure coefficient. This is the ratio of the adiabatic work 
[Eq. (119)] required to compress air to the observed pressure, to the energy 
the air would have if it left the impeller rim at zero slip [Eq. (124)]. 
The pressure coefficient Cp may be written 

^ _ JgcpT2[(P,/P2) ^- 1 ] 

~ - 1/2 


It is easy to show that this expression may be written 


n - - 1 

{k - l){u,/aor 


(126) 


Avhere Ub/ao is the ratio of the impeller tip velocity to the velocity of 
sound in the still air ahead of the compressor entrance, since = To. 
The ratio Ub/ao has been called the compressor Mach number by some 
authors; this terminology will not be adopted here, because it seems 
desirable to reserve the name Mach number for describing conditions at 
one point. 

The external requirements for a compressor are usually given in terms 
of flow and pressure rise. The pressure rise in a centrifugal compressor 
has been shown to be directly connected with the impeller tip speed, and 
if a value can be assigned to the pressure coefficient, the required Ub/ao 
and therefore the impeller tip speed are known. The pressure coefficient 
depends upon the specific flow, and in general, pressure coefficients for 
centrifugal compressors fall below 0.70. An average value might be 
0.67 for compressors with impellers of the order of 30 in. in diameter, 
with lower coefficients for smaller impellers. Advances in design tech- 
nique will result in higher pressure coefficients. There is an upper limit 
to the pressure ratio available from a single-stage centrifugal compressor; 
this limit depends on the maximum Uh/ao that may be used without 
encountering excessive losses at the impeller rim or exceeding mechanical 
limits. If a higher ratio is required, it will be necessary to use a multiple- 
stage compressor. 

The specific flow rate of the compressor is determined chiefly by the 
air-swallowing capacity at the inlet or eye of the impeller. Assuming 
that the absolute velocity of the air flow at the compressor inlet is in an 
axial direction and uniform across the entrance, the mass flow rate from 
Eq. (86) is 

Wa = ^ Ma (l + X hrD\e^ - A*) (127) 
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where e is the ratio of the outside diameter of the impeller eye to the 
impeller diameter D, and h is the ratio of the hub diameter or inside 
diameter to D, Thus — h^) is the effective entry area for the 

flow. Maximum flow velocity relative to the impeller blades and, there- 
fore, maximum local Mach number occur at the outer diameter of the 
impeller eye. Here the relative velocity Ve is the resultant of the axial 
velocity of the entering air and the vane velocity at the maximum diam- 
eter of the entry 

V. = Vn + ^t (128) 

or in terms of local Mach numbers 


M. - + 



pressor inlet. The value of Ma in Eq. (130) can then be introduced into 
Eq. (127), which is rewritten to yield the mass flow rate per unit area of 
impeller inlet in terms of the limiting relative Macdi number Me at the 
outside diameter of the impeller eye and the factor eUhfaa. The total 
temperature and pressure, corresponding to the atmospheric stagnation 
values ahead of the inlet, are written in the corrected form as ratios 6 and 
5, to standard conditions. The mass flow rate per unit area in pounds 
per square foot per second is 



Wa 

A 


f 1 + 

= 85.3 -4= \Ml-e’‘ (-^yi . - / ^rr'2' 


(131) 


Since Ub/ao is determined by the required pressure ratio for a given 
compressor, the remaining variables consist of the eye diameter, the 
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impeller shaft speed, and the relative Mach number ilf In early recip- 
rocating-engine supercharger practice, Me was limited to values of less 
than 0.75. It now appears that careful attention to inlet vane design 
and the use of a large number of vanes makes it possible to go to values 
of Me as high as 0.90 without serious loss in efficiency. As a result of 
the Mach-number limitation at the impeller inlet tips, there is an opti- 
mum eye diameter for maximum flow. Exceeding this diameter neces- 
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Fig. 74. Mass air flow per unit impeller entry area. Single-sided impeller under standard 
conditions. 


sitates a reduction in the axial flow velocity in the inlet, which 
is accompanied by a rapid drop in flow rate. 

In Fig. 74 the flow rate under standard atmospheric conditions as 
given by Eq. (131) is represented. Here mass flow per unit area of the 
actual entry is represented vs. eub/ao for several values of Me- In 
Fig. 75 a different situation is presented. Mass flow per square foot of 
total impeller disc area is plotted against e. The inlet tip Mach number 
is given the limiting value Me = 0.9, the hub diameter is given the fixed 
value h = 0.2, and the standard atmosphere flow per unit impeller cross- 
sectional area is then plotted as a function of e for several values of wt/a©. 


W 

(7r/4)D^ 


= 85.3(6^ - h^) 




(1 + 0.2 X 0.9")® 


( 132 ) 
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liBiiilm 


All the preceding equations for flow should be multiplied by 2 for 
double-entry impellers. 

Figures 74 and 75 indicate a serious design restriction in the flow 
velocity of the inlet annulus directly ahead of the impeller eye. The 
maximum flow through the annulus is the flow for critical pressure ratio 
across the entrance, and the design flow must, necessarily, be considerably 

less than this to keep duct losses 
and Me to reasonable figures and 
to provide for possible compressor 
overspeed requirements. The lim- 
itations on inlet flow velocity im- 
posed by Eq. (132) when the design 
is near the optimum impeller-inlet- 
eye ratio ordinarily hold inlet 
velocities to reasonable figures; 
e Mach numbers in the annulus are, 

Fig. 75. Mass air flow per square foot of thereby, kept Well Under 0.5 with 
total impeller disc area plotted against . . - • x • i j. 

centrifugal-impeller eye diameter /tip diam- floW restriction factorS in the inlet 

eter ratio. the order of 0.65 or less. 

Another quantity useful in compressor design is Q/nD^, necessary in 
applying the laws of dynamic similarity, where Q is the volumetric flow 
rate in cubic feet per unit time, n is shaft revolutions in the same time 
unit, and D is the impeller diameter in feet. If Reynolds-number effects 
can be neglected, and they usually are small in centrifugal-compressor 
design problems except at low rotating speeds, geometrically similar 
compressors should have identical char- 
acteristics when the Q/nD^ of one compres- 
sor is equal to the Q/nD^ of the other. qIqo.s 
T he pressure ratios that compressors can 
reach with but negligible losses in effi- g 
ciency can therefore be correlated with ^ o.i 
this quantity; Fig. 76 shows some com- ^ « 

monly established upper and lower work- j.,,, Practical upper and 

ing limits of Q/nD^ plotted against lower limits for dimensionless 
. !• p • 1 i • 1 volumetric flow factor VS. compres- 

compression ratio ior single-stage, single- 
sided centrifugal impellers. 

Using the preceding methods and the data available from Figs. 73, 
74, and 76, impeller speed, tip diameter, and eye or annulus diameter 
can be selected to meet the required external characteristics of the 
compressor. These dimensions may require modification as design and 
test work progress, but they will at least provide a starting point based 
upon experience with other compressors that have proved to have 
satisfactory performance characteristics. 
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COMPRESSION RATIO 
Fig. 76. Practical upper and 
lower limits for dimensionless 
volumetric flow factor vs. compres- 
sion ratio. 
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The axial width of impeller blades at the exit of the impeller is deter- 
mined by the volume flow rat at the impeller tip and the discharge 
angle (see Fig. 72). The volume of flow leaving the mpeller is depend- 
ent upon the mass flow and the density at the impeller exit, which latter 
depends upon the efficiency of the diffusion process through the impeller. 
It is necessary to assume an efficiency value for this flow process in pre- 
liminary calculations that is consistent with the expected over-all 
efficiency. The total circumferential cross-sectional area at the impeller 
exit is then 

A = 

^ PbVu tan /3 

where Vu is the tangential component of velocity of the leaving gas, and 
is the impeller discharge angle. Discharge angles usually stay within 
the limits of 12 to 24 deg. Low values of p result in excessively high 
blades and higher rates of diffusion in the flow through the impeller 
than are consistent with good efficiency; high values of result in high 
Mach numbers relative to the stationary diffuser vanes and reduce the 
flow range. 

The selection of actual blade shapes is still a matter of skill and 
experience if high-efficiency performance is to be expected. The liberal 
use of scale models is most helpful and reduces the margin of ignorance 
to size effects. The necessity for giving the proper direction to the 
leading edge of the blade relative to the approaching air, the avoidance of 
short-radius turning of the air flow, reasonable pressure distributions 
along the blade, and gradual changes in cross-sectional areas of the flow 
passages arc obvious. The number of blades required for maximum 
efficiency and the thickness and shaping of the blade edges require the 
application of experience. 

The designer of centrifugal impellers has been severely limited in the 
past because of mechanical-strength problems and the difficulty of 
machining any but simple blade contours. The typical impeller shown 
in Fig. 71 was formerly machined with straight radial blades out of a 
blank or forging of a lightweight alloy. The curvature of the leading 
edges was then produced by bending the blades over forms in a special 
fixture; methods of machining the complete impeller have since been 
adopted. Other impellers have been made in two parts, the outer disc 
having straight radial blades and the entering end having been machined 
out of a forged blank; the finished halves are then doweled together. 
The machining of the half with doubly curved blades on a machine 
developed for the purpose has permitted the use of better blade shapes 
with longer diffusing passages through the impeller so that a 13-in.- 
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above 1,300 to 1,400 fps or at total pressure ratios in excess of 3.2 to 3.8. 
The flow from the impeller tip is almost tangential, and the whirl velocity 
in the vortex chamber or annulus is approximately inversely propor- 
tional to the radius (owing to the conservation of angular momentum, 
r^(d(a/dt) = constant). Supersonic diffusion occurs without shock in 
the vortex or vaneless diffuser space, and velocities become subsonic 
before reaching the diffuser vane tips (see Fig. 78). 

The number of diffuser vanes and the clearance between vane tips 
and impeller rim have a considerable influence upon the external charac- 
teristics of the compressor. In general, increasing the number of vanes 
either in impeller or diffuser defines the air flows more rigidly. Within 



IMPELLER TIP SPEED FT./ SEC. 
Fig. 78. Typical flow Mach niinibers in 
the vaneless diffuser space of compressor 
with 21-in.-diameter impeller. 


0.8 

0.7 


0.5 
0.4 

0.16 0.18 0.20 0.22 0.24 0.26 0.28 

LOAD COEFFICIENT •— 

N 

Fig. 79. Effect of number of diffuser 
vanes upon efficiency of one compressor. 



limits, the efficiency may be increased, but the operating range is corre- 
spondingly decreased. That is, the curves of efficiency against delivery 
and pressure ratio tend to be sharper with higher maxima, as in Fig. 79. 
Attempts to replace diffuser vanes with cascaded airfoils have also 
resulted in a reduced width of operating range. Increasing the clearance 
between the impeller tip and diffuser vane tips has the effect of widening 
the operating range, usually accompanied by a small loss in peak efficiency. 

Diffusers for use with can-type combustion chambers usually have one 
diffuser vane per chamber, although supplementary vanes may be used 
to assist in turning the air flow around corners. Some representative 
diffuser vane configurations are sketched in Fig. 80. 

The progressive rises in static pressure through the flow passages of a 
typical dual-entry centrifugal compressor are shown in Fig. 81. These 
curves are plotted for the flow conditions existing in a jet engine running 
at various shaft speeds. 

Diffuser design is primarily a matter of observing the general restric- 
tions placed upon other high-efficiency flow processes: no abrupt changes 
in passage areas, no short-radius changes in flow direction at high, 
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velocities, and careful attention to detail in selecting size, shape, and angle 
of attack of guide vanes. The cross-sectional flow area at the exit of the 
vortex chamber and point of entry to the diffuser guide vanes may vary 
from a third greater to twice as large as the impeller exit area. The pass- 
age areas then expand from the minimum or throat area at the guide vane 
entrances until the exit is reached with a total area of about twice that of 
their effective entrance areas. The length of the diffuser passage is 
determined by the slope of the area-expansion curve, often equivalent to 



Fig. 80. Partial section of dual-entry cen- 
trifugal compressor with individual can-type 
combustors. Vane-type diffuser with corner- 
turning vanes in the elbow of the combustor 
duct. 


Fig. 81. Static-pressure-rise ratio 
through compressor flow passages of 
typical double-entry centrifugal com- 
pressor. {From L. J. Cheshire, Proc. 
IME, vol. 153, pp. 409-512, 1945.) 


a conical diffuser with an included-angle slope of approximately 6 deg. 
By shaping the diffuser vanes and by proper design of the outlet cones of 
diffusers intended for use with can combustors, any schedule of divergence 
selected by the designer can be fitted. The principal limitation here is 
space, since long diffusion passages may require excessive space for air- 
craft applications. 

The efficiency and flow of a given compressor depend upon entrance 
conditions, impeller speed, and the pressure ratio against which the com- 
pressor is required to work. Usually the data is plotted with mass flow 
as the abscissa and pressure ratio as the ordinate. Lines of equal cor- 
rected compressor speed are then plotted with lines of constant efficiency 
superimposed. Figure 82 is typical of single-stage centrifugal com- 
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pressors in use in jet engines. The dashed surge liiie indicates limiting 
conditions of flow and pressure ratio beyond which the angles of attack 
of impeller vanes, diffuser vanes, or both, are too great and stall occurs. 
Attempted operation above the surge line results in unstable flows with 
local flow reversals and pressure oscillations that may become very large, 
particularly when the compressor is coupled to a turbine and combustion 
chamber. The slight step in the surge line of Fig. 82 may be due to the 
occurrence of stall at different places in the compressor for different flow 
conditions. 

The design of the compressor must be such that the operating line^' 
shown on Fig. 82 lies within the range of stable and efficient compressor 



Fig. 82. Pressure-flow characteristic of high-efficiency centrifugal compressor with 
constant efficiency contours shown. 


operation. The operating line is the line connecting the points of stable 
equilibrium at various speeds for which the air-swallowing characteristic 
of a turbine matches the delivery-pressure-flow characteristic of the com- 
pressor and at a combustor temperature at which turbine and compressor 
shaft powers match. There is ordinarily one operating line on the 
corrected performance plot for a jet engine with a fixed-area exhaust 
nozzle and at a selected flight speed or ram pressure ratio. For jet 
engines with adjustable exhaust nozzles and for gas turbines driving 
controllable-pitch propellers, there are families of curves for the operating 
lines. 

In order to get a clearer idea of the flow characteristic of the com- 
pressor of Fig. 82, corrected mass flows are plotted against corrected 
rpm for different values of pressure ratio in Fig. 83. The effects of 
changes in pressure requirements upon flow at a given compressor speed 
are easier to visualize than in the preceding illustration. 
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Pressure ratios higher than 3 or 4 are not ordinarily obtained at high 
efficiency in single-stage centrifugal compressors, although some experi- 



CORRECTED SPEED 

Fig. 83. Flow-speed relation for centrifugal 
compressor at different compression ratios. 


subjected to the same sort of analysis 
compressor. For such a compressor \ 


mental compressors have yielded 
ratios as high as 6 with fair effi- 
ciency. The limitation is impeller 
tip speed as determined from me- 
chanical and flow considerations. 
Higher pressure ratios than these 
are obtainable by operating cen- 
trifugal compressors in series, using 
as many stages as are required to 
obtain the desired ratio. 

19. Axial-flow Compressors. 
An axial-flow compressor can be 
that was applied to the centrifugal 
rith uniform axial flow, considering 
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where F 2 m — Viu is the change in whirl or tangential component of the 
flow velocity produced by the rotor. If the stator-blade curvatures are 
such that air enters the rotor in an axial direction without whirl, Viu is 
equal to zero. Ideally, the rotor-blade curvature can also be increased 
so that the relative discharge velocity of the rotor is purely axial, and it 
is then apparent that the tangential component V 2 u is identical with the 
rotor velocity u. The energy-transfer equation is then rewritten 
E = u’^/gy identical with Eq. (124) for the centrifugal compressor. 

If the above stipulations were adhered to, theoretically a single-stage 
axial-flow compressor could be built with as high a pressure ratio as a 
single-stage centrifugal compressor. Practically, this is not possible 
because of the fluid flow limitations that do not appear in formulas. 
Single-stage compression ratios are more often limited to values of the 
order of 1.2 rather than the 4 to 6 obtainable from centrifugal com- 
pressors. This is*due partly to the difficulty of turning air through the 
required large angle in a single-stage rotor. At the same time the rotor 
must act as a diffusing passage in the flow process for maximum-pressure- 
rise designs, and the length of passage or distance across the rotor is much 
too short to permit a large pressure change to take place eflSiciently. 
Further, since the blade speed on the inlet side of the rotor is the same as 
the blade speed on the outlet side in the axial-flow rotor, a limiting speed 
condition exists at the entering edges of rotor blades in the axial design. 
This is different from the centrifugal compressor in which air enters the 
impeller at the eye, where blade velocities are low with respect to impeller 
tip speed. Axial-compressor-blade tip speeds must be lower than in the 
centrifugal compressor to avoid severe shock losses at the inlet edges of 
the rotor blades. 

A practical limitation is recognized in the amount of ‘Tift’’ that can 
be obtained across a single stage consisting of one row of rotating blading. 
Attempting to exceed this limiting value of lift or pressure ratio results 
in a stalled airfoil, or in this case a stalled compressor stage. The char- 
acteristics of axial-flow compressors are more sharply peaked when plotted 
against flow or pressure than are those of centrifugal compressors, 
although higher peak efficiencies are usually obtainable in the axial-flow 
design. 

Equation (133) indicates that the energy imparted to the air flow by 
the rotor is proportional to the change in whirl or tangential component 
of flow velocity through the rotor. A study of the turning of air flows in 
airfoil cascades, then, provides a starting point for axial-flow compressor 
design. Vector diagrams of flow paths through compressor-blade rows 
are useful. Angles are usually measured from the axis of the machine, 
as in Fig. 85. 



110 


OAS TURBINES FOR AIRCRAFT 


For purposes of simplification, a two-dimensional flow path is assumed. 
Air enters with velocity Vi and angle a and leaves with velocity V 2 and 
angle 

The change in energy across the blade row is 

E = ^ {VI - VI + v\ - vl) ft-lb/lb (134) 

where (l/2g)(Vl — F?) is the energy due to the change in absolute 
velocity, and (l/2gr)(yf — vf) is the energy of compression in the diffusing 
passage through the rotor-blade row. This is the same as Eq. (122) for 
the centrifugal compressor except that the term for the centrifugal flow 

forces does not appear in a com- 
pressor with true axial flow. 

From momentum relations, the 
change in total pressure across the 
moving-blade row is 

AP = p(F 2 „ tan Of — Flo tan 

(135) 

Equation (135) is actually correct 
only for incompressible flows but 
may be used with but small error 
for single stages of axial-flow com- 
pressors. The total pressure change 
AP across the moving-blade row 
includes both static and velocity pressure increases. The velocity pres- 
sure increase is 

I (Vl - VI) = I (Fi. tan> + Vl„ - FL tan^ a - F?J 

which reduces to (p/2)FJ(tan^ 13 — tan^ a) when Fio is equal to F 20 and 
the axial flow velocity Fa is uniform on either side of the blade row. The 
static pressure component is 

Ap = I (vl - 4) (136) 

The relative values of velocity and static pressure components depend 
upon entering and leaving flow velocities and angles. 

The kinetic energy of the flow leaving the rotating-blade row is usually 
translated, at least partially, into a pressure rise. In the axial-flow com- 
pressor, this is done by passing the flow through a stationary-blade row. 
Turning the air flow from the relatively large entering angle ff (leaving 
the rotating row) to a smaller leaving angle a (usually the same a as in 




Fia. 85 . Flow diagrams through moving- 
blade row of axial-flow compressor. 
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entering the rotating row) is equivalent to flow through a diffusing nozzle. 
The cross-sectional flow area available at the entrance of the stationary- 
blade row or cascade is roughly proportional to cos jS, and the effective 
leaving area is proportional to cos a, so that the diffuser ratio or ratio of 
leaving area to entering area is cos qj/cos /S. The same type of flow usu- 
ally is found in the rotor blades, except that the flow angles relative to 
the moving-blade row must be used instead of a and p. 

Since turning the flow through a large angle is the equivalent of a 
large diffuser-area ratio, the turning angle /? — a is necessarily small in 



Fia. 80. Rotor of 6-stage symmetrical-design axial-flow compressor. Compression ratio, 
2.8, tip diameter 17.7 in., 17,000 rpm. {W estinghouse Electric Corporation,) 

order to avoid large diffuser losses in the short flow distance through the 
blade row. Only small pressure ratios are normally possible in a single 
blade row. Early development work on axial-flow compressors with 
rotor blades moving at supersonic velocities indicates that higher pressure 
ratios may be obtained in a single stage in the future. 

The force that the blading must exert on the flow to turn it from to 
a is separated into two components, the tangential force and the axial 
force. From momentum, the tangential force per unit axial flow area is 

= pFKtan p - tan a) (137) 

when the axial component of flow velocity is uniform. The force in the 
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Fia. 87. Stator for compressor rotor of Fig. 86. Note three rows of straightening vanes 
at exit end. {W estinghouse Electric Corporation.) 

axial direction is the pressure-rise force 

Fa = ii;p72(tan2 ^ ^ tan^ a) (138) 

where rj is the diffuser efficiency of the cascade. The resultant force is 

Fr = 7Jp(tan 0 — tan a) 
at the direction 

90® + tan“^ (tan + tan a) 

This resultant force is the lift force of the cascade of airfoils. 

Although many single airfoils have Cd/Cl ratios as low as 0.01 for 
large aspect ratios, there are usually reasons related to structural strength, 



.^1 + ^ (tan ^ + tan a) ^ 
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requirements on camber, etc., that prevent their use in axial-flow com- 
pressors. About the best that can be done in practice is to use a profile 
that has about twice as large a drag/lift ratio or Cd/Cl = 0.02. With this 
value of Cd/Cl, the deflection angle of the flow will be less than the ideal 
turning angle by tan”^ 0.02 or 50.6'. The flow direction will then be 
related to the efficiency by 

50.6' - t^-,( ta°8 + ton« \ 

If this equation is solved for the efficiency rj for different values of 
|^(tan + tan a), it will be seen that ri has a maximum value of 0.96 when 
the mean flow angle tan““^ [i(tan tan a)] is very close to 45 deg. 
This calculated efficiency decreases as the mean flow angle departs from 
45 deg, slowly at first and then rapidly as the mean flow angle approaches 
0 or 90 deg (compare with Fig. 25). 

The value 0.96 for rj calculated for a 45-deg cascade with a drag/lift 
ratio of 0.02 is a great deal higher than is achieved in axial-compressor 
practice. This can be traced to the fact that an actual three-dimensional 
compressor model differs from the two-dimensional cascades just discussed 
in several important respects. 

These effects result in the losses in the actual compressor being several 
times as great as the losses for an infinite cascade. These additional 
losses have been studied rather thoroughly, so we know approximately 
how much loss to expect from casing-wall friction, tip clearance, trail- 
ing vortexes, etc. The equation above, with the effective value of 
tan”^ (Cd/Cl) substituted for the angle 50.6', gives a fairly good descrip- 
tion of the efficiency in its dependence on the flow angles. 

There are certain conditions of equilibrium that are established under 
steady flow conditions in an axial-flow compressor. First, the pressure 
rise across the compressor must be constant from hub to tip. This may 
not be strictly true for individual stages but is generally desirable. This 
condition may be expressed as 

•nu(V 2 a tan P — Via tan a) — constant (139) 

independent of r when r/, u, Va, 0, and a may all vary with r. Second, 
the centrifugal force due to tangential whirl at every radial distance must 
be balanced by a static pressure gradient 

(140) 

When axial velocity is held constant throughout the compressor and 
when the first condition of constant total pressure rise is met, the product 


^tan 0 -h tan 
I 2 
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rVu is constant, and the compressor design is the constant-circulation 
type. 

The preliminary design of a constant-circulation cascade for a com- 
pressor stage proceeds in an orderly manner when the entering and leaving 
flow angles are known at the mean diameter. Velocity triangles at other 
radii are constructed, keeping the product of rV^ constant. The condi- 
tions of Eq. (139) are observed, where w(tan — tan a) is a constant, 
assuming tj fixed for a constant-circulation compressor. The deflection 
or turning angles in both rotor and stator are known from fii — ai and 
^2 — « 2 , as well as the relative flow angles in rotor and stator from the 
velocity triangles. Since the relative flow angles, and therefore the 
turning angles, are known for either blade row at any chosen radius or 
blade height, the actual blade form to be used can be selected from cascade 
data for blades with varying cambers and angles of incidence. Blade- 
setting angles, blade forms, and camber angles are then established. 

Figure 88 shows the principal dimensions and angles in an airfoil 
cascade. The flows indicated are absolute for stationary-blade rows and 
relative for moving-blade rows; camber of the airfoil is shown as an angle 



0 = i(5' — a' instead of the distance 
y usually used in aircraft wing 
shape descriptions. jS' — is the 
incident angle at the leading edge 
of the blade, corresponding to 



Fig. 88. Notation for principal dimen- Flo. 89. Vector diagram of forces acting 
sions and angles in an airfoil cascade. on blade in rotating row. 


angle of attack in the simple airfoil, oc — a' is the deviation angle of the 
flow leaving the trailing edge of the blade; a' is sometimes designated as 
the blade-setting angle. 

The deflection angle or turning angle of the flow is — a, and may 
approach 0, the camber angle, in very closely pitched blade rows. The 
chord c is the width of the blade, and the pitch s is shown. Figure 89 
shows the forces acting on a blade section in a rotating row; €, the gliding 
angle, is tan"”^ (Cp/Cl). 

Aspect-ratio effects are usually quite large in axial-flow compressors, 
since mechanical-strength considerations may limit blade lengths to 
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aspect-ratio values of the order of 2. Longer blades are sometimes 
designed with thick sections near the hub to keep centrifugal and bending 
stresses within limits; poor cascade performance near the hub is accepted 
in order to gain the advantage of a higher aspect ratio. At the best there is 
serious tip-clearance leakage, and usually no effort is made to fair blade ends 
into shroud rings, when shroud rings are used. Tip clearances are appre- 
ciable when compared with average blade height at the tip, and over-all 
eflSciency may be reduced by the order of 2 percent when the tip clearance 
is increased from 1 percent of blade length to 2 percent of blade length. 
Reducing tip clearance under the 1 percent factor may yield a limiting 
benefit of 1 percent rise in efficiency. Aspect-ratio and end effects are 
less important when the turning angle of the flow is small. 

Conventional axial-flqw compressors almost always operate at Rey- 
nolds numbers above 250,000 and frequently above 1,000,000 with respect 
to the blade chord. Efficiency begins to fall off at Reynolds numbers 
below 400,000 as a rule, and if the compressor is operated at values below 
100,000, efficiency drops rapidly. Mach number is a limiting factor at 
the other end of the scale; when local Mach numbers approach 1.0, 
serious energy losses result. Practically, this means that the rotor tip 
Mach number of an axial-flow compressor usually cannot exceed 0.7 or 
0.8 before efficiency begins to drop. An isometric diagram of adiabatic 
efficiency of an axial-flow compressor is shown plotted against both 
Reynolds number and Mach number in Fig. 90. 

The air-swallowing capacity of an axial-flow compressor with straight 
flow inlet can be estimated from Fig. 74 for centrifugal compressors by 
making the ratio of eye diameter to tip diameter unity. Permissible tip 
velocities can be increased considerably by placing prewhirl vanes ahead 
of the first row of rotating blades, and flow may thereby be increased with- 
out exceeding limiting Mach numbers. 

A high degree of turning is usually achieved through the medium of a 
cambered blade form. Flow through an uncambered-blade row with 
small turning of the fluid flow in general means little change in flow area ; 
there is negligible diffuser action, and principally whirl energy is added 
in the rotor-blade row; the compression-energy term {l/2g){v\ — y|) of 
Eq. (134) is very small. 

If blade paths are designed for the lowest relative Mach numbers 
throughout the compressor for a given flow in a given inlet duct or com- 
pressor entry, it will be found that the fluid undergoes about the same 
amount of turning in the rotor-blade rows as in stator-blade rows. 

A compressor in which diffusion takes place in both rotating- and 
stationary-blade rows in approximately equal amounts is known as a 
symmetric compressor, and the static pressure rise is uniform through 
both rotor and stator blades. Theoretically, a symmetric compressor 
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should yield the maximum pressure rise per stage and result in the shortest 
compressor axially for a given pressure ratio. Rotor and stator blades 
may be mirror images of each other. 

A compressor with only turning and but negligible diffusion in the 
rotor blades must depend upon the stator rows to act as diffusers; and 
conversely, in other designs, diffusion may be almost complete in the rotor. 
In both cases, the amount of static pressure rise per stage is less than that 



Fia. 90. Isometric diagram of adiabatic efficiency of an axial-flow compressor plotted 
against Reynolds and Mach numbers. (JPonamareff, Westinghouse Eng., March, 1947.) 


available per stage in the symmetric design because of Mach-number 
limitations. Such compressors are known as antisymmetric or non- 
symmetric types. Another classification of compressor types is obtained 
by specifying whether the compressor is a reaction or impulse compressor. 
The percentage of the stage static pressure rise that occurs in the rotor 
defines the percent reaction; a symmetric compressor with 50 percent 
pressure rise in the rotor is a 50 percent reaction compressor, while an 
impulse nonsymmetric compressor with 10 percent static pressure rise 
in the rotor would be 10 percent reaction or 90 percent impulse. 

Experimental evidence to date indicates that for a given over-all 
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compression ratio, a nonsymmetric compressor (about 10 percent impulse 
or 90 percent reaction) has slightly higher efficiency than the symmetric 
design. More stages are required to achieve the required total pressure 
ratio owing to speed limitations, and the compressor is larger and heavier; 
the authors suspect that a symmetric design of the same number of stages, 
over-all compression ratio, and physical length would show about the 
same or better efficiency than the nonsymmetric design. Some European 




Ktg. 91. Velocity diagrams for three types of axial-flow compressors. Typical pressure 
rises plotted under blade diagrams. 

and British design experience has been just the opposite of that in the 
United States. 

Still a third type of blade path is known as vortex blading. In the 
symmetric compressor, there arc prewhirl vanes ahead of the first row of 
rotor blades, and flow enters and leaves both rotor and stator blades 
with whirl energy; in the nonsymmetric design, flow enters the rotor 
blades axially and leaves with whirl; and in vortex blading, air enters 
rotor blades with whirl and leaves substantially axially. Therefore the 
stator blades are required to provide some velocity acceleration to add 
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entering whirl velocity for the succeeding row of rotor blades, and there 
is a slight static pressure drop through the stator rows. The tangential 
or whirl velocity is usually made inversely proportional to the radius of 
rotation, as is the case with constant-circulation blading. This type of 
whirl- velocity distribution is also known as a free vortex; hence the name 
vortex blading. The three types of compressor-blade paths and their 
static pressure rises are shown schematically in Fig. 91. Efficiency of the 
vortex compressor is usually comparable with that of the nonsymmetric 


compressor. 

The symmetric compressor is a high-flow-rate device when worked to 
the limit, and its relatively high axial flow velocity can lead to substantial 
leaving losses or diffuser losses at the exit. An examination of the velocity 
diagrams of Fig. 91 indicates that air flow through the symmetric com- 
pressor follows a helical path with zigzags corresponding to changes in 

whirl velocity, while flows in the nonsym- 
OEFLECTiON OR TURNING ANGLE metric and vortex designs are largely axial 



with tangential velocity zigzags. The 
straightening vanes at the exit end of the 
stator in Fig. 87 are typical of symmetric 
design. 



BLADE CAMBER 


Fig. 92. Widths of equivalent 
flow passages through turbine- and 
compressor-blade rows. {A. B. 
Howell, Proc. I ME, vol. 163, pp. 
409-512, 1945.) 


Fig. 93. Flow turning angle 
vs. blade camber for pitch/ 
chord ratio equal to 1.0 and 
blade-setting angle of 30 deg. 
(A. B. Howell, Proc. I ME, 
vol. 153, pp. 409-512, 1945.) 


The amount of turning in a blade row of an axial-flow compressor is 
much less than that customarily found in a turbine-blade row. Where 
the turning in a turbine-blade row may be of the order of 60 to 130 deg, 
the fluid flow deflection in the compressor-blade row is apt to average 
15 to 20 deg, perhaps 6 to 20 deg at the blade tip, 10 to 24 deg at the mean 
diameter, and 20 to 30 deg at the root. The width of equivalent flow 
passage through the turbine blades may change through a ratio of 2:1 
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or more, while that of the compressor row would be nearer 1.4: 1 or less, 
as indicated in Fig. 92. In Fig. 93 the amount of turning or fluid deflec- 
tion is shown plotted against camber angle $ in degrees for a typical 
compressor-blade section with a pitch/chord ratio = 1.0 and a blade- 
setting angle of 30 deg. 

The blade forms chosen for a given compressor are a matter of selec- 
tion by the designer based upon cascade tests, previous experience, and 
calculation. A skilled designer can usually predict compressor per- 
formance characteristics with a surprising degree of accuracy if he is 
provided with sufficient cascade- 
test data for the airfoil shapes in | 
question. Guessing at cascade § i .4 
characteristics is unprofitable, and i , g ^ 
actual tests are required. Fre- | 
quently it is possible to design a g ‘ O 
blade with the correct form, taper, 2 o.s 

length, twist, and camber for a S 
particular stage, and then by judi- § 
cious cropping of length of the ^ o .4 
blank make it do for a number of ^ ^ 

.... . , ACTUAL VELOCITY RATIO/DESIGN VELOCITY RATIO 

neighboring stages without serious non-symmetric 

loss of efficiency. This practice symmetric 

leads to quick results in develop- Fio. 94. Axial-flow-compressor pressure- 

ment work and possibly to lower off-design conditions, 
manufacturing costs, but not nec- 
essarily to optimum efficiencies. Advances in blade-fabricating tech- 
niques may tend to make this practice obsolete. 

It may also be necessary to sacrifice something in the drag/lift ratio 
of the blade form selected in order to obtain a blade that will accept off- 
design flows without too great a penalty in efficiency losses. A change in 
volumetric flow without a corresponding change in rotational speed will 
result in a shift of the velocity ratio or the ratio of the mean axial flow 
velocity to the mean peripheral rotor-blade velocity, where the mean 
diameter is defined as the product of the tip diameter and ^/(l + h^)/2. 
A shift in velocity ratio calls for a change in blade-angle setting, and since 
this is normally impractical in service, the blades must be able to accept 
flows at varying angles of incidence or attack without stalling or serious 
loss of efficiency. A 20 percent change in velocity ratio may result in a 
stall or a 3 to 4 percent drop in efficiency accompanied by a much larger 
change in the pressure-rise ratio (see Fig. 94). A well-rounded leading 
edge may not give a blade the lowest possible drag/lift ratio, but it fre- 
quently holds up efficiency at off-design operating conditions better than 
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does a blade with a sharp leading edge and lower drag at the design 
point. 

The pitch/chord ratio of a blade row is important both to pressure 
ratio of the stage and to stage efficiency. Figure 95 shows the effect of 
varying the pitch/chord ratio at the mean diameter of one typical com- 
pressor stage. The choice of h, the hub diameter/tip diameter ratio, 
influences pitch selection, since a very small hub leads to blades that are 
pitched much too closely near the hub if spacing at the tips is not to be 
too great. Hub/tip ratios greater than h =0.7, on the other hand, may 
lead to excessive efficiency losses, owing to the relatively greater influence 
of friction losses and end effects. 

The flow function F = Q/nD^ discussed earlier in connection with 

centrifugal compressors is ecpially appli- 
cable to axial-flow compressors, and 
since irnD = f", it may also be written 

Since the volumetric flow Q decreases 
as the gas is compressed in passing 
through the compressor, the axial veloc- 
ity may be reduced progressively in 
successive stages, or the blade length may 
be reduced by going to a larger hub/tip 
ratio, or the designer may employ a com- 
bination of the two. Holding the hub 
diameter of the compressor rotor constant 
and decreasing blade height requires a smaller change in hub/tip ratio and 
generally leads to higher efficiency than holding tip diameter constant 
and increasing hub diameter; all combinations of the two are used in 
practice as design requirements are modified by tip-leakage areas, etc. 
The possible stage pressure rise is greatest in the constant-tip-diameter 
design, since absolute blade velocities are higher than in the constant-hub- 
diameter design, and required blade lift coefficients are lower for a given 
pressure rise. 

A rough size calculation for an axial-flow compressor can be made from 
the data presented here, although it is not the intention of this volume to 
present detailed design methods or data. With total pressure and tem- 
perature at the inlet known, the static pressure and static temperature 
are calculated from the design value of axial velocity Va at the inlet, and 
the required flow cross section is then established from Va and the 
specified inlet flow rate. It is necessary to assume a value of efficiency 
j\c for the compressor and to calculate the exit total temperature from 



Fig. 95. Axial-flow-conipros.sor pres- 
sure-rise and efficicMicy corre<‘t-iou 
factors vs. pitch/chord ratio for a 
typical design. 
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Eq. (121). After the axial flow velocity at the exit has been selected, the 
exit static pressure, static temperature, flow, Q^t, and required exit 
cross-sectional area may be established. Selection of the inlet and exit 
hub/tip ratios then establishes the inlet and exit tip and hub diameters, 
and the principal dimensions of the compressor are fixed except for speed 
N, the length of the compressor, and the number of stages. The speed 
N is chosen with due regard to maximum permissible tip Mach number 
at the entrance to the first row of rotating blades. Since the fluid density 
increases with flow through the compressor, the blade width can usually 
be decreased progressively through the compressor, leading to a shorter 
compressor. 

Principal dimensions for three axial-flow compressors, each designed 
for 30 lb of air per second at 70°F inlet temperature (24,000 cfm) and with 
a compression ratio of 4:1 are shown in the following tabulation. The 
tip Mach number of the vortex compressor is low, and an increase in 
speed would be permissible; Mach numbers of the other two designs are 
near the limit for efficient over-all design. 

Approximate pressure-rise ratios per stage that may be expected for 
symmetric-, nonsymmetric-, and vortex-flow compressor designs are 
shown plotted against rotor tip speed in Fig. 96. The total stage pressure 


Data on Typical Axial-flow Compressors* 



Compressor 

Symmetric 

Nonsymmetric 

Vortex 

Speed, rpm 

15,750 

8,750 

5,000 

Number of stages 

10 

38 

22 

Stage pressure ratio 

1.140 

1.080 

1.062 

First stage 




Tip diameter, in 

16 

19 

24.5 

Hub diameter, in 

10 

11.5 

15.25 

Blade length, in 

3 

3.75 

4.63 

Tip velocity, fps 

1,100 

725 

535 

Axial flow velocity, fps 

525 

335 

200 

Tip Mach number 

0.72 

0.72 

0.58 

Last stage 




Tip diameter, in 

16 

19 

24.5 

Hub diameter, in 

14 

16 

21.25 

Blade length, in 

1.0 

1.5 

1.63 

Tip velocity, fps 

1,100 

725 

535 

Axial flow velocity, fps 

475 

275 

195 


* PoNAMAREFF, WesHnghouse Eng ., March, 1947. 





122 


GAS TURBINES FOR AIRCRAFT 


ratio appears to be more dependent upon rotor tip speed than upon the 
type of blade design for blade paths of comparable efficiencies. Maxi- 
mum tip speeds are limited by local Mach numbers and the velocity 
triangles of the various blade-path designs. With prewhirl before the 
first rotor stage, the symmetric compressor can operate with tip speeds of 
1,300 fps or higher. However, the nonsymmetric and vortex designs 
may be limited to tip speeds of the order of 800 fps and 600 fps because 
of axial entry, or actual contra-prewhirl in the case of vortex blading. 
The data of Fig. 96 are not representative of all blade-path designs, 
however. The symmetric 6-stage rotor of Fig. 86 is worked to the limit 
for reasonably high efficiency, and delivers air at a design compression 

ratio of 1.185 per stage. 

It should be remembered that 
high relative tip Mach numbers (in 
excess of 0.7) are likely to lead to 
serious decreases in stage efficiency. 
The first stage Mach number may 
be higher, however, in order to keep 
diameter as small as possible for the 
required flow, perhaps as high as 
0.75, since the Mach number de- 
creases quite rapidly in succeeding 
stages. This is due to temperature 
increase, decreases in axial velocity, 
reduced tip diameter, or combina- 
tions of these factors. The use of 
prewhirl vanes reduces losses for a given air flow, but also cuts down the 
pressure rise. Tip Mach number is 
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Fia. 96. Approximate stage pressure ratios 
for symmetric-, nonsymmetric-, and vortex- 
flow compressor designs plotted against 
rotor tip speed. 


M tip 


V(f/ - F .P + VI 
49.2 \/'t 


(142) 


The available stage pressure ratio can also be calculated from aero- 
dynamic data for the blade row or cascade, provided that the proper 
corrections that must be applied to individual airfoil characteristics are 
known. The lift force or resultant of the forces on a blade row given in 
Eqs. (137) and (138) is the pounds of lift required per unit axial flow area. 
Using flow data at the mean diameter of the blade row as a first approxi- 
mation, the mean relative velocity is taken as the relative velocity at 
half of the total turning angle 


»r = y a ^1+1 (tan /S + tan a)® 


(143) 
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The lift coefficient from aerodynamic relations is 

. ^ 2L 
^ ““ pvlA 

where L is the lift per unit area of flow, and where A is the total blade 
area per unit of axial cross-sectional flow area through the row, or c/s. 


( 144 ) 


Cl 


^ sVlpjtBXi 13 — tan a) VI + ( 77 / 2 ) (tan + tan a)^ 

cpVl{l + [(7?/2)(tan/5 + tan a)]^\ 

$ 2(tan — tan a) 

c \/l + (T;/2)(tan jS + tan a)^ 


where s/c is the pitch/chord ratio of the blade row. 

Since Eq. (135) gives the total pressure change across the moving- 
blade row as 

AP = pFo(tan — tan a)u 


this can also be expressed by using Eq. (145) as 


AP 




I (tan p - 


tan 


“ 2 


(14(5) 


The maximum value of Cl that can be obtained for blades in a cascade 
is considerably lower than the lift coefficients that apply to single air- 
foils, although the drag/lift ratio of the single airfoil is increased only 
slightly in a cascade when end effects are excluded. Lift coefficients are 
slightly less for the same angles of attack when the angle of attack in the 
cascade is taken with respect to the mean flow line. Actually the angle 
of incidence on the leading edge of the cascade airfoil may exceed this 
assumed angle of attack by a large margin, and the blade stalls earlier 
than does an individual airfoil. Figure 97 shows a typical relation 
between lift-drag plots for an individual airfoil and a blade in an infinite 
cascade. End effects further reduce the effective lift coefficient of a 
blade in a grid or cascade. Figure 98 shows the effect of pitch/chord 
ratio on cascade lift coefficients as well as the effects of the flow outlet or 
blade-setting angle for an average airfoil; a high blade-setting angle 
brings the adjacent blade surfaces closer together, and is equivalent to a 
decrease in the s/c ratio. 

Off-design characteristics of a compressor can be calculated if the 
effects of individual variations have previously been determined from 
model testing of individual stages and complete compressors. A few of 
these correction factors appear in the accompanying diagrams. Com- 
prehensive data is beyond the scope of this book. 

The external characteristics of axial-flow compressors are generally 
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represented by the plot of Fig. 99. Peak efficiencies may be somewhat 
higher than for centrifugal compressors, with off-design efficiency drop- 
ping away from the peak value faster than in the case of the centrifugal 



Cq 

Fig. 97. Lift-drag polars for airfoil cas- 
cade and isolated airfoil. 



PITCH /CHORD RATIO ■§ 

Fig. 98. Effect of pitch /chord ratio on cas- 
cade lift coefficients of typical blade section 
at different outlet flow or blade-setting angles. 


compressor. The sensitivity of flow rate to changes in compression ratio 
is also less than for the centrifugal compressor (compare Fig. 100 with 
Fig. 83). 



Fig. 99. External flow characteristic of typical axial-flow compressor. 


Figure 101 shows the characteristics of another higher pressure com- 
pressor. This is an early British design with 14 stages rated 50 lb of air 
flow per second under standard conditions at a conservative 8,000 rpm 





AIRCRAFTS AS-TURBINE COMPRESSORS 


125 


with a maximum rotor diameter over the blade tips of 1.71 ft. The 
blade-path design was symmetric with 50 percent reaction. The effi- 
ciency of this early compressor is about the same as that indicated in Fig. 



CORRECTED SPEEO 

Fig. 100. Flow-speed relation of axial-flow compressor at different compression ratios. 

102 for another compressor with 21 stages and a 10 percent impulse rotor; 
it was excellent for a 5: 1-ratio compressor at the time when designed. 

Present design practice will permit the construction of axial-flow com- 
pressors with shaft efficiencies at the design point of 90 percent or better 
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Fig. 101. External flow characteristic of 14-stage symmetric axial-flow compressor. 
Design compression ratio is 5; 1. 

for the lower pressure ratios. However, in order to get the last 2 or 3 
percent improvement in working efficiency, it is necessary to run at low 
Mach numbers and relatively low mass flow rates per square foot of 
frontal area. The specific weight of the compressor increases rapidly 
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with reduced speed. The value of small frontal area and low weight 
must be balanced against the penalty of lowered engine efficiency. This 
can be done properly only by comparing the two engine designs as each 
would be applied to an airplane for a given mission. The over-all per- 
formance characteristics of the aircraft with the different engine installa- 
tions then provide a sound basis for selection of the best engine for the 
job. 



Fio. 102. External flow characteristic of 21-staKe nonsyrnmetric axial-flow compressor 
with 10 percent impulse rotor. {Ponamareff^ Westinghouse Eng., March, 1947.) 

The design details of axial-flow compressors are subject to an infinite 
number of variations, most of which have relatively minor effects indi- 
vidually upon efficiency but in the aggregate account for wide variations 
in characteristics and efficiency. One designer will achieve a 5:1 com- 
pression ratio with 21 stages, and another will do it with 9 stages. Early 
German designs used 90 percent reaction rotors, and stator blades were 
little more than vanes made of curved sheet metal; partly as a result of 
this practice, their compressor efficiencies were from 5 to 10 percent lower 
than contemporary British and United States designs. In order to 
improve efficiency, German designers went to 70 percent reaction with 
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airfoil stator sections, and when their work stopped in 1945, 60 percent 
reaction blading was being studied. 

Various combinations of axial-flow and centrifugal compressors are 
possible; axial-flow inducer stages ahead of a centrifugal stage have been 
studied; a semicentrifugal entrance to an axial-flow compressor permits 
a smaller hub and greater air-swallowing capacity. The exit end of the 
compressor may also require a diffuser in order to slow axial leaving 
velocity to the point where the air can be accepted by the combustion 
chambers. Straightening vanes in the exit flow are also a normal 
requirement, and coarse screens have been placed across the flow to 
decrease large-scale turbulence and improve flow to the burners. Such 
a screen may be seen between the compressor and the axial-flow burner 
of the jet engine shown in Fig. 114; the compression ratio of this engine 
is approximately 4:1 with the high rotor tip speed of almost 1,300 fps, 
and symmetric stages. 

Mechanical construction details change from one design to the next, 
but a few limiting conditions carry through from one design to another. 
Low-speed compressors are frequently constructed w'ith drum-type rotors. 
The blades are inserted in a continuous drum or in rings that are flanged 
to fit one against the other; the entire assembly may then be pulled up 
tight and held together with a through bolt or stay bolt. This is satis- 
factory as long as speeds are low and centrifugal stresses are moderate. 
It has the further advantage that blades can be held in place in experi- 
mental compressors by means of threaded studs and nuts through the 
ring or drum surface, thus making it possible to change blade-setting 
angles easily. For high-speed compressors, however, it becomes neces- 
sary to go to disc-type construction with blades fitted into flanges that 
are machined from a solid-center forging with disclike extensions, or into 
discs assembled on a shaft. The high-speed, high-flow symmetric com- 
pressors use disc construction, while vortex and nonsymmetric compres- 
sors may use either disc or drum construction (see Figs. 103, 107, and 157). 

Axial-compressor rotor blades are usually made of a stainless or semi- 
stainless steel, although blading of light alloys and some of the better 
structural plastic materials have been experimented with. As long as the 
adiabatic temperature rise does not adversely affect the strength of the 
light-alloy blades, it is permissible to use them. Plastic blades, such as 
glass-reinforced phenolic laminates, in general are too much subject to 
creep distortion and erosion of leading edges to permit their use. Since 
rotor blades are very seldom shrouded, it is essential to select materials 
with high damping coeflScients. Methods of fastening the blades in the 
rotor disc or drum include both bulb- and tree-type roots, locked by 
means of grub screws, peening, or locking wires or keys. 
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Stator blades can usually be made of any material with moderate 
strength, stability, and corrosion and erosion resistance. Quite fre- 
quently they are shrouded at both ends, thus simplifying the fastening 
problem. Aluminum alloys and steel, including stainless, are normally 




F IG. 103. Cutaway views of drum- and disc-type rotor construction. 

used with or without protective coatings. Unshrouded stator blades 
should be made of materials with high damping coefficients. 

Leakage of air at blade tips and past shroud rings is probably the 
largest single source of energy loss in axial-flow compressors, so that 
thermal expansion effects upon blade-tip and shroud clearances are of 
first-order importance. Temperature gradients and thermal expansion 
in compressors result in greater variations of blade clearance than do 
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centrifugal-force deformations. Frequently blade tips are reduced in 
thickness to permit ''rubs” in operation without wrecking the com- 
pressor (see Fig. 104). 

Aircraft compressor casings are almost universally cast of either 
aluminum or magnesium alloys; magnesium alloys lead to the lightest 
designs, and compare favorably with aluminum in strength if generous 
fillets are used in all corners. Casings are frequently box-ribbed for 



Fig. 104. Typical compressor blades. {W estinghovse Electric Corporation.) 


strength and rigidity of structure; blade and shroud clearances depend 
upon rigid structures with stable dimensions. 

Antifriction-, sleeve-, and slipper-type bearings have been used. 
Thrust loads may influence the bearing design to a considerable extent, 
and it is necessary to make special provisions for thrust bearings. In 
some gas turbines, the axial thrust of the compressor rotor is fairly well 
balanced by an opposite thrust force on the turbine rotor on the same 
shaft; here there is a requirement for only a light thrust bearing. When 
the compressor thrust is not well balanced, however, the thrust-bearing 
problem becomes quite serious, and excessive bearing losses may occur. 
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Compressor thrust loads are sometimes balanced by means of labyrinth 
seals located at the proper diameter on the end face of the last high-pres- 
sure disc of the rotor. This method is also used for single-entry centrifugal 
impellers on the back side of the impeller. The symmetric axial-flow 



Fig. 107. Experimental locomotive compressor with solid rotor construction. Character- 
istics are shown in Fig. 102. 


compressor rotor usually has a smaller end thrust than either the vor- 
tex or the low-impulse nonsymmctric design. It would be expected 
to have a higher end thrust than a low-reaction nonsymmetric rotor with 
substantially constant axial flow velocity. 


CHAPTER 5 

FUELS AND BURNERS 


20. Fuels. Fuels suitable for use in aircraft engines are limited to 
liquids, and gas turbines are no exception to this rule; while efforts are 
being made to devise means for burning powdered coal in gas turbines 
for stationary, rail, and marine applications, solid fuels are not now prac- 
tical for aviation use. The characteristics of some commonly available 
fuels are listed in Table 3. From the standpoint of maximum heat value 
per pound, gasoline is the best fuel; from the standpoint of maximum 
heat value per cubic foot. No. 5 and No. 6 fuel oils are the best of those 

Table 3 


Fuel 

Specific 

gravity, 

60/60 

Viscosity 

Heat 

of 

vapori- 

zation, 

Btu/lb 

Pour 

or 

freezing 

point, 

Lower heat of com- 
bustion (60°F) 

Btu/lb 

Btu/cu ft 

Aviation gasoline .... 

Min. 0.68 

0 . 4 centipoise at 60®F 

130 


18,700*’ 

793,000 


Max. 0.73 

0 . 5 centipoise at 60®F 

140 

- 76*> 

19,000 

866,000 


Min. 0.70 

0 . 6 centipoise at 60®F 

130 


18,800 

822,000 


Max. 0.78 

140 

~ 40* 

19 , 100 

929,000 

Kerosene, No. 1 fuel 

Min. 0.77 

1 . 4 centistoke at 60®F 

110 

- 50 

18,400 

884,000 

oil 

Max. 0.83 

1 . 7 centistoke at 60° F 

120 

0« 

18,600 

962,000 

No. 2 fuel oil 

Min. 0.84 

32 SSU at 100°F 

100 

- 30 

18,200 

953,000 


Max. 0.89 

38 SSU at 100°F 

120 

10« 

18,400 

1,022,000 

No. 3 fuel oil 

Min. 0.87 

34 SSU at 100°F 

95 

- 20 

17,900 

972,000 


Max. 0.90 

45 SSU at 100°F« 

105 

20« 

18,100 

1,015,000 

No. 6 fuel oil 

Min. 0.93 

50 SSU at 100°F« 

105 

- 15 

17,500 

1,015,000 


Max. 1.00 

40 SSF at 122°F« 

115 

30 

17,900 

1,118,000 

No. 6 fuel oil 

Min. 0.95 

45 SSF at 122°F« 

90 

10 

17,300 

1,025,000 


Max. 1.02 

300 SSF at 122°F« 

100 

60 

17,500 

1,113,000 

Jet propulsion Jl’-2. . 

Min 

0.92 centistoke at 

120 


18,300 



100°F« 





Max. 0.850« 

10.0 cen^tokes at 

130 

- 76-’ 

18,500 

981 ,000 



-40°F‘» 





Navy diesel fuel 

Min. 0.80 

35 SSU at 100°F‘* 

105 

- 40 

18,400 

918,000 


Max. 0.82 

45 SSU at 100°F^ 

115 

0^ 

18,600 

951,000 

Benzene 

0.884 

0.7 centipoise at 60°F 

170 

42 

17,500 

966,000 

Methyl alcohol 

0.797 

1 . 34 centipoises at 60°F 

473 

-144 

9,060 

449,000 

Ethyl alcohol 

0.794 

0 65 centipoise at 60°F 

368 

-179 

11,910 

590,000 


* Freezing point of motor gaHoline is higher than aviation gasoline but probably not above --40°F. 
Specification Specification 

“ ASTM Tentative Specification. « Army-Navy Specification AN-F-34. 

^ Army-Navy Specification AN-h’-28. Navy Department Specification 7-0-2. 
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fuels listed. In low-speed aircraft, weight is at a premium; and in high- 
speed aircraft with thin wings and small fuselage, space is of equal value 
with weight. The choice of a best fuel for aircraft turbines must be a 
compromise between space and weight requirements for the necessary 
amount of heat needed for a flight, tempered by the peculiarities of the 
gas-turbine engine and the relative difficulties of storing and transporting 
the selected fuel, both on the ground and in the air. 

Most of the fuels used for aircraft gas turbines have fairly high vapor 
pressures at normal temperatures. Ordinarily, gasoline will have a 



Fig. 108. Holla Hoyce Nene I turbojet engine, 5,000 lb sal thrust, weight 1,550 lb. Note 
can-type combustors. 


sufficiently high vapor pressure on a warm day that the mixture of fuel 
vapor and air above the liquid surface will be too ''rich'' to ignite and 
explode from a spark or an incendiary bullet. Kerosene, on the other 
hand, has a lower vapor pressure, and under the same atmospheric condi- 
tions, the mixture of air and fuel vapor above the surface of kerosene may 
well exist in explosive proportions. If the temperatures of these liquid 
fuels are lowered, however, the vapor-air mixtures will become leaner 
for the same altitude conditions. The kerosene tank may then have an 
air space above the liquid level too lean to be explosive, and the tank 
containing gasoline may become explosiVe. When the pressure-altitude 
is changed, the richness of the vapor-air mixture changes also, becoming 
richer at higher altitudes for the same liquid temperature. Thus, with 
a range of liquid temperatures going from well over 100®F to lower than 
— 60°F and with pressures varying from sea level to the maximum altitude 
of the aircraft carrying the fuel tank, it is almost impossible to specify a 
fuel that does not have an explosive vapor above the liquid surface of the 
fuel under some of the possible conditions that may be encountered. 
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The practice is to make the optimum compromise considering the type of 
aircraft, the maximum altitude possible, the probable temperature range 
of the fuel at various altitudes for steady conditions and also after a fast 
climb, the specific requirements and limitations of the engine itself 
regarding fuel requirements, and then hope for the best. 

21. The Combustion Process. The heats of combustion of the fuels 
in Table 3 are given as the “low'' heat values of the various materials 
when burned in air. The low heat value of a fuel is the amount of heat 
that must be removed from the products of combustion to return them 
to their initial temperature before combustion started, but with any water 
in the combustion products still in the vapor state. The thermal process 
in gas turbines is such that no condensation of water vapor will occur in 
the exhaust due to the high exhaust temperatures, and therefore the heat 
of condensation of the water vapor in the exhaust is lost. Since the 
combustion of a pound of the fuels in Table 3 in air will result in from 
0.7 to 1.5 lb of water vapor in the combustion products, depending upon 
the particular fuel, the low heat value is of the order of 1,000 Btu/lb less 
than the high heat value of the fuel. 

The heats of combustion of hydrocarbons can be calculated from the 
known analysis of the fuel, but a number of methods of estimating the 
result have been developed that are satisfactory and are much faster 
when the analysis is not known with certainty. The National Bureau of 
Standards has published a formula for mixed hydrocarbons such as 
gasoline, kerosene, fuel oils, etc., based on the density or specific gravity 
of the fuel ; the lower heat value is given by 

H = 19,900 -h l,3G0(sp. gr.) — 3,780(sp. gr.)^ Btu/lb (147) 

The amount of fuel needed by the burner is measured by the required 
temperature rise through the burner and the incidental heat losses that 
occur. The total enthalpy of material entering the burner is the enthalpy 
of the entering air plus that of the liquid fuel. This sum must be sub- 
tracted from the enthalpy of the leaving gas, along with incidental heat 
losses by conduction and also the heat of vaporization of the fuel. The 
heat per pound of compressor air that must be furnished through the 
combustion of fuel is 


Wf 

hit ~ ~ h^ hz "h ^ioB8 "1“ 


^ + AAx ^ (148) 


where hz and h^ are the enthalpies of 1 lb of pure air at states 3 and 4, 
entering and leaving the combustion chamber, fcoss is heat lost by conduc- 
tion through the walls of the combustion chamber per pound of air flow, 
and Aiatont is the latent heat of vaporization of 1 lb of fuel. Ordinarily 
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the latent heat of vaporization of the liquid fuel is included in the deter- 
mination of the heating value of the fuel, so that the /lutent term may be 
neglected in Eq. (148). The specific heats of the liquids of Table 3 are 
approximately equal to 0.5. The term Ah\ is a correction term for the 
heat required to raise the gaseous products of complete combustion of 1 lb 
of fuel from the temperature of the fuel supply to the final temperature 
at state 4; the combustion products are assumed to be carbon dioxide 
and water vapor, and the heat calculated is minus the heat of the oxygen 
consumed from the air on complete combustion. On the basis of heating 
value of the fuel per pound of air, the Ah\ correction is equivalent to a 
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the COj+HjO-Oa resulting from 
Combustion of Fuel 
Fuel » H/C - 015 
(Diesel and Fuel Oil) 

Fig. 109. Enthalpy correction factor for combustion products in air. {By permission 

United States Navy Department, Bureau of Ships.) 


further reduction in the lower hejit value of the fuel, although of course 
the actual energy is still present in the increased mass flow due to the fuel 
addition. No correction has been indicated for the enthalpy of the 
unburned fuel vapor that escapes combustion; the Cp of the fuel vapor is 
fairly close to the effective Cp in the Ah\ correction, and at the usual fuel/air 
ratios and with normal combustion efficiency, the error would be negligible. 

The value of Ah\ depends upon the final temperature as well as the 
H/C ratio of the fuel. An H/C ratio of 0.15 is a reasonable representa- 
tion for diesel and fuel oils, and an II/C ratio of 0.18 is sufficiently 
accurate for kerosene and gasoline. Approximate values of h\ in the 
temperature r^nge of 500 to 2500®R are obtained from the relations 

/lx = 0.24T + 0.00014^2 Btu/lb fuel for H/C = 0.15 (149) 

hx = 0.322T + 0.000129T2 Btu/lb fuel for H/C - 0.18 (150) 

Accurate values of h\ can be read from the charts of Figs. 109 and 110, 
and Ah\ equals the difference between h\ at and h\ at Tz. 
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The fuel/air ratio is 

^4 ^3 hloaa ^1 ^1 ^ 

Wa VbH ribH — Ah\ — h latent 

and the total heat addition per pound of compressor air to the combustion 
chamber can then be expressed 


hb = vihH 


hi h'^ “f~ /^lo88 

y\bJI Ah\ /^'latent 


Where the air supply contains moisture, the /^4 — hs terms must be 
corrected; Chap. 8 discusses this correction. 
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Fig. 110. Enthalpy correction factor for combustion products in air. (Bj/ permisaion 
United States Navy Department, Bureau of Ships,) 

Figure 111 shows burner temperature rise for 100 percent combustion 
at constant pressure plotted against Wj/Wa for a number of different 
fuels and inlet air conditions. 

With low heat loss through the burner walls and with normal fuel/air 
ratios, the heat requirement is given approximately (usually accurately 
within 2 or 3 percent) by the very simple relation 


hb = hi 


Normally, heat leakage through the walls of the burner is considerably 
less than 1 percent of the total heat release in the combustion chamber. 
This low rate of heat leakage through the walls of a relativdy poorly insu- 
lated combustion space may be easily understood when the rate of heat 
release in the combustion process is noted. Heat releases as high as 
30,000,000 Btu/(cu ft) (hr) for gas turbines should be contrasted with 
250,000 Btu/(cu ft) (hr) for a Navy boiler. The gas stays in the burner 
too short a time to lose an appreciable amount of heat by conduction. 
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The combustion efficiency rjb is the ratio of the actual enthalpy increase 
of the fuel plus working fluid to the ideal enthalpy increase if combustion 
were complete. Efficiencies of less than 0.95 are not considered very 
satisfactory under rated load conditions, although considerably lower 
efficiencies may be found at other conditions. 
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Fig. 111. Temperature rise for constant-pressure 100 percent combustion of different fuels 
in air plotted against fuel /air ratio. 

In making accurate design calculations, it is frequently necessary to 
take all the combustion variables into account in order to minimize avoid- 
able errors. This is important, for example, in matching turbine and 
compressor. For routine performance estimates, approximation formulas 
may be used with an occasional complete heat-balance check on results. 

The composition of the gas leaving the burner is that of air plus 0,6 
to 6 percent water vapor, 1.5 to 15 percent carbon dioxide, and less the 
oxygen consumed in combustion. In the event of incomplete combus- 



138 


GAS TURBINES FOR AIRCRAFT 


tion, unburned fuel, small quantities of cracked fuel vapors, carbon mon- 
oxide (usually less than 0.1 percent), solid carbon particles, and other 
undesirable products such as the characteristically evil-smelling aldehydes 
are also present. The properties of the diluted burner gases in gas 
turbines are sufficiently near those of air that thermodynamic data for 
air can be used throughout rough open-cycle gas-turbine calculations 
where the fuel/air ratio is small, the water vapor content of the inducted 
air is small, and when the compression ratio is less than approximately 4:1. 

The chemical reaction equation and the energy equation for combus- 
tion represent the over-all combustion process and give no information 
regarding the detailed transformations that take place. Before the car- 
bon and hydrogen can be oxidized, the fuel molecule must dissociate, and 
this is known to be a complicated process in which parts of the hydro- 
carbon molecule are oxidized in a series of chain reactions. Thus, for 
methane (CH4), the simplest molecule of the paraffin series, it is usually 
assumed that the reaction chain consists of five different reactions in 
which CH4 is successively decomposed to CH3, CII2, HCHO, etc. Such 
detailed information regarding the combustion reactions for most of the 
hydrocarbons is still very incomplete, and much of it is speculative, so 
that at present it is of little practical use. However, consideration of the 
physical aspects of combustion and the application of fluid mechanics 
and principles of heat transfer to the reacting gases is of importance. 

Mass and heat transfers in the combustion process involve four steps: 
formation of the combustible mixture, ignition or start of combustion, 
flame movement or propagation of combustion, and final mixing of 
products of combustion with excess air. The last of these four steps, the 
mixing of excess air with the products of combustion, is peculiar to gas 
turbines; the others are common to all combustion processes. 

The fuel and oxygen of the air must be uniformly mixed on a scale 
approaching molecular dimensions for a complete chemical reaction. 
Thus, a liquid fuel must be vaporized before such mixing can occur, and 
although heat is added to the fuel feed to the burner or combustion 
chamber, space and weight limitations may prevent the addition of suffi- 
cient heat to vaporize the liquid fuel completely before it reaches the 
burner. Various forms of fuel sprays are used to introduce the fuel into 
the mixing-chamber portion of the burner as a finely atomized mist. This 
fine spray is distributed quite uniformly through a relatively large region 
in which hot air from the compressor is also present. The increase in 
fuel surface from which vaporization can take place is very great with 
fine sprays, and vaporization is correspondingly rapid. A fuel spray 
nozzle discharging at the rate of 10 gal /hr will atomize about 0.6 cu in. /sec, 
the average drop size of the discharge being between 0.003 and 0.006 in. 
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in diameter, and the total vaporizing surface for a 1-sec flow of fuel will 
be of the order of 7 sq ft. 

The rate of vaporization of a cloud of fuel droplets depends upon the 
mean diameter of the droplets (where the mean diameter is the size of a 
particle having the same surface-to-volume ratio as the spray), the par- 
ticle-size distribution, the vapor pressure of the liquid, the atmospheric 
pressure, velocity of the spray relative to the air, temperatures of both air 
and liquid, and the rate at which the spray droplets receive heat energy 
from the flame and other hot bodies by radiation. For high-pressure 
fuel sprays and for some other specialized types of sprays, the size dis- 
tribution is such that the amount of unevaporated fuel remaining in the 
spray is approximately inversely proportional to the square root of the 
elapsed time after ejection from the nozzle. With less effective sprays, 
the size distribution changes, and the relative initial evaporation rate is 
considerably retarded. Since it has been shown that the mass rate of 
evaporation from the surface of a droplet is a direct function of the first 
power of its diameter,^ it is of the greatest importance that sprays yield- 
ing exceedingly small droplets be utilized if maximum combustion rates 
are to be achieved in compact burners. 

Fuel concentration in the air must be within definite limits, or the 
mixture will not ignite and burn with sufficient speed. The theoretical 
stoichiometric fuel/air weight ratio for a paraffin hydrocarbon is 


Wf _ Un + 2 
Wa 205.8^ + 68.6 


(154) 


where n is the number of carbon atoms in the molecule. For octane with 
8 carbons, the theoretical ratio of fuel to air is 0.0662; and while mixture 
ratios between 0.25 and 0.04 can be burned, for maximum reaction speed 
the ratio should be approximately 0.073, and for most complete combus- 
tion the ratio should be about 0.060. Combustion of gasoline with ratios 
less than about 0.055 is slow and erratic, so that for smaller ratios the air 
flow must be separated into primary and secondary streams. The pri- 
mary stream passes through the primary combustion chamber while the 
secondary stream by-passes the primary burning space and is later mixed 
with the products of combustion as they flow toward the turbine inlet 
nozzle ring. 

Vigorous mechanical mixing of the fuel vapor with the primary air is 
necessary, since mixing by diffusion is far too slow a process to be of aid 
in forming a combustible mixture. This mechanical mixing is achieved 
by inducing a high order of turbulence in the primary combustion 
space. Primary air is admitted through large numbers of small holes in 

^ Lloyd, Proc. I ME, vol. 153, p. 469, 1945. 
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the burner shell, or turbulence may be established by placing screens or 
deflectors in the air stream and by using counterflow of fuel and air. 
This turbulence must be uniform and on a small scale physically in order 
to ensure the fine-grained mixing necessary for rapid and uniform flame 
propagation. Flame propagation rates are quite critical of completeness 
of mixing of fuel and air, fuel/air ratio, local turbulence, and the local 
temperature conditions. 

Final mixing of the secondary air with the primary combustion prod- 
ucts occurs downstream from the primary combustion space, air entering 
through slots or holes in the burner shell in order to produce complete 
mixing and a homogenous gas mixture before entering the turbine. Since 
the length of the entire burner is limited by severe space and weight 



TURBINE BLADES 

Fig. 112. Section through De Havilland can-type combustion chamber. {FHoht maga- 
zine.) 


restrictions, and since the volume of the primary flame varies through 
wide limits with fucl/air ratio, air density, etc., the mixing zone overlaps 
the primary combustion zone. With low fuel-flow rates and with small 
flame volume, mixing of excess air occurs almost immediately after the 
fuel nozzles; but with high fuel flows and with large flame volumes, com- 
plete mixing may not be accomplished before the flame reaches the turbine 
inlet nozzle ring. While this mixing process is not so critical as that in 
other stages of the combustion process, chilling of the products of com- 
bustion before the chemical reactions have been completed must be 
avoided. 

22. Burner Types. There are two principal geometrical types of 
combustion chambers in use. The can-type combustor was first used in 
the early British designs of jet engines and the annular or straight- 
through combustor was used in some later British designs and German 
engines, and independently in some United States designs. 

A can-type combustion chamber is shown in section in Fig. 112. 
This is a British-designed ‘^flowerpot” type of combustion chamber used 
on the De Havilland Goblin II jet engine. Sixteen chambers are used 
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on this engine, located around the periphery of the turbine inlet nozzle 
ring. Air from the compressor enters the outer dome of the combustion 
chamber and is there divided into primary and secondary air streams. 
The primary combustion air is admitted to the fuel burner through the 
metering annulus located in the outer dome between the air inlet tube 
and the inner dome; approximately one-quarter of the air to the combus- 
tion chamber passes through it. The air for primary combustion then 
passes through swirl vanes around the fuel-spray nozzle; a small quantity 
of primary air passes around the 
outside of the swirl vanes through 
holes in the inner dome and flared 
cover plate, increasing turbulence 
in the flame. 

Secondary air passes between 
the flame tube and the outer cas- 
ing, entering the flame tube 
through holes in the tube. The 
sizes, locations, and number of 
holes are critical. This method 
of entry serves to cool the outer 
casing and provides controlled 
dilution and cooling of the com- 
bustion gases from a flame tem- 
perature of 3500°F to 1450°F at 
the turbine nozzle ring. A high 
degree of turbulence in the early 
combustion and cooling stages is 
desirable, and is obtained by 
means of the swirl vanes and air inlet through numerous small holes. 

Other can combustors differ from the above only in design details. 
Various methods of obtaining graduated air velocities in the primary 
combustion space may be used, as are different methods of introducing 
secondary air. The basic design of an outer casing surrounding a per- 
forated flame tube, both cooled by the flow of secondary air, remains 
fundamental in all current designs. A number of different designs are 
shown in Fig. 113. Typical air-flow Mach numbers are indicated at 
various stages on one of these sketches. 

The annular combustion chamber is less complex than can combustors 
when applied to a gas turbine, but some of the mechanical problems are 
more severe. An annular combustion chamber is shown in perspective 
in the cutaway drawing of the engine in Fig. 114. The general principles 
followed in the can-type burner are also used in designing annular com- 





LOW PRESSURE HOT CUP SPRAY 
Fig. 113, Sections of typical can-type burn- 
ers. Flow Mach numbers are indicated on 
straight-through type. 
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bustors. Primary air is admitted around the fuel nozzles; the fuel 
burned under conditions of high flame turbulence, and secondary air 
admitted through holes, slots, or louvers in the inner burner walls, 
section of a simplified annular flow burner is shown in Fig. 115, and a 



Fig. 114. Westinghouse 19XB jet engine with annular burner. Rated thrust, 1,600 lb 
8sl; weight, 718 lb. 



Fig. 115. Simplified axial-flow annular burner with typical gas flow velocities indicated 
(fps). 

photograph of a typical perforated burner basket or flame tube is shown 
in Fig. 116. Other constructions are indicated in Fig. 117. An annular- 
type burner can be segmented into several parts if desired; it then 
approaches the can-type-burner design. 

The sizes and locations of air entrance holes in the fire tube or partition 
separating combustion space from the outer flow passages control the 


> a* a- 
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degree of turbulence in the flame and the completeness of mixing of 
secondary air with primary air. Although nonuniformity of temperature 
distribution may have only small effect upon cycle eflSciency, it is essen- 
tial that good mixing be obtained in order to avoid undesirable stratifica- 
tion in the gas flow entering the turbine blading. Excessive stratification 
can result in local hot spots in which permissible temperature limits may 
be exceeded by several hundred degrees. Variations of ±5 percent of 
the average temperature are usual. 



Fig. 116 . Perforated burner basket for annular combustion chamber. {W eatinghoiLae 
Electric Corporation.) 


However, it is sometimes profitable to employ stratification in order 
to graduate the temperature along the length of a turbine blade so as to 
subject the most highly stressed portions of the blade to lower than aver- 
age temperatures. An annular sheath of cold air flowing into the rotating 
turbine blading at the height of the blade roots can be achieved fairly 
readily with the annular type of combustion chamber, and with more 
difficulty in can-type combustors. Practically, it may make it possible 
to run a turbine at a somewhat higher average gas temperature than 
would be possible without stratification. 

Several radial temperature-distribution curves across the entrance to 
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the first row of stationary turbine blading downstream from the burner 
are shown in Fig. 118; these are for different burner temperatures in an 
annular combustion chamber in which no particular effort has been made 

to produce cooling at the blade 
roots. 

Peripheral variations in tem- 
perature in an engine are due to 
faulty fuel-nozzle matching, air- 
PERFORATEO BASKET TYPE Unbalance, boiling of fuel, and 

combustion-efficiency variations. 
Fuel-nozzle balance is affected by 
mechanical similarity of parts, 
unequal wear in operation, dirt in 
fuel lines, and gravity head^^ 

— across the engine. Gravity head 

is the fuel-manifold pressure un- 
^ balance between upper and lower 

^ .A- fuel nozzles resulting from the col- 

I J umn of fuel standing in the mani- 

** fold corresponding to the diameter 

the engine; the effect is negligi- 
p| I fjP ble except at very low manifold 

METRO.- VIC. TYPE 41 FOR F-2 ENGINE prCSSUreS. 

Fig. 117. Typical annular combustion chain- Of equal importance with de- 

sign features that will ensure pro- 
per combustion and mixing of primary and secondary hows, are the 
problems of designing for long life. High temperatures and thermal 

expansion problems are sufficiently tip 

extreme to limit combustor life to \ 

only a few hours under unfavor- u 1 c 

able conditions and with indiffer- J 

ent designs. There are only a few 1 ^ 

general principles that can be laid 9 T ° 

down to guide the designer. The V J ^ 

best obtainable refractory alloys root' — — Li— J L-^-J 

. , fu-xJ-i. .1 500, 1000 1500 2000 aSOO^F 

that can be fabricated into the i . 

. 1 r 1 ij 1 j I’lG. 118. liadial temperature distribution 

required shapes should be used; before turbine nozzle inlet ring for several 

thermal expansions should be of- average temperatures, 
fered the least possible restraint, and flat or single curved areas of sheet 
metal should not be left unsupported for distances of more than a few 
inches. Numerous welded or formed ribs and supports are necessary to 
avoid buckling of flat or single curved sheets. Cooling with secondary 


METRO.- VIC. TYPE 41 FOR F-2 ENGINE 
Fig. 117. Typical annular combustion cham- 
bers. 


500, 1000 1500 2000 2500‘*F 

Fig. 118. Radial temperature distribution 
before turbine nozzle inlet ring for several 
average temperatures. 
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air of all metal parts in direct contact with the flame is essential. Since 
gas velocities in the combustor are generally low, the obstructions pre- 
sented by generous reinforcing and ribbing of the flame tube or burner 
basket are not particularly objectionable from an aerodynamic stand- 
point, and they aid in maintaining turbulence. If laminar flows of cold 
air can be induced adjacent to the fire-tube or burner-basket walls, very 
effective cooling is obtained. This construction is shown in Fig. 119 for 
a can-type-combustor flame tube; the tube is made in several successive 
sizes of telescoping tubes with flow spaces between the tubes at the joints. 




Fig. 119. Can-type burner with laminar-flow cooling of flame tube. {W estinghouse 
Electric Corporation.) 


Common materials for use in burners include the stainless steels, 
Inconel, and special refractory alloys related to turbine disc and blade 
alloys. For some military applications, jet engines and gas turbines may 
be required to operate on the same fuel that is provided for reciprocating 
engines, and it is then important that combustor materials be selected 
that are not subject to intercrystalline corrosion and embrittlement in 
the presence of leaded fuels. 

23. Spray Nozzles. Fuel is usually sprayed into the combustion 
space under pressure through small orifices in nozzles. An early type was 
the British-designed Lubbock nozzle, w^hich contains within the nozzle 
itself a spring-loaded reducing valve to increase manifold pressures 
effectively at minimum flow without materially increasing pressures at 
maximum flow. Because of persistent difficulties with dirt getting 
through filters and sticking the piston valves, with the attendant serious 
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unbalance of flow distribution to the separate nozzles, a simple vortex-tip 
nozzle of the Monarch type supplanted the Lubbock nozzle. The penalty 
of poor performance at low fuel-flow rates with the Monarch nozzle was 
less serious than the production and operating diflSculties incident to the 
use of the Lubbock nozzle. 

Fine sprays are not produced with the Monarch nozzle until about 
20 percent of the maximum flow is obtained, with about 300 psi manifold 
pressure for maximum flow. Since required fuel flows may vary over a 
range of 40 to 1 from sea level to high altitudes and from idling to accelera- 
tion flow rates, this is a serious limitation. Further, the pressure-flow 
characteristic of the Monarch nozzle is parabolic, whereas for simple con- 
trol, a straight-line characteristic is desired. 



400 600 800 ipoo 1,200 1,400* R 


COMBUSTION CHAMBER TEMR RISE 


Fig. 120. Combustion efficiency of can-type burner with simple swirl-type spray nozzle. 
Pressures indicated are absolute combustion-chamber pressures, not nozzle delivery 
pressures. {General Electric Company.) 


Starting combustion with coarse fuel sprays requires an excess of fuel, 
and with direct-driven fuel pumps running at low starting speeds, auxili- 
ary starter pumps or accumulators may be necessary. The combustion 
eflBciency suffers at low rates of fuel delivery through simple vortex 
nozzles owing to poor fuel atomization, so that a 10 percent drop in com- 
bustion efficiency is not uncommon when the fuel flow is 25 percent of 
the maximum rate. High-altitude operations may be handicapped some- 
what, particularly under partial load conditions. The combustion 
efficiency of a single can-type burner is shown in Fig. 120 for a Monarch 
nozzle burning kerosene at different rates and different combustion- 
chamber pressures. 

The duplex nozzle system was developed to improve on the low-flow 
characteristics of the simple vortex nozzle. This nozzle requires two fuel 
manifolds and contains two separate sets of internal jets in its vortex tip. 
The smaller set of these jets is connected directly to the fuel supply from 
the throttle and is used alone under starting and low-fuel-flow operation 
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SECTIONAL VIEW OF PEABODY NOZZLE 

Fla. 121, Details of different types of fuel spray nozzles, (general Electric Company.) 

conditions. As fuel requirements increase, the larger set of jets is sup- 
plied through a metering valve or splitter valve, which opens as the 
manifold pressure rises to furnish the additional flow required by the larger 
slots. Fine sprays are produced at 6 percent of the maximum flow in 
nozzles designed for maximum flow at 300 psi manifold pressure. Com- 
pletely interchangeable nozzles with flows matched at low and high rates 
are difficult to manufacture and require very complete filtering of the 
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fuel supply to the fine jets, but the improvements in performance are 
generally worth the additional difficulties. 

A still further development is the Peabody or recirculating type of 

nozzle. The vortex tip is supplied 
with the full output of the pump 
so that sufficient pressure drop 
and swirl velocity are always main- 
tained in the nozzle-tip vortex 
chamber to ensure a fine spray. 
The excess fuel is then taken out 
of the vortex chamber through the 
back of the nozzle, after which it 
is subject to the customary gover- 
nor by-pass control. Figure 121 
■''10 20 30 40 60 too 200 400 shows cross sections of several dif- 

F. 0 . 122 . PressutTZluvery characters- and Fig. 

tics of nozzles of Fig. 121. (P. Lloyd, Proc, 122 shows their pressure-flow de- 
JME, voi. 153 , pp. 409 - 512 , 1945 .) livery characteristics. 

Still another type of nozzle utilizes a compressed-air jet to break up 
a low-pressure oil spray into a fine mist. Figure 123 shows a flash photo- 
graph of such a nozzle along with a simple swirl-type or Monarcih nozzle, 
both imder 20 psi fuel pressure. Figure 124 shows the same nozzles under 




Fig. 123. Upper spray from air atomizing nozzle, lower from simple swirl-type nozzle. 
Fuel delivery pressure 20 psi in each case. {Westinghouse Electric Corporation.) 


5 psi fuel pressure. The complete inadequacy of the simple swirl jet 
nozzle at very low pressures is evident from these two examples; at higher 
pressures, the Monarch-nozzle spray is satisfactory and resembles the 
spray from the air nozzle. While the air nozzle has a very wide range of 
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flow delivery with satisfactory atomization of even heavy fuel oils, the 
added complication of a high-pressure air supply has kept it from being 
applied to aircraft turbines, although it is used with other types of gas 
turbines. 

Preheating the fuel ahead of the spray nozzles as a means of improving 
atomization and vaporization in the spray is very attractive. But the 
amount of heat that can be added by this means, even up to the limitation 
of coking the fuel, is small. Low nozzle pressure at low flow rates is a 
further limitation on this method, since boiling and vaporization ahead 
of the nozzle can occur at low pressures. 



Fig. 124. Upper spray from air atomizing nozzle, lower from simple swirl-type nozzle. 
Fuel delivery pressure 5 psi in each case. {W estinghouse Electric Corporaiion.) 

Heat is added to the fuel after it leaves the spray nozzle by radiation 
from the flame body, by injecting part of the spray into and through por- 
tions of the flame body, and by spray impingement against hot walls. 
Partial enclosure of the nozzle in a hot cup appears to aid fuel vaporizing 
even with coarse sprays. The action is similar to that obtained in a gaso- 
line blowtorch. A successful British burner utilizes a very low pressure 
spray in a hot cup. Direct impingement of fuel on metal surfaces may 
result in high rates of cooling, so that keeping the metal hot, rather than 
cool, is the problem. Heat-transfer rates between the cold liquid and the 
metal are much higher than between hot gases and the metal. Cup wall 
temperatures tend to decrease with increased rates of fuel flow. Fuel 
vapor and fog leave the cup walls by evaporation and bouncing of spray 
droplets from the heated surfaces; this fog must be dispersed through the 
air charge to ensure complete combustion, and primary air is introduced 
around the nozzle for this purpose. Almost all combustion chambers 
have more or less spray impingement on the parts around the nozzles, 
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and on the fire-tube or burner shell. Largely as a result of spray impinge- 
ment on metal surfaces, many burners may have slight amounts of liquid 
fuel present in the breech. This condition is probably beneficial where 
the wet areas are adjacent to hot wall areas. 

Turbulence in the burner and diffusion of fuel are promoted by air 
currents induced by the fuel spray, air currents through holes in the burner 
structure, by spiral whirls inside the burner tube, and by eddies around 
baffles. Frequently a construction that yields excellent results at maxi- 
mum fuel flow is quite unsuitable for starting and low-power operations. 
The fuel spray must be shielded from high-velocity air streams near the 
nozzle, particularly in the case of small flames associated with low fuel 
flows. A graduated air delivery through the inner burner shell is gen- 
erally desirable, with low air velocities at the nozzle or breech end of the 
burner. Air velocities of about 15 fps around the nozzle are gradually 
increased to 200 to 300 fps through holes well downstream from the 
spray nozzles; the maximum velocities correspond to pressure differentials 
across the perforated burner shell of the order of 1 psi. 

24. Combustion Range of Burners. A spark plug is the usual ignition 
means in aircraft-gas-turbine engines. Continuous ignition by means of a 
spark or pilot flame is not ordinarily necessary in a burner with stable 
combustion. When conditions arc suitable for rapid flame movement or 
propagation, only the initial ignition is necessary, and the combustion 
then maintains itself until some abnormal condition results in blowout. 
When can-type combustors arc used, each section is not ordinarily sup- 
plied with a spark plug; only a few burners have spark plugs, and the 
remainder are ignited through connecting cross-ignition tubes between 
adjacent sections. Nozzle spray angles must place combustible mixtures 
at the spark plug under starting conditions without overheating at maxi- 
mum combustion rates. Ignition in well-designed burners has been 
obtained with over-all fuel/air ratios as low as 0.002 at starting; the ratio 
in the primary flame zone is, of course, much higher. The type of liquid 
fuel used does not appear to be a large factor so far as ignition is concerned, 
if atomization is thorough. 

The combustion range of a combustion chamber is the heat-release 
range in terms of maximum and minimum temperature rises that the 
burner will produce, at a reasonable combustion eflSciency for the required 
range of compressor discharge pressures and temperatures. The maxi- 
mum capacity of a combustion chamber at a given pressure is reached 
when pulsation or roughness of burning occurs, when combustion effi- 
ciency drops sharply, or when blowout is encountered. The limitations 
on minimum heat release are combustion efficiency and blowout or loss 
of the flame. Flame volume diminishes as the fuel/air ratio is decreased, 
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and finally the small flame will *^fray out” at the edges with incomplete 
combustion occurring and possibly complete blowout. Flames from 
fuels already well vaporized before introduction into the actual combus- 
tion zone burn with a clear blue flame. Yellow ^'greasy” flames seem to 
be more stable than white or blue ones in simple forms of burners, although 
blue flames give freedom from carbon deposits and emit less radiation to 
flame-tube walls. A larger body or volume of flame improves stability, 
and higher temperature of the primary air entering the burner aids stable 


combustion. 

In gas-turbine burners, increas- 
ing the rate of fuel flow simply re- 
sults in a greater volume of flame, 
the length of the flame increasing 
until sufficient air is encountered 
to complete the combustion. 
With abnormally high fuel flows, 
the maximum temperature limits 
of the burner may be exceeded, 
and flames may even reach through 
the turbine wheel. 



Fig. 125. Zone of satisfactory engine opera- 
tion and line of marginal burner operation for 
jet engine with can-type burners and Mon- 
arch-type nozzles. 


One jet engine with can-type combustion chambers and simple swirl- 
type spray nozzles runs with stable burner operation at 10 percent of 
rated rpm at 10,000 ft altitude and at 60 percent of rated rpm at 50,000 
ft altitude; or in terms of jet thrust, with 2 percent of its rated thrust at 
10,000 ft and 18 percent of rated thrust at 50,000 ft. If the engine is 
throttled slowly below a line connecting these two points (see Fig. 125), 
some of the burners will cease to operate, and the engine cannot be 
accelerated without supplying a considerable excess of fuel during the 
early stages of the acceleration and reignition period. It is desirable 
from an operation standpoint to reduce the lower limits of stable burning 
still further. 

An upper limit on temperature rise, or rate of fuel burning, in a given 
combustion chamber may be imposed by the low velocity of flame propa- 
gation in rich fuel-air mixtures. If the rate of fuel injection is sufficiently 
high, flame propagation rates will fall below the gas stream velocity in 
the burner, and the flame will then be unable to burn back toward the 
nozzle. Unstable burning will occur, and the flame may be completely 
blown out of the burner. This is most likely to occur under high-altitude 
conditions when rapid engine acceleration requirements call for transient 
combustion rates and temperatures well in excess of steady-state rates; 
too sudden opening of the throttle floods the combustion chamber, and 
the engine has to be restarted. 
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Compressor surging under acceleration conditions, especially at high 
altitudes, will impose pressure transients upon the combustion process 
that may also result in blowout, in addition to difficulties with too-lean 
and too-rich mixtures. Unstable burning and surging of the above types 
indicate incipient blowout and are aperiodic in character. Pulsations 
are most frequently encountered with rich fuel/air ratios and are first 
evidenced by a dirty exhaust with sooty puffs and sometimes by rumbling 
noises from the engine. 

Sustained or periodic pulsations can also occur, and are believed to be 
connected with the manner of burning in the primary flame region and 
the resonance characteristics of the engine. Pulsations between 25 and 
60 cps have been observed as well as pulsations })etwccn 250 and 600 cps; 
they are sufficiently vigorous to affect combustion efficiency and could 
cause mechanical fatigue. Changes in the fuel nozzles and primary 
combustion zone of the burner eliminate them. Still another type of 
pressure oscillation has been observed in the 6,000-cps frequency region; 
it has been observed on tests of a single can-type combustion chamber 
alone, and also in complete engines. 

Carbon deposits can occur in combustion chambers, with increasing 
deposition rates the heavier the fuel used. Deposits are of two types; 
one is a very hard ^^gas^^ carbon formed in the primary zone, which is 
capable of building up to the point of blocking flow passages. The other 
is a soft sooty variety formed in the cooler part of the flame tube; it is 
easily blown or scrubbed off by gas flows at higher loads and does not 
build up to a dangerous extent. 

Sooty carbon deposits may form on flame-tube surfaces and build up 
at a fairly high initial rate, perhaps 0.005 percent by weight of the fuel 
burned, for 30 min or more, and beyond that time may be blown off as 
fast as formed. 

The possibility of pieces of carbon breaking off and damaging turbine 
blades is also present when hard carbon is formed, or if heavy deposits of 
soft carbon are present. Solid carbon may also form and be blown 
through without depositing, causing a dirty exhaust, although the effect 
on efficiency is negligible. 

Usually, carbon formation is most serious with the heavier fuels at 
rich mixtures and low engine speeds, when turbulence is at a minimum. 
The aromatic constituents of the fuel, the presence of sulfur, and a large 
amount of high-boiling fractions are the three principal characteristics 
of fuels that tend to increase coking. 

26. Combustion-space Pressure Losses. The flow of air through a 
combustion chamber is accompanied by losses that influence the effec- 
tiveness and efficiency of the gas-turbine cycle to a marked extent. 
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Losses can be divided into two types: friction loss and a total pressure- 
head change associated with momentum changes due to heating. 

Friction losses occur as a result of turbulence in the gas flow and 
viscous friction losses in flow passages.^ The principal pressure drop 
occurs across the openings through the fire tube or burner basket in the 
combustion chamber proper. Friction losses may be measured with 
cold air flowing through a combustion chamber, and the results can then 
be translated to the flow conditions during combustion without excessive 
errors appearing. Friction losses and losses appearing in ducts or pas- 
sages entering and leaving a combustion chamber are not properly charged 
to the combustion process, but are commonly included in the pressure- 
drop figures for combustion chambers. Since a loss in total pressure 
ac^ross the combustion chamber is as serious as an equivalent reduction 
in compressor eifficiency, it is essential that minimum pressure drops be 
designed for. Low-velocity flow passages with maximum cross-sectional 
area, no abrupt turns or changes in section, and as few internal obstruc- 
tions as are compatible with efficient combustion result in minimum losses 
due to flow friction. A typical velocity survey through a can-type com- 
bustor is shown in Fig. 113, and a similar survey through an annular 
burner appears in Fig. 115. 

Momentum pressure drops through a heating passage occur as a result 
of velocity and volume changes due to heating of the fluid. An exact 
solution for the theoretical momentum pressure drop is not ordinarily 
required when Mach numbers in the heating section are less than 0.2 or 
0.3. An approximate solution was derived in Chap. 3 for a heating pas- 
sage of uniform cross section with uniform mass flow and with the mass of 
the fuel addition neglected in Eq. (72). 

^ __ A 

^3 2 7 

The pressure loss calculated by this method is somewhat lower than the 
correct theoretical loss. 

For high Mach numbers in the portion of the combustion space where 
heat is actually added, a more exact solution taking into full account the 
compressibility effects in the gas flow is Eq. (85). A graphical solution 
for AjP/Ps is given in Fig. 126. 

The preceding heating processes are reversible (neglecting, for the 
moment, frictional and mixing losses), satisfying the fundamental rela- 
tion dq = du + p dVj so that the entire process is reversible. The addi- 
tion of fuel at the upstream end of the combustor followed by the cooling 
of the combustion products of the primary flame can then be treated 

' See NACA Technical Note 1,180, February, 1947. 
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simply in terms of entrance and exit conditions in the idealized burner, 
rather than from the standpoint of two separate processes, which would 
take into account the extremely high temperature of the primary flame. 
The quantity Tz is therefore total temperature of the entering air, and 
Ta is the total temperature of the leaving air, without regard to inter- 
mediate heating and cooling processes. 


M3, INLET MACH NUMBER 



0 1 2 3 4 5 6 0.20 0.16 0.12 0.08 0.04 0 
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:^,T 0 TAL TEMPERATURE RATIO’ -^.TOTAL PRESSURE LOSS RATIO 
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Fig. 126. Exact graphical solution for total-pressure-loss ratio across heating duct of 
uniform section in terms of total temperature ratio and inlet Mach number. 

Solutions can be derived for burners of variable cross section. A 
simplified expression for the ratio of total pressure loss to inlet total 
pressure in a combustion zone with inlet area Az and exit area A a is 



From the foregoing, it is evident that burners with low pressure drops 
are burners with low gas velocities. The greatest cross-sectional areas 
possible at all stages are desirable and lead directly to the lowest pressure 
drops. 

It is sufficiently accurate for estimating purposes to assume that a 
friction loss section of the burner precedes the heating section, which is 
assumed to be friction-free. A friction pressure loss AP/ can occur with- 
out changing the total temperature of the gas from Tz] so that the entrance 
condition at the heating section in this hypothetical burner must be 
corrected to a total pressure of P3 — AP/. With the original assumption 
of a low entrance Mach number, the total-pressure-drop ratio including 
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friction and momentum losses would approximate 

Momentum pressure drops in gas-turbine combustion chambers range 
from about 0.2 percent at full load wath 1500°F outlet temperature and 
60 fps inlet velocity to 2 percent drop under the same conditions but with 
200 fps inlet velocity. The momentum pressure loss is normally of 



OUTLET TEMPERATURE 

Fig. 127. Fractional total pressure loss vs. burner outlet temperature in various types of 
gas-turbine combustors. 

the order of one-third of the total loss in combustion chambers filled with the 
usual assortment of perforated flame tubes, swirl nozzles, baffles, etc., the 
remaining two-thirds being accounted for by friction losses. Total pres- 
sure drops in combustion chambers for gas turbines range from 0.5 percent 
to as much as 7 or 8 percent when high drops have to be accepted in order 
to achieve a compact burner. Pressure-drop ratios for some typical 
burners are shown in Fig. 127 ; the contraflow can type shows the greatest 
loss in total pressure, most of which is friction loss. The low-velocity, 
straight-through can-type burner, exemplified by the Lucas-designed 
Rolls Royce-Derwent combustion chamber, shows the lowest drop; the 
high-velocity annular burner operates at a high pressure-drop ratio, but 
this ratio decreases rapidly when the inlet design Mach number is reduced. 




CHAPTER 6 


TURBINES AND THEIR CHARACTERISTICS 

26. General Factors in Turbine Design. Turbines designed for use 
in aircraft jet engines and turboprop engines are different from those 
used in other gas-turbine applications, and are greatly different from most 
steam turbines. In general, steam turbines work through very large 
pressure or expansion ratios compared to aircraft turbines. In the case 
of a high-pressure, condensing steam turbine, the pressure ratio between 
inlet and outlet may be as high as 1,000:1, whereas the aircraft turbine 
seldom exceeds an 8:1 ratio and is more commonly 2:1 or 3:1. The 
other principal difference appears in the magnitude of the so-called leaving 
loss or velocity energy of the turbine exhaust; the steam turbine and gas 
turbines for land and marine applications are designed for minimum 
residual energy in the final exhaust. They employ exhaust diffusers and 
many turbine stages to obtain the maximum possible expansion and 
energy extraction from the working fluid. The exhaust of the aircraft 
gas turbine, on the other hand, yields useful jet-propulsive thrust and is 
an eflScient means of obtaining thrust power when the exhaust velocity 
is selected properly with respect to flight speed. As a matter of fact, a 
very low exhaust velocity in a turboprop turbine is evidence of poor 
design, since the engine will be heavier than need be; the excess exhaust 
energy thus converted to shaft energy in the turbine must be reconverted 
to propulsive energy through the means of a larger propeller, and the over- 
all propulsive efficiency of the complete power plant may suffer. 

The efficiency of the turbine element of an aircraft gas turbine is not, 
therefore, defined like the efficiency of other turbines. It is not the ratio 
of shaft energy to total available energy in the working fluid above the 
static exhaust pressure, but the efficiency is defined as the ratio of shaft 
energy to available energy in the working fluid above the total exhaust 
pressure. In other words, the available energy is considered to be only 
the ideal energy in isentropic expansion from the inlet total pressure to 
the exhaust total pressure, without regard to the remaining velocity 
energy in the leaving fluid. The exhaust-velocity energy is thus not 
charged against the turbine because it is utilized for jet thrust as such. 
The work output of the turbine is then 



156 


Btu/lb (157) 



TURBINES AND THEIR CHARACTERISTICS 


157 


The temperature of the exhaust is 

and the turbine efficiency in terms of pressure ratio and temperature is 


1 - (7\/T4) 
1 - (P,/P4)'^ 


(159) 


As in the case of the compressor, it is difficult to measure Tb with accuracy, 
and it is even more difficult to measure the higher T 4 . Nonuniformity 
also is a real difficulty in obtaining representative values. Measured 
T 4 values may tend to be too low. Therefore, turbine efficiency by tem- 
perature ratio may be lower than the actual shaft efficiency, the opposite 
of the effect for compressors. This is not too unfortunate a circumstance, 
since although the exact performances of turbine and compressor may 
not be known accurately from temperature measurements, the two errors 
tend to cancel out, and the product of TjeVt for the complete engine is 
very near the correct value. As used in cycle calculations, the accuracy 
of the product TjeVt is of greater importance than individual minor varia- 
tions in rje and rjtj which compensate for each other. 

The small pressure ratios ordinarily encountered across aircraft gas 
turbines result in enthalpy differences across blade paths that are almost 
invariably smaller than enthalpy differences across blade paths in steam 
turbines. Therefore, there is much less turning of the fluid flow than in 
steam turbines (except for topping turbines and high-pressure units of 
compound steam turbines). The range of blade heights from inlet to 
outlet is similarly decreased, owing to the much lower expansion ratio; 
and many aircraft turbine blades bear very close resemblances to conven- 
tional airfoil shapes. 

The compressible-fluid dynamics that controls the design of axial- 
flow compressors applies with equal force to the turbine, with the excep- 
tion that in the turbine the flow is expanding. Higher efficiencies may 
therefore be achieved in very short expanding-flow passages than are 
possible in the retarded-flow passages of compressors. A given expansion 
may be accomplished easily in a single turbine stage with greater efficiency 
than for the equivalent compression in 5 to 10 or more axial-flow-com- 
pressor stages. Flow separation and boundary-layer thickening, as they 
exist in compressor-blade paths, do not appear in the average turbine- 
blade-path flow. Mach-number limitations and the prevention of shock 
formation define the maximum limits on energy conversion per turbine 
stage. Blade design refinements are not nearly so important in turbines 
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as in compressors, although this does not mean that principles of efficient 
airflow may be abandoned without serious reductions in efficiency. 

27. Blade-path Design. Blade paths may be designed as either 
predominantly impulse or predominantly reaction, with considerable 
variation in type from hub to tip. As in the case of the axial-flow com- 
pressor, maximum work per stage is obtained from the symmetrical or 
50 percent reaction-SO percent impulse type, if gas flow velocity is limited 
to approximately M = 1. Similarly, for a given pressure ratio per stage, 
the symmetric design is theoretically the most efficient. The actual 
choice is controlled by the past experience and practices of the designer 
and the peculiarities and limitations of the compressor and combustion 
chamber ahead of the turbine. 

If the compressor is a centrifugal type with relatively large impeller 
diameter and low shaft speed for the volume of air inducted, and if it is 
followed by a group of can-type burners that meet most naturally in a 
turbine nozzle ring of large diameter, then a nonsymmetric turbine design 
may be indicated — usually impulse with less than 20 percent reaction. 
The same factors apply to low-speed nonsymmetric axial-flow compressors 
with low rates of axial flow velocity and relatively large diameters. 

On the other hand, if the compressor is a symmetric axial-flow design 
with high volumetric flow rate, small diameter, and high shaft speed 
followed by an annular burner of the same general outside diameter, it 
may be necessary to use a symmetric turbine-blade-path design in order 
to get the required amount of work out of the fluid flow without resorting 
to additional turbine stages. In the final analysis, however, turbine size 
is generally dictated by the upper limit on exit velocity and the annulus 
area required to pass the exhaust at that velocity and exit pressure. 

British and Continental design practices have leaned toward the 
impulse-type turbine design, although there are notable exceptions to 
this generalization. Designers in the United States frequently use 50 
percent reaction or symmetric blading for axial-flow-compressor engines. 

Impulse blading has one positive advantage in that the absolute 
velocity of the gas leaving the stationary nozzle ring is higher than for a 
reaction stage of the same pressure ratio. This high nozzle exit flow 
velocity or efflux velocity results in a lower static temperature of the gas 
stream. Partial stagnation of laminar flows near the rotating-blade sur- 
faces restores a part of this temperature drop, but the impulse-bladed 
turbine usually is working in a cooler environment than would reaction 
blading. Since a difference in actual blade temperature of only 50 or 
100°F may mean the difference between satisfactory and completely 
unsatisfactory blade life, this is important. It may be desirable to use 
impulse blading in the first stage of a multistage turbine, followed by the 
more efficient reaction blading in succeeding stages. 
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The general subject of turbine design has been thoroughly documented 
in years past, and the following paragraphs will point out only the overall 
factors and the differences from steam-turbine design peculiar to gas tur- 
bines. It should be observed that the notation herein follows that used 
for axial-flow compressors rather than that customary for steam turbines; 
e.g., flow angles in steam turbines are customarily measured relative to 



Fig. 128 . Blade shapes and velocity triangles for gas-turbine impulse and reaction blading. 

the plane of rotation of moving-blade rows, but here we shall measure 
flow angles relative to the axis of rotation or a line normal to the plane of 
rotation. This is contrary to the practice of most turbine designers who 
have received their training in steam, but the authors believe that a little 
consistency in the aircraft-gas-turbine field may eventually do more good 
than harm. 

Velocity triangles and typical blade shapes for impulse and reaction 
blading as used in aircraft turbines are shown in Fig. 128. Absolute 
velocities are shown as Fa, Fi, and F 2 , where Fa is the flow velocity enter- 
ing the nozzle ring and is usually axial, Fi is the flow after leaving the 
nozzle ring or stationary-blade row, and F 2 is the velocity of the gas 
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leaving the rotating-blade row. The peripheral velocity of the moving- 
blade row is u, and velocities relative to entering and trailing edges of 
the same blades are Vi and respectively. The nozzle efflux angle oli 
and the entrance angle /3i relative to the moving-blade row are measured 
from the axis of the rotor; this is contrary to conventional steam practice, 
which would measure these angles from the plane of rotation of the 
moving-blade row, as pointed out in the preceding paragraph. 

Another factor useful in turbine design work is the actual velocity 
ratio 

u 

^ = sin ai — cos ai tan (160) 

V 1 

where the sign of tan /3i must be observed and is negative if the deflection 
is in the opposite sense to ai. The ratio w/Fi is normally in the range of 
0.3 to 0.5 for very high impulse blade paths, and may be found between 
0.7 and 1.5, say, for symmetric paths. 

If the axial velocity of the gas flow does not change in passing through 
the moving-blade row, the energy extracted from the gas is proportional 
to the decrease in whirl velocity between entrance and exit. 

Lh = —j (V I sin ai ~ V 2 sin <^ 2 ) (161) 

A common limitation encountered in aircraft turbines is the velocity 
of the gas flow leaving the first row of nozzle blades. Because velocities 
exceeding Mach 1.0 require a convergent-divergent flow passage, and 
because shock and excessive losses begin to appear soon after M > 1.0, 
the mean flow velocity leaving the nozzle ring is usually sonic or slightly 
above sonic velocity at maximum flow. 

The nozzle spouting or efflux velocity is not necessarily constant at 
all radial distances in a nozzle blade ring. It varies with design, but is 
universally greatest at the inner radius, corresponding to the turbine 
wheel hub. 

In order to avoid radial flows of gas in blade passages, blade-row 
designs may strive for constant angular momentum and constant axial 
velocity. This means that the swirl, or whirl, component of velocity 
multiplied by the radius is constant, and centrifugal forces arising from 
the whirl velocity are just sufflcient to balance the radial static pressure 
gradient. Designs that result in constant mass flow per unit area of cross 
section result in zero radial flow. When the axial component of velocity 
is constant and the flow has constant angular momentum, the flow is 
known as a free-vortex or constant-circulation flow, as employed in many 
axial-flow compressors. If the axial flow velocity varies with change in 
radial position, the constant angular momentum is maintained, but the 
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flow is then known as forced-vortex flow. In the following brief discus- 
sions, free-vortex or constant-circulation flow is assumed. 

The mass flow through the nozzle inlet ring is dependent upon the 
radial distribution of flow Mach number and the efflux angles along the 
blade. The product of the radial distance r and the whirl component of 
velocity Fim, to use the same nomenclature as in the axial-compressor 
case, is a constant for free vortex flow. 

Q = rViu = strength of vortex = constant (162) 

Flu is equal to Fi sin ai, and since the axial flow velocity Fia is constant 
and is equal to Fi cos a^, 

— = r tan ai == constant (163) 

Ficosofi ^ ^ 

If the Mach number of the leaving flow relative to the stationary 
nozzle blades is calculated in terms of a free-vortex flow 


Ml = 


1 

gkm\ 

F?;+ (12Vr2) 



(164) 


where 12 is rFiu, the vorticity or strength of the vortex, and is constant 


122 


The mass flow through a unit area at flow Mach number Mi is 
expressed in terms of total pressure and total temperature as 


'A 



k - 1 

2 



Substituting the value of M\ from Eq. (164) and rewriting as a differ- 
ential equation for flow through a ring at radius r and width dr, 


dWa 



k-\V\,+ (OVr^) 
2 gkRTi 




1 

2irr dr 


(166) 


This expression cannot be integrated exactly except in a few special 
cases, but if the range oi Mi over which the flow is integrated is restricted 
to 0.5 to 1.2, then the following approximation is correct to within 1 
percent for all values of k between 1.3 and 1.4: 


dWa = 


P4 

TtTi 


^0.90 - 0. 


38 


V\a + (QV r^) 
gkRT^ 


) 


27rr dr 


(166) 
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Equation (106) can be integrated, and the total mass flow through the 
nozzle ring to a very close approximation is then 

If, - ^ - ri) [o.9G - (yf. + ^ log 10] (167) 

where n is the radius at the outer diameter of the nozzle ring, th is the 
radius at the hub, and the variation in flow Mach number from hub to 
blade tip stays within the limits 0.5 to 1.2. 

EFFLUX FLOW AN6LE.« , 



Fig. 129. Nozzle efflux Mach number and angle vs. blade/tip radius ratio for different 
axial flow velocities and hub/tip ratios. 

Variations in nozzle efflux Mach number from hub to tip are plotted 
against the radius/tip ratio in Fig. 129 for three different nozzle rings at 
three axial flow velocities at T\ = 2000°R. The corresponding curves 
for efflux angle ai are also shown plotted against flow Mach number. 
The data was calculated from Eq. (164). The significant point to note 
is that Ml is much more dependent upon the value of Q. or strength of 
the vortex than upon the axial flow velocity Via. Also, for a limiting 
value of ilfi, the diameter of the turbine wheel at the hub or blade roots 
is approximately proportional to the vorticity 12. The strength of the 
vortex flow is therefore connected directly to the physical size of the tur- 
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bine; the limiting factor is the tangential or peripheral component of flow 
velocity Viu at the hub. 

If the quantity SI in Eq. (1G7) is replaced by its equivalent, ThV luhj 
then it is possible to plot the mass flow per unit area of nozzle ring, 
Wa/T^{T\ — rX) in terms of two parameters V\a and where Vi^h is the 
tangential velocity of flow at the hub. Going further, tan au = F iMh/Viai 
and the unit flow is plotted against the ratio in Fig. 130 for repre- 
sentative values of Fi® and of otih at the hub or blade roots. It should be 



Ftq. 130. Mass air flow per unit area of nozzle ring vs. hub/tip ratio at various axial flow 
velocities. 

noted that the ratio r^/rj is not the same as the ratio r/rt in Fig. 129. 
V alues of unit flow extend from reaction-turbine data at lower values of 
ai to impulse turbines at the highest values of ai. The pressure condition 
for which the data of Fig. 130 are plotted is P4 = 4 X 14.7 = 58.8 psi or 
8,467 psf, and = 2000°R. The values of a\ used in the curves of 
Fig. 130 are selected so that the flow Mach number at the blade roots, 
Ml, equals 1.2; this is very close to a practical limit for flow velocity in 
that region. Fia is preserved as an identity in the data because, in gen- 
eral, this velocity is not greatly changed in the flow through a single- 
stage turbine or some 2-stage turbines, and therefore it is usually close to 
the leaving velocity of the turbine exhaust. If Fio is multiplied by the 
correction factor then the nondimensional correction b/Q may also 
be applied to the unit flow. 

Equation (167) may be used to calculate flow between any pair of 
blade rows if the flow is free vortex and Fio and au are known. The 
evidence here points to the desirability, from a mass-flow standpoint, of 
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using turbines with tall blades and a small hub/tip ratio. A greater 
mass flow is thereby handled through a given annulus area, and a smaller 
proportion of the flow is at high flow Mach number near the blade roots; 
also blade tip leakage is less serious. However, tall blades mean high 
blade and disc stresses, and the blade tips may be too widely pitched for 
high efficiency at the required flow turning angle. 

28. Impulse Turbines. Impulse turbines expand the gas flow fully 
in the nozzle ring. The gas then issues from the nozzle-blade row at 
high velocity and at the same static pressure that exists on the down- 
stream side of the rotor. It passes through the rotor in flow passages of 
substantially constant area, with entering angle relative to the rotor 
blading approximately equal to the leaving angle on the other side of the 
rotor. Since in a 100 percent impulse rotor, the gas flow undergoes no 
further expansion in the rotor flow passages, the forces may be calculated 
from the velocity triangles. Assuming that flow entry angles match the 
blade angles at all blade radii and speeds, the conventional expression for 
rim power of the turbine wheel is similar to Eq. (161) and is 

W V 

E = — ^ (Fi sin ai — F 2 sin ft-lb/scc (168) 

Again, the sign of the angle a 2 relative to angle ai must be observed. 

If the effects of friction and turbulence losses in the rotor flow passages 
are expressed as the ratio of entering and leaving relative velocities in 
the rotor, V 2 /V 1 = K, 

Vi sin ai — V 2 sin 0:2 = sin fix — V 2 sin ^2 = {I + K)Vi sin /3i 
when 13 1 = — /32. 

The work relation in Eq. (168) can then be rewritten 

^ = Efif [(1 + K)vi sin ^ 1 ] = (1 + A')(Fi sin ai - (169) 

0 0 

A term common in steam practice is the blade efficiency of a rotor, 
which is the ratio of useful work extracted by the rotor to the total 
kinetic energy of the entering flow as it leaves the nozzle. Since we have 
redefined turbine efficiency for aircraft-engine use, we shall not call this 
ratio blade efficiency but will add the term r}n for the nozzle flow efficiency 
and call the ratio the work-extraction or work-recovery coefficient. 

E 

Work-recovery coefficient = 2g rjn 

W ar I 

0,y 

= Vn (1 + K)(Vi sin - u) 

= 2,„(1 + K) sin (170) 
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Equation (170) is shown plotted in Fig. 131; the work-recovery coefficient 
is the ordinate, and the velocity ratio w/Fi is the abscissa. The value of 
Tjn is 0.95, and K in Fig. 131 is also assumed to be 0.95. 

The maximum amount of work is extracted from the gas flow when 
u/Vi = i sin ai, and the work-recovery ratio at that point is 


|(1 +ii0sin*ai 


The particular point to be observed here is that the work-recovery coef- 
ficient, or in other words, the available shaft energy, of an impulse turbine 
is quite sensitive to the velocity ratio. This does not mean that the 
turbine efficiency rjt for aircraft-engine use is of necessity critical with 
respect to u/Vi, although in actual fact it 

may be. '•®| Ik^oSs 

Equations (169) and (170) are exact for 

flow at a particular radial distance from the § X, \ ^1 

axis of rotation of the impulse turbine, g 
However, when an attempt is made to inte- ^ \ V * 

grate the actual work recovery over the | V \^*\\ 

entire turbine disc area, a perfectly obvious 8 

difficulty appears for free-vortex flows. The ^ q l \ \ \ 

definition of a free-vortex flow postulates the ^ ® 

existence of a radial static pressure gradient velocity ratio 

in the flow, balanced by the centrifugal forces J’ig. i3i. Work-recovery co- 
1 . 1 ‘j. j-i, eflBlcient plotted against velocity 

due to whirl velocity. Yet by definition, the ^atio for pure impulse turbine. 

flow ‘between the nozzle ring and rotating- 

blade row of the impulse turbine is fully expanded at all points in the flow, 
and is therefore at a static pressure equal at all points to the exhaust 
pressure. A 100 percent impulse turbine is incompatible with free-vortex 
flow. 


f 0 0.2 0.4 0.6 OM 1.0 

^ VELOCITY RATIO 

Fig. 131. Work-recovery co- 
eflBlcient plotted against velocity 
ratio for pure impulse turbine. 


Practically all aircraft turbines that are classed as impulse type have 
from 10 to 20 percent or more of reaction. Flow may be very nearly 
pure impulse near the hub or roots of the rotor blades, with possibly a 
slight amount of undesirable recompression there; but at the outer diam- 
eter, a very considerable degree of reaction flow must take place if a 
mixed-velocity exhaust is to be avoided. A rotor with a tip/hub diam- 
eter ratio of 1.2, working near the optimum velocity ratio at the hub or 
blade roots as a pure impulse flow, would find its blade tips working at 
about 20 percent reaction for an average degree of reaction of the order 
of 10 percent for the entire blade annulus, and not necessarily at the best 
velocity ratio. 

Aircraft turbine blades are usually designed near the roots by flow- 
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passage methods developed for steam turbines. However, the blade 
tips are often designed by selecting limiting lift coefficients from cascade 
tests of airfoil sections. Intermediate blade-setting angles and profiles 
are then selected by blending the tip and root de- 
signs to fit the known flow-angle requirements. 
Typical turbine-blade sections for 20 percent 
reaction are shown in Fig. 132. The rotor root 
is thick to keep down blade-root centrifugal 
stresses, and tip sections are thin for the same rea- 
son. From an aerodynamic standpoint, it would 
be desirable to keep the root sections thin as well 
as the tip sections. A view of a complete nozzle 
ring with connecting sleeves for can-type burners 
is shown in Fig. 133, and the matching rotor is 
shown in Fig. 134. 

When jet-engine compression ratios exceed 
4:1, and for turboprop engines of the same or lower compression ratios, it 
is usually desirable to use two or more rows of rotating blades in the tur- 
bine. A 2-stage impulse turbine rotor and nozzle ring are shown in Fig. 
135. 


NOZZLE ROTOR 



Fig. 132. Typical tur- 
bine-blade sections for 20 
percent reaction. 



Fig. 133. Complete (De Havilland) nozzle ring showing connecting sleeves for can-type 
combustors. 

Blade profiles in nozzle rings usually follow airfoil shapes. The gas 
flow must be turned through rather large angles with expansion from low 
velocities to sonic or supersonic flows. Since centrifugal stresses are not 
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I'la. 134. De Havilland turbine-rotor matching nozzle ring of Fig. 133. 




Fia. 136. Two-stage impulse turbine elements: Armstrong-Siddeley gas turbine. 
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present in nozzle blades, somewhat better profiles may be used than in the 
case of rotor blades. However, blade temperatures in the nozzle are 
higher than are rotor-blade temperatures, severe vibration problems 
exist, and nozzle-blade failures are not uncommon. Trailing-edge thick- 
ness of blades, both nozzle and rotor, is normally kept under 3 percent 
of the blade pitch; an increase in average trailing-edge thickness to 6 
percent may decrease turbine efficiency by 1 to 2 percent. 



Fig. 136. Westinghouse gas-turbine nozzle showing inner and outer shroud rings. 

Untwisted or straight nozzle blades greatly simplify the manufactur- 
ing problem, permitting the use of easily machined blade elements. An 
untwisted blade does not produce a free vortex flow, however, and nozzle 
efflux angle is relatively constant, changing principally because of pro- 
gressive changes in pitch/chord ratio with radial distance. The vorticity 
Q is no longer constant but varies with the radius, S2 = Simi- 

larly the axial flow velocity varies with the radius and is inversely pro- 
portional to For short blades and with a large efflux angle a > 60°, 

the flow is a compromise between constant angular momentum and con- 
stant efflux angle. 

It is general practice to pitch nozzle blades closely, so that flow 
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turning follows the blade camber angle with but small deviations. A 
representative value of pitch/chord ratio would be 0.75 at the mean diam- 
eter. Straight, untwisted blades may be set in a nozzle ring and inclined 
from the radial position, in the plane of the ring; this is the equivalent 
of a twisted blade, although the construction is not common. 

Nozzle blades may be welded or riveted into shroud rings or shroud 
segments, or they may simply be set into well-fitted perforations in the 
shroud that permit limited radial movement. Thermal expansions, 
especially unequal thermal expansions, can result in harmful distortion of 
the flow paths and can reduce running clearances to the interference 
point. Turbine nozzle blades are almost universally fitted with inner and 
outer shroud rings (see Fig. 136) ; in the case of the single-stage turbine, 
tip or shroud leakage is not a problem 
in the nozzle. 

The design of turbine rotating-blade 
rows is less critical than the design 
of axial-flow-compressor blade paths. 

Blade rows will accept flows over a 
fairly wide range of flow incidence 
angles, say, 20 deg or more, with but 
small effect upon efficiency. An exam- 
ple is the closely pitched impulse blade 
row represented by the curve of Fig. 

137. The net result is that turbines 
will accept off-design flows or changes in 
velocity ratio with much smaller penalties in decreased efficiency than will 
axial compressors. 

Flow Mach number relative to the entering edge of the rotor blade is 
a maximum at the blade root. In order to keep to an acceptable 
value, usually M^i < 0.8, peripheral velocity Uh at the root is high, and 
the leaving flow has considerable exit whirl velocity. If the exhaust jet 
were allowed to leave the engine without straightening the flow, this whirl 
energy would be lost. Therefore, the whirl angle is kept below 10 to 20 
deg; this much swirl can be removed by faired struts downstream from 
the turbine, normally present for supporting tail-cone structure, etc. 
A row of straightening vanes behind the turbine rotor to remove large 
residual whirl is not customary. 

Designing the rotating-impulse-blade flow path with a small degree 
of reaction also reduces the flow Mach number at entry, because of 
higher blade speeds. For exit swirl angles between 0 and 20 deg, the rim 
speed at the blade root increases by approximately 12 or 13 percent when 
the nozzle efflux angle is 70 deg and the flow is changed from pure impulse 
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to 20 percent reaction.^ The blade entry Mach number may decrease 
from a value in the neighborhood of M = 0.75 for zero exit whirl to 
M < 0.55 when the hub peripheral velocity increases 12 or 13 percent. 

Some typical flow relations for a British-designed single-stage impulse 
wheel with T4 = 2000°R are shown in Fig. 138. The blade row was 
designed for zero reaction at the hub but with 10-deg exit whirl, and 
increasing reaction as the blade tip is approached. The exit whirl at 
the blade tip is small at the designed operating condition. The varia- 
tions of entry Mach number relative to rotor-blade leading edges, and 
also the nozzle efflux angles and flow velocities, are shown plotted against 
the blade radius/tip radius ratio from root to tip. Gas flow turning 



Fig. 138. Flow relations for typical single-stage 
impulse turbine wheel. (.7. Ueernan, Proc. IMI'Jy 


vol. 153, p. 495, 1945.) 



gKAiiUgLADETIP •- 

Fig. 139. Gas flow turning 
and entry angles for turbine 
wheel of Fig. 138. 


angles fii — /?2 for the rotor are shown in Fig. 139, plotted against the 
same blade-radius ratio, along with the blade entry angle /?i. 

Assuming that flow at the blade root is pure impulse, and further 
assuming that the whirl component of velocity in the exhaust flow is 
small, the axial flow velocity of the gas stream is practically constant 
across the rotor. This imposes a further restriction upon the nozzle 
efflux angle in that the axial flow velocity of the turbine exhaust should 
not be so high as to introduce excessive duct friction losses in the exhaust 
system, where the jet nozzle may be some distance behind the turbine. 
The axial flow Mach number should be no larger than 0.7 in the exhaust; 
the actual velocity permitted, in fps, depends upon the temperature 
of the exhaust. For a jet engine with 4:1 compression ratio, the exhaust 
temperature is usually about 80 percent of the turbine inlet temperature, 
and therefore sonic velocity in the exhaust is of the order of 90 percent 
of sonic velocity on the upstream side of the turbine rotor. The maxi- 
mum local nozzle efflux Mach number near the blade roots is also usually 

1 Reeman, J., Proc. IMEj vol, 153, pp. 495-504, 1945. 
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limited to a flow of ilf = 1.25, so that the cosine of the critical nozzle 
efflux angle is approximately 0.8 X 0.90/1.25 == 0.6. Under these cir- 
cumstances, nozzle efflux angle at the blade roots is limited to about 
55 deg if the turbine leaving velocity is to be held to a reasonable limit. 
Unfortunately, a high nozzle efflux angle requires a high turbine rim 
speed, so that blade and disc centrifugal stresses must be weighed against 
high exhaust velocity in deciding upon the nozzle design. A 2-stage 
turbine immediately relieves this difficulty, unless total pressure ratios 
across the turbine of the order of 3: 1 or 4: 1 are reached, when the problem 
again arises. 

Turbine rpm is fixed by compressor design in open-cycle gas-turbine 
engines. The double-sided centrifugal compressor runs about 30 percent 
faster than the larger diameter single-sided centrifugal compressor for 
the same mass air delivery. An equivalent symmetric, or 50 percent 
reaction, axial-flow compressor may run at the same speed as the dual- 
entry centrifugal impeller, the nonsymmetric axial compressor at some- 
what lower speeds, and the vortex-entry axial-flow unit may run at half 
of this speed. The smallest and lightest weight compressors and turbines 
are usually the high-speed small-diameter designs. A single-stage turbine 
can be designed to handle the shaft power requirements of any of the 
above directly coupled compressors in a jet engine with compression ratios 
below 4:1. If the turbine must also supply shaft power for a propeller, 
or if the compression ratio is appreciably higher, single-stage-turbine effi- 
ciency falls off rapidly, and a 2-stage turbine is desirable. When a sym- 
metric axial-flow compressor is used in jet engines of 3,000 lb thrust and 
higher, a 2-stage turbine may be desirable from an efficiency standpoint. 

29. Reaction Turbines. Many of the limitations and design factors 
that apply to impulse turbines also apply to reaction turbines. For 
example, the energy equations for impulse-turbine flow paths may be 
applied to reaction turbines if account is taken of the expansion, which 
results in an increased velocity occurring in the rotating-blade row. A 
few of the simpler flow-path relations will be shown, and then design 
problems will be discussed from the standpoint of airfoil theory. 

The tangential force on the moving-blade row is proportional to the 
total component of velocity change of the fluid relative to the moving row 
in the plane of rotation. The work done per pound of gas flowing per 
second is then this force multiplied by the blade velocity u. From the 
velocity triangles of Fig. 128, 


T7T TF” / fT • ir-r . V 

E = (Fi sm ai — 72 sin ^ 2 ) 


which is the same as Eq. (168) for the impulse turbine. This relation 
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may also be written 

E = (Fi sin ai — u — V2 sin (171) 

9 

and again the direction of the flow angle ^2 must be observed with respect 
to the assumed positive direction of angle ai. We shall now introduce 
the velocity ratio u/Vi and also a new velocity ratio u/v2j where u/v2 is 
the ratio of blade velocity to relative leaving flow velocity in the rotor. 
Equation (171) is rewritten to include these terms and rjpy the flow effi- 
ciency of the nozzle- and rotor-blade paths, and is divided by En + Er^ 
the fixed nozzle spouting energy plus the flow-expansion energy in the 
rotor; the resultant is the work-recovery factor for the reaction turbine 


Vl[{u/Vi) sin - (U2/V\)] - {u/v2)vl sin 02 

g(E„ + Er) 


(172) 
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With the velocity triangles known, the work-recovery factor is calculated 

for a tuibine of any degree of 
reaction from Eq. (172). The 
reaction is by definition 

E 

Degree of reaction = -r? — 

En i“ 

(173) 

To take a specific case of the 
50 percent reaction turbine with 
En = Erj the velocity triangles 
must let Fi = V2 and ai = —02- 
The work-recovery coefficient of 
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Fig. 140. Work-recovery coefficient vs. 
velocity ratio for 50 percent reaction or sym- 
metric turbine. Compare with Fig. 131. 


the symmetric or 50 percent reaction turbine is then 


or 


Vll2{u/Vi) sin ai - (u^/Vl)] 
2gE„ 



sin ai — 



(174) 


The work-recovery coefficient is at a maximum when sin ai — u/Viy 
and is then equal to TipU^IV\. A typical plot of Eq. (174) is shown in 
Fig. 140 for ai = 45, 60, and 75 deg and for rip = 0.9; this should be com- 
pared with Fig. 131 for the pure impulse turbine. The reaction turbine 
has about the same general energy-flow characteristic as the impulse 
turbine except that u/Vi ratios are consistently higher, and the peaks of 
the curves in Fig. 140 are slightly flatter relatively than are the peaks in 
Fig. 131. 
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30. Symmetric Stage Reaction Turbines. There are a number of 
very well known relations that have been derived many times for the 
case of the 50 percent reaction or symmetric turbine with free-vortex 
flow or constant-circulation stages. The velocity ratio of Eq. (160), of 
course, applies; it is the ratio of the blade velocity divided by the actual 
absolute gas-stream-flow velocity. 

There is another useful ratio known as the isentropic velocity ratio. 
The isentropic velocity ratio is the ratio of blade velocity to the ideal 
nozzle spouting velocity if all the energy conversion in the nozzle flow had 
been perfect and without loss; for the symmetric turbine, it is 


where A/i* is the total stage (two blade rows) enthalpy drop. European 
practice commonly presents turbine characteristics plotted against the 
isentropic velocity ratio instead of the actual velocity ratio. 

Still another useful relation is the ratio of the actual velocity ratio to 
the isentropic velocity ratio; it is 


Actual velocity ratio 


io _ ^(u/Fi) sin ai — (uVTf) 

atio \ T/s 


Isentropic velocity ratio 
where is the turbine stage efficiency. It follows that 
u _ 2 sin ai 

1 + 


Vi 


Vs 


(17(5) 


(177) 


(isentropic ratio) ^ 


The foregoing relations, used with the free-vortex conditions and the 
velocity triangles of Fig. 128, permit basic turbine requirements to be 
established for 50 percent reaction turbines. 

An example of the initial calculations for a symmetric turbine for a 
turbojet engine illustrates the method. The engine^s compressor inducts 
90 lb of air per second under standard conditions. A small amount of 
this air is bled from the compressor for cooling and miscellaneous pur- 
poses, so that the addition of the fuel in the combustion chamber just 
offsets this loss and the net flow through the turbine nozzle ring remains 
at 90 Ib/sec. The turbine shaft speed is fixed by the compressor, which 
is a symmetric axial-flow unit rated 8,4(K) rpm or 140 rps at the design 
point. The shaft power requirement of the compressor plus fuel pump 
and auxiliaries is 10,200 hp at a compression ratio of 4.6. The total pres- 
sure loss in the combustion chamber is 5 percent, so that the turbine 
receives gas at 4.6 X 0.95 X 14.7 = 64.3 psi. 

The turbine efficiency is assumed to be 90 percent, and the tem- 
perature Ta = 2000°R, Cp = 0.28, and k = 1.31. The amount of energy 
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the turbine must extract from each pound of gas is 
10,200 X 77^^ = 80 Btu/lb 


The temperature decrease in the expansion would then be 80/0.28 = 280 
deg; the exhaust total temperature Tf, = 2000 — 286 = 1714°R, and the 
temperature ratio T5/T4 = 0.856. Inserting this value of Tf,/T^ into 
Eq. (159) for rjt == 0.9, P^/Pa is solved for and is equal to 0.432. The 
total pressure in the turbine exhaust is 0.432 X 64.3 = 27.8 psi, or 1.89 
times atmospheric pressure. 

Since this jet engine may be equipped with a duct between the tur- 
bine exit and the jet nozzle, an 
arbitrary limit of 900 fps is placed, 
on the axial leaving velocity of the 
exhaust. At a total exhaust tem- 
perature of 1714°R, this means 
that the exit flow Mach number 
will not exceed Mb = 0.5. 

The first-stage turbine-blade 
tip speed is to be kept under 1 ,100 
fps in order to hold blade and disc 
stresses within low limits, so that 
at 8,400 rpm, the turbine-rotor 
diameter is 2.5 ft maximum over 
the first-stage blade tips. This 
matches generally with the outside 
diameter of the compressor of about 3.0 ft. 

Assuming that the blade velocity at the mean diameter is 950 fps 
and inserting this value into Eq. (175) for the isentropic velocity ratio, 
it is found that if the entire 80-Btu/lb enthalpy drop is taken in a single 
stage, the isentropic velocity ratio is 0.66. This is too low for high effi- 
ciency in this type of turbine, and the ratio is recalculated for a 2-stage 
turbine. Ah, is then ^ = 40 Btu, neglecting the effects of turbine 
reheat. The turbine reheat factor is quite small for high stage efficiency 
in a 2-stage turbine, and is assumed to offset mechanical losses in this 
example, so that stage efficiency is practically the same as over-all turbine 
efficiency. Turbine reheat factors are obtainable from Fig. 141 ; if reheat 
were used in Eq. (175), the stage enthalpy would be multiplied by the 
reheat factor. The isentropic velocity ratio for the 2-stage turbine is 



Fig. 141. Effect of compounding on turbine 
efficiency for different stage efficiencies and 
total turbine pressure ratios. 


950 


0.95 


This is within reasonable limits for a symmetric turbine. 
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Assuming an axial flow velocity of approximately 600 fps, the flow 
efflux angle aim at the mean diameter should bc about 55 deg. Using 
this value for aim in Eq. (177), 


u 


V 


Im 


2 sin 55° 

1 + (W0.95) 


0.84 


The flow efflux velocity at the mean radius is therefore 950/0.84 = 1,113 
fps. This is a nozzle efflux flow Mach number of 0.535 at the mean 
radius and is considerably lower than the values frequently encountered 
in gas-turbine designs, particularly impulse designs. However, it is 
not unreasonably low and is the result of the fact that this particular 
turbine cannot quite do the required job with a single stage and does not 
work 2 stages as hard as they could be worked. 

With Urn = 950 fps and N = 8,400 rpm, the mean radius = 1.08 ft. 
The tangential flow velocity at mean radius Viu = Vim sin aim = 927 fps, 
and the vorticity ^ = 927 X 1.08 = 1,000 ftVsec. The actual axial 
flow velocity is Via = Vim cos aim == 1,113 cos 55° = 648 fps instead of 
the assumed 600 fps. 

In order to calculate the root and tip radii of the nozzle-blade ring, 
Eq. (167) may be used. However, it is obvious from Fig. 129 that the 
nozzle efflux root Mach number will be much lower than 1.2 for any 
reasonable design, and an approximation of the required nozzle area is 
arrived at by assuming the gas density at the mean radius to be a repre- 
sentative average value for the entire flow. The approximate area is 
therefore 


Wa 


R 

RT 


r. + V "O' ' 


90 


64.3 X 144 
53.3 X 2,000 


648(1 + 0.155 X 0.5352)-3-22 


= 1.85 sq ft 


The tentative value of Vh is therefore 0.933 ft, and the tentative value 
of the tip radius rt = 1.208 ft. These values are then checked by inser- 
tion into Eq. (167) and yield a flow of 89.7 Ib/sec. Apparently, using 
the density at the mean diameter does not introduce a significant error 
in calculating the mass flow when flow Mach numbers are small, and the 
tentative values of root and tip radii above will be corrected to 0.93 ft and 
1.21 ft, respectively, for preliminary design use. 

The tangential velocity at the hub is then Viuh == ^/tk = 1,076, and 
at the tip Viut = = 826. The nozzle spouting velocity at the hub is 

V648^ + 1,076^ = 1,255 fps, and at the tip is \/648^ + 826* = 1,048 
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fps. The flow Mach numbers are obtained from the relation between 
velocity and total temperature 



so that Mih — 0.608 and Mu = 0.503. The nozzle efflux angles are 
aih = tan”*^ = 58.9° and au = tan”^ (til) = 51°. Nozzle blad- 

ing is then selected on the basis of cascade-test data to yield efficient flow 
turning from the axial approach flow to 58.9 deg at the root, 55 deg at the 
mean diameter, and 51 deg at the tip. As indicated earlier, a closely 
pitched ring of nozzle blades is to be preferred. The axial inlet velocity 
ahead of the nozzle ring is fixed by the total temperature and pressure 
conditions and the area of 1.88 sq ft. From Fig. 32, M is 0.272, and 
therefore the nozzle inlet axial flow velocity is 573 fps. 

Entrance angles relative to the first moving-blade row are determined 
from the velocity triangle, and 



so that is 21.9 deg at the root radius of 0.93 ft, —1.9 deg at the mean 
radius of 1.08 ft, and — 21.G deg at the tip radius of 1.21 ft. Since in a 
symmetric turbine, V 2 is at the negative angle of Fi in direction and is 
equal to Fi in magnitude, then the first-stage rotor-blade exit angles 
are ^2 = — «i at the same radii. The flow turning angle in the rotor is 
6 = ^2 — Ph at the root radius is —80.8 deg, at the mean radius 
— 53.1 deg, and at the tip —30.4 deg. 

Blade sections and setting angles in the second stage, for both station- 
ary and rotating rows, would duplicate the forms and angles of the first 
row for the same radii. However, an increase in blade annulus area is 
required at the exit, owing to the lower density of the exit flow. Pressure 
and temperature at the exit are P 5 = 27.8 psi and = 1714°R. Since 
the exit velocity is equal to Fia = 648 fps, the exit Mach number from 
Eq. (178) is 0.333. The mass flow per unit area is 


27.8 X 144 
53.3 X 1714 


k - 1 


0.3332 


27 Ib/sq ft/sec 


The turbine exit area A 5 = fy = 3.43 sq ft. 

If the second-stage blade tips were held at the 1.21-ft radius, the root 
radius would then be 0.61 ft; and the hub/tip ratio would be 0.504, an 
undesirably low ratio. The tip diameter of the last-stage rotating row 
is therefore increased to 2.7 ft for n = 1.35 ft and Vh = 0.856 ft and a 
hub/tip ratio of 0.632. The last-stage flow angles are calculated for the 
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extended hub and tip distances by applying the free-vortex flow condi- 
tions to the already known flow angles obtained from the first stage at 
0.93-, 1.08-, and 1.21-ft radii. The turbine inlet and outlet annuli are 
connected by smooth curves to take the flow passage area from 1.88 sq ft 
at the inlet to 3.43 sq ft at the exit. 

The blade pitch of the rotating rows is fixed by the results of cascade 
tests and the limiting lift coefficient that can be expected at the blade 
tips. Flow velocities relative to the moving blade, Vi and V 2 , vary from 
entry to exit positions, and the effective stream velocity that has been 



Fig. 142. Velocity diagram for example discussed in text showing median flow vector for 
symmetric-turbine stage rotor. 


found to be accurate is the median vector Vr, lying between Vi and in 
Fig. 142 at the mid-point of Vi sin — V 2 sin ^ 2 - For the first-stage tip 
condition 


Ve = = 838 fpS 


at an angle of —39.4 deg. 

The resolution of lift and drag forces on a unit blade area in the plane 
of rotation of the blade row is made in terms of the effective stream veloc- 
ity, 823 fps, and the effective angle, —39.4 deg. The resultant force is 
then equal to the tangential change in flow momentum at the same radius 
for blade chord c and blade pitch s. 


— L cos 39.4° -f D sin 39.4° = Ar sV iap{v 2 sin ^2 — Vi sin 


Then, since 


L = CiP^cAr 

D = Cz>p|cAr 
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the force equation may be rewritten 


Cl tan 39.4® 


^8 7G4 X 648 
c 8232 cos 39.4® 


Now since Cd/Cl is normally less than 0.02 for a good airfoil profile, the 
term (Cd/Cl) tan 39.4® may be neglected without introducing a serious 
error, and as an approximation 


Cl = 2-0.96 
c 

High lift coefficients are not ordinarily obtainable for cambered air- 
foil sections in retarded flows, but quite high values of Cl are possible 
in accelerated flows. Therefore, a Cl of 1.0 is not unreasonable and 
would result in a pitch/chord ratio of 0.521 at the blade tip at a radius ol 
1.21 ft in the first stage. Since the blade-stagger angle is approximately 
equal to the effective flow angle of 39.4 deg, the ratio of blade pitch to 
axial distance across the blade is 0.525/cos 39.4° = 0.676. Assuming 
an axial width of blade of If in. or 0.135 ft, the required pitch at radius 
1.21 ft is 0.0913 ft, and the number of blades required is 83.2 minimum. 
Using 84 blades, the blade pitch at the hub in inches is 0.833. Additional 
blades at a closer pitch would reduce the required lift coefficient at the 
blade tips and might possibly lead to higher efficiency. 

The exact blade-tip shape and the correct angle of attack can be 
determined correctly only from the results of cascade tests. The blade 
shape at the root is determined by the requirements of the flow-passage 
areas and the centrifugal- and bending-stress limitations at that point. 
The root and tip shapes are then blended along the blade length, and 
minor adjustments are made in the last row to reduce whirl velocity in 
the exhaust. Blade profiles at root and tip for the example worked out 
here are shown in Fig. 143 along with the velocity triangles. 

The nozzle flow velocities in this example are far from critical and are 
due to two factors. The turbine design is 50 percent reaction, and two 
stages are used. Further, the compressor is somewhat lower in speed than 
would be designed for if minimum engine diameter were the major con- 
sideration, and a generous nozzle annulus area is assumed in order to 
reduce the effects of tip leakage losses in the rotor and second-stage nozzle 
ring. The same nozzle ring could be redesigned to be followed by a 2- 
stage impulse turbine, and the efflux Mach number at the inner radius of the 
nozzle ring would then be approximately 0.89. This is a low flow Mach 
number and the velocity ratio would be higher than desirable, about 
0.66 at the mean diameter, so that a reduction in turbine diameter would 
be in order. Ordinarily impulse turbines are designed for average critical 
flow in the nozzle, and reaction turbines for somewhat lower flow velocities. 
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31. Turbine Flow Characteristics. In spite of the general practice 
of pitching turbine blades closely, turbines are not very stiff devices from 


a volumetric flow standpoint, at least 
for single-stage and 2-stage units. 
Their characteristics are close to those 
of axial-flow compressors, but because 
the slope of the flow-regulation curve 
plotted against pressure ratio for a given 
shaft speed is opposite to that of the 
compressor, a single line may very 
nearly express the turbine flow charac- 
teristic over the useful working ranges. 
Flows of a typical turbine corrected to 
standard conditions are shown plotted 
in Fig. 144 for various corrected shaft 
speeds and pressure ratios. The curves 
for the different speeds almost connect 



Fig. 144. Corrected turbine flow vs. 
turbine pressure ratio for various cor- 
rected turbine rotational speeds. 


in a single line. This turbine will accept the same flow at a given 


pressure ratio over a rather wide range of shaft speeds, and without serious 
loss of efficiency, as was indicated in Fig. 137. This is a most desirable 
characteristic when a turbine must be matched to a stiff compressor. 
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A somewhat more useful relation in gas-turbine work is obtained when 
the shaft power delivered by the turbine per unit mass flow of gas is 
plotted against corrected mass flow. Since the work available is depend- 
ent upon temperature also, it is desirable to indicate a temperature ratio 


wm 


T 4 * 1,560* R 


12 13 14 15 


m 


UNIT CORRECTED AIR FLOW, . LB./SEC. 

Fig. 145. Specific shaft power of gas turbine vs. corrected mass flow. 


on the plot, and this is usually the ratio of the turbine total inlet tempera- 
ture to the ambient atmospheric temperature (normally taken at standard 
atmospheric conditions for corrected flow plots). Lines of constant pres- 
sure ratio, Pb/Pij are crossed by lines of constant corrected shaft speed, 
N/y/B, as in Fig. 145. 
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The flow of a turbine is greatly influenced by the back pressure at the 
turbine exhaust, so that in a jet engine particularly, the characteristics 
of the exhaust nozzle are important. If the nozzle has a fixed exit area, 
then a single family of curves as in Fig. 145 may be used to represent the 
flow characteristic of a given turbine; but if the nozzle exit area is adjust- 
able or otherwise variable, a different set of flow curves is required for 
each nozzle area. Some turbojet engines and practically all present 
designs of turboprop engines use fixed-area exhaust nozzles, although 
this degree of simplicity is not likely to persist for long when significant 
improvements in over-all performance may be gained with variable-area 
jet nozzles. 

32. Blade Temperatures. The actual temperature of the metal in a 
turbine blade is a quantity that is determined accurately with great 
difficulty, if at all. The blade 
temperature will depend upon the 
total temperature of the gas flow, 
the flow Mach number relative to 
the blade surface, the effects of 
laminar flow-stagnation layers 
next to the blade, radiation to and 
from nearby hot bodies and the 
gas stream, and heat conduction 
in the blade itself and to the tur- 
bine disc. Thus, we may expect 
large temperature variations radi- 
ally and also from leading edge to 
trailing edge of any given blade. 

Some estimates have been made, 
however, of typical uncooled-rotor- 
blade temperatures for single-stage impulse turbines, and these are plotted 
against total gas temperature in Fig. 146. A 2-stage impulse turbine 
would show a smaller difference between first-stage blade temperatures 
and gas-stream total temperature. A reaction turbine would have a 
smaller difference also, usually of the order of 100°F at 1500°F gas 
temperature. 

Cooling of turbine blades, both rotating and stationary, is attractive 
because of the high cycle efficiencies possible with high turbine inlet 
temperatures. ^ This also may make it possible to utilize less expensive 
blade materials; many elements now commonly used in uncooled gas- 
turbine blades would be in critical supply under wartime restrictions. 
It was the shortage of tungsten, nickel, and other metals that forced the 

^ Fllerbrock, H., J, IAS, Vol. 15, pp. 721-730, 1948. 



Fig. 146. Uncooled-rotor-blade temperatures 
plotted against total (or stagnation) gas tem- 
perature for a single-stage impulse turbine. 
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German turbojet designers to the use of low-alloy steels, which had to be 
cooled for use as turbine blades. 

Blades may be cooled by air bled from the compressor. Frequently, 
small centrifugal blower vanes are placed on the front face of the turbine 
disc to assist further in moving cooling air across the disc and around the 
roots of solid blades. Hollow blades may also be used, and shroud plates 
are placed on the sides of the rotor disc to direct air through openings in 
the root of the hollow blade. The cooling air is then allowed to escape 
at the tip between the tip and turbine casing. With a single-stage tur- 
bine (20 percent reaction) operating at 1400°F inlet temperature, approxi- 
mately 2 percent of the compressor air is used for cooling both stator 
nozzle blades and rotor blades of a turbine sufficiently to keep blade tem- 
peratures below 1000°F. A sectional view' 
of an air-cooled turbine blade assembly 
appears in Fig. 147; the blades were 
formed from rolled sheet of tapered thick- 
ness and welded on their trailing edges. 
Bulb-type roots were inserted in the disc, 
and cooling air entered through the hollow 
bulb in the rotating row. Blade-root 
centrifugal stresses were of the order of 
19,000 psi, and gas bending stresses were 
under 4,000 psi in the blade. Life of this 
particular turbine before failure was very 
short, 60 to 80 hr, and efficiency was under 
80 percent, owing to poor blade form, 
high tip-clearance leakage, and operation at a low velocity ratio. 

Methods of cooling turbine blades with auxiliary air, better than those 
of Fig. 147, should result in substantial allowable increases in top turbine 
temperatures when high-alloy blade materials are used instead of the low 
nickel, chromium, etc., alloys used in the German designs. However, 
much more refined blade shapes and manufacturing methods will be 
required if high turbine efficiency is to be obtained. Improvements in 
cycle efficiency through higher temperature limits must, however, be 
balanced against the cost of cooling air bled from the compressor; this 
cooling air may be taken by interstage bleed in order to keep pumping 
losses at a minimum. 

A limited number of experiments have been performed on water- 
cooled turbine blades. The use of a closed-end drilled blade with a 
supply tube down the center will result in very rapid circulation of fluid 
in the blade due to accelerated thermosiphon action under the centrifugal 
forces existing in the rotating blade. Heat can then be removed from 



Fig. 147. Sectional view of air- 
cooled turbine blade assembly of 
BMW003 turbine. 
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the blade and conveyed to a heat exchanger or rejected in waste water 
at a. very fast rate. The rate of heat transfer between the water and the 
turbine-blade contact surface is approximately 2000 Btu/(sq ft)(hr)(®F) 
under these conditions. The rate of heat transfer between the gas stream 
and the blade surface is about one-tenth of the rate for liquid heat trans- 
fer, or 200 Btu/(sq ft)(hr)(°F). With a gas temperature of 2000°F and a 
blade temperature of 900°F, the heat-transfer rate is of the order of 
200,000 Btu/(sq, ft) (hr) and temperature gradients in the metal walls 



Fig. 148. Rotor for single-stage jet-engine turbine with symmetric blading. 

of the hollow blades may approach 200°F from outer surface to inner 
surface witli stainless-steel blades. 

Liquid-cooled blados for aircraft engines would normally require a 
heat exchanger for recirculation of the cooling water, since a 3,000-lb- 
thrust jet engine operating under the above conditions might be required 
to reject as much as 15,000 lb of water per hour or more. This presents 
a large problem in that the temperature of the cooling water is high after 
leaving the turbine blade; centrifugal force pressures will prevent vapor- 
ization of the water while it is actually in the blade, but very high steam 
pressures due to the high temperature will carry over to the heat exchanger. 
The large mass flows of liquid required for really effective cooling appear 
to rule out cooling by means of the gas-turbine fuel flow itself, since the 
fuel flow is very small compared with the required coolant flow. The 
latent heat of vaporization of the liquid fuel is not available for cooling 
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inside the blade, since centrifugal heads are high, to say nothing of crack- 
ing difficulties and carbon deposits. 

33. Blade Materials. Uncooled turbine blades are required to operate 
at metal temperatures only slightly below the inlet gas temperature 
(see Fig. 146). Combined centrifugal and bending stresses may result 
in tensile loadings between 12,000 and 25,000 psi, depending upon the 
design. In addition, the material must be oxidation-resistant under 
operating conditions and must be fatigue-resistant and stable in mechani- 
cal properties. When we add the requirement that it be possible to 
fabricate the material into complicated shapes and thin sections held to 
very precise tolerances, the number of suitable alloys is narrowed quite 
rapidly. Presently available turbine-blade alloys cannot withstand tem- 
peratures beyond approximately 1700 to 1800°F for more than a few 
seconds. These same alloys are unsuitable for continuous service ratings 
at gas temperatures beyond 1400 to 1500°F. 

There are two general classes of metal alloys used for turbine blades. 
One group consists of wrought or forgeable alloys that can be machined 
readily for final shaping into blades. The other group consists of the 
casting alloys, cast to almost the final size and shape by the so-called 
precision or lost-wax process. Final shaping is done by grinding, since 
these alloys as cast are almost universally too hard for ordinary machining 
operations. British designs have used wrought alloys almost exclusively, 
while American practice favors cast blades. Some American turbines 
also use wrought alloys, but the large store of experience gained in this 
country in the manufacture of engine turbosuperchargers with cast 
blades has overshadowed the excellent progress in research here on 
wrought materials. 

Forgeable or wrought alloys are normally either ferritic or austenitic. 
The ferritic alloys are iron-base alloys and are inherently less strong at 
high temperatures than the austenitic alloys with a large proportion of 
nickel in the composition. In alloys of high nickel content, small quanti- 
ties of iron and nickel appear to be interchangeable without affecting 
properties seriously. The British-developed Nimonic 90 is reported to 
have a composition very close to that of K42B, developed at the Westing- 
house Research Laboratories, except that only traces of iron and cobalt 
are present and the nickel content is higher. Properties of these two 
materials are quite similar. 

The chromium content of wrought alloys is almost universally high, 
from 13 to 30 percent, and provides oxidation resistance for the exposed 
surfaces of blades. This chromium content does not appear to influence 
mechanical properties greatly. Cobalt is often substituted for nickel to 
improve ductility and forgeability; it has other effects upon final proper- 
ties after heat-treatment. 
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Table 4. Some Typical. Analyses of Wrought Alloys (Percent) 


Alloy 

C 

Mn 

Si 

Ni 

Co 

Cr 

Mo 

w 

Cb 

Ti 

A1 

Fe 

K42R 

0.03 

0.78 

0.34 

41.3 

21.7 

17.7 




2.55 

0.55 

15.3 


0.04 

0.8 

0.93 

37 

20 

18 

3.2 



2.52 

0.24 

17 


0.11 

1.97 

0.25 

20.1 

30.1 

20.2 

8.3 

3.8 




15.2 


0.05 

0.7 

0.4 

25.2 


8.3 



2.33 

0.42 

Remainder 

g.816 

0.40 

0.58 

0.54 

20.23 

47.7 

19.6 

3.93 

3.45 

4.06 



2.96 

N-156 

0.33 

1.48 

0.67 

33.23 

23.69 

15.66 

3.02 

2.10 

1.03 



Remainder 

NiTT'o^'i^ RO* 

0.04 

0.56 

0.48 

74.23 


21.18 




2.44 

0.63 

0.38 

W 

0.03 

0.63 

0.52 

74.82 


14.4 




2.77 

0.63 

6.17 

Rollpd 

0.22 

0.73 

0.67 

2.92 

61 4 

27 . 56 

6.9 





0.50 

17.W 

0.46 

0.58 

0.43 

19.16 


13.19 

0.62 

2.48 




Remainder 

1 6-26-6 

0.08 

1.34 

0.31 

23.15 



17.95 

6.79 





51 

Uastelloy B 

0.05 

0.59 

0.19 

66.10 



28 . 63 





4.7 

Rex 78* 

0.08 



18 


14 

4 



0.6 


Remainder 













(Cu 4.0) 

Tinidurf 

0. 15 

0.6 

0.7 

!3() 


15 




1.7 


Remainder 


* British alloy, 
t German alloy. 


The austenitic blade alloys are hardened both by hot-cold-working 
(below the recrystallization temperature) and through the use of precipita- 
tion hardening agents such as beryllium, titanium, and molybdenum. 
Carbon is also used in some alloys that 
are almost entirely work-hardened. 

Approximate chemical compositions 
of a few alloys are given in Table 4. 

These materials do not have remarkable 
properties at room temperatures, but 
retain their strength at temperatures 
well above 10(X)°F, so that they can be 
forged only at temperatures well above 
those for mild steel and the lower alloys. 

When properly heat-treated, they ma- 
chine without great difficulty (with the exception of carbon-hardened 
alloys) and are then given final heat-treatment. 

Short-time tensile and elongation tests carried out on high-tempera- 
ture alloys are useful primarily in evaluating heat-treatment, work- 
hardening, and basic composition variables. Short-time tensile tests 
are usually made by subjecting the test specimen to a constant strain 
rate (800 percent/hr) at the test temperature. Typical stress-strain 
curves for test samples of Refractaloy 26 (after solution treatment at 
2100®F for 1 hr, aging at 15(X)®F for 20 hr, and second aging at 1350®F 
for 20 hr) are shown in Fig. 149. 

Turbine blades are required to withstand static stress loads due to 
centrifugal force, and in addition are subjected to vibratory stresses. 
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10 20 30 40 50 

PER CENT PLASTIC STRAIN 
Fig. 149. Short-time stress-tstrain 
curves for Refractaloy 26. 
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Via. 150. Results of 100-hr creep tests for wrought alloys of Table 4. 



1.100 1,200 1,300 1,400 1,500 1,600® F 

TEST TEMPERATURE 

I’lG. 151. Results of 1,000-hr creep tests for wrought alloys of Table 4. 
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Blades suffer a slow, plastic yielding or deformation on the static loads, 
whether the cyclic loads are superimposed or not, and creep tests are made 
to determine stress required to produce a given creep in a given time. 
Short-time creep strength is based upon the load necessary to produce 
1 percent permanent elongation in 100 hr; a longer test is made for 
1,000-hr creep strength also. Since most gas-turbine blades are short, 
1 percent elongation can be tolerated without producing rubs or inter- 
ference. Results of 100-hr creep tests are given in Fig. 150 for some of 
the alloys of Table 4, and 1,000-hr results are shown in Fig. 151. 



TEST TEMPERATURE 

Fio. 152. Kupture strength and elongation tests for K42B. 


Actual rupture under static load may occur in some materials before 
1 percent elongation is achieved, and in any case rupture tests are of 
much concern, as is also ductility or elongation before failure. Curves 
of stress for rupture in 100 and 1,000 hr are plotted against temperature 
in Fig. 152 along with elongation for K42B. Data for other alloys are 
presented in Table 5. 

The data presented in Figs. 150, 151, and 152 are subject to rather 
wide variations, depending upon the previous history of the test piece, 
cold-working schedule, heat-treatment, etc. Usually blade designs are 
worked somewhat too close to average test results for safety. The 
normal statistical spread of creep-rupture strengths for a given alloy 
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of specified work- and heat-treatment leads one to wonder just how some 
turbines with 50 to 200 blades get through type testing without losing at 
least one blade. More uniform results would be expected of the wrought 
alloys, with controlled schedules for reduction of the ingot and subsequent 
working and heat-treatment, than for cast blades. However, this is not 
necessarily true in the present state of the art. 


Table 5 


Alloy 

TeinpcT- 
ature, °F 

C Veep-to-niptii re, 
stress, psi 

Elongation, percent 

100 hr 

1,000 hr 

100 hr 

1,000 hr 

K42B 

1200 

67,000 

41,000 

1.2 

0.5 


1500 

15,000 

11,000 

7.0 

4.0 

Nimonic 80 

1200 

49,000 

39,000 

2 

1 


1500 

17,500 

10,000 

7 

2 

Inconel W 

1200 

60,000 

40,000 

3 

0.5 


1500 

32,000 

16,500 

2 

1 

Refractaloy 70 

1200 

55,000 

41,000 

34 

31 


1500 

18,500 

14,500 

22 

14 

Timken 16-25-6 

1200 

52,000 

35,000 

29 

18 


1500 

13,000 

3,500 

8 

3.5 


Cast blades are universally produced by the lost-wax process. A 
master pattern of the shape to be reproduced is used as a pattern in 
forming semipermanent molds of a low-temperature-metal alloy. Wax 
replicas of the master pattern are then cast in the metal molds. After 
trimming and fastening to a gate, the wax models are coated with a silica 
investment, and the wax is melted out of the investment. Molten casting 
alloy is then poured into the cavities left by removal of the wax to form 
the cast blade shapes. Blades so cast receive no work-hardening after 
casting, which is their principal difference from wrought blades, and the 
grain structure of the metal and other physical properties depend upon 
composition of the alloy, conditions under which the cast is made, and 
heat-treatment subsequent to casting. 

A number of the wrought-blade alloys have been used in making 
blades by the casting technique. However, the principal advantage of 
the casting process, apart from a possible lower production cost, is in 
being able to fabricate into blades materials whose mechanical working 
characteristics are so difficult as to make machining impractical. The 
typical compositions of a number of casting alloys are listed in Table 6. 

Creep-stress curves for 1 percent elongation are shown for 100 hr in 





TURBINES AND THEIR CHARACTERISTICS 189 

Fig. 153 and for 1,000 hr in Fig. 154 for a number of selected alloys. A 
tabulation of creep-rupture data is shown in Table 7. 


Table 6. Some Typical Analyses of Casting Alloys (Percent) 


Alloy 

C 

Mn* 

Si 

Ni 

Co 

Cr 

Mo 

W 

Cb 

Fe 

S-816 

0.40 

0.68 

0.54 

20.23 

43.7 

19.5 

3.93 

3.45 

4.05 

2.95 

Vitallium 

0.22 

1.0 

0.6 

1.5 

62 

28.6 

5.74 




422-19 

0.4 


0.61 

15.92 

Remainder 

24.75 

6.08 



0.65 

». 40 .'> 

0.4 



20 


14 

4 

4 

4 


19-9 W Mo 

0.29 

0.65 

0.79 

9.4 


18.85 

1.33 

1.16 

0.4 












(0.16Ti) 

S-590 

0.47 

0.94 

0.71 

20.65 

20 

20.28 

4.08 

4.22 

4.72 

Remainder 

211 

0.56 




66.12 

26.67 

0.39 

5.08 



StHlll'-f' 27 

0.60 



30.91 

33.85 

26.4 

6.14 




X-40 

0.48 

0.64 

0.72 

9.69 

65.23 

26.12 


7.23 


0.66 

Ticoniiini 

0.18 

0.7 

0.37 

31.42 

32.46 

27.46 

6.29 



1.66 

Co-Cr (9 Mo) 

0.42 

0.68 

0.68 

2.88 

Remainder 

22.73 

9.24 



0.85 

^0 dr-2ft Ffi-lS Mo 

0.022 


0.70 



60.44 

14.63 



Remainder 

AN-96 

0.36 



22.15 

27.45 

29.14 

17.64 


.... 

0.63 













Table 7 


Alloy 

Temper- 
ature, °F 

C Veep-to-rupture 
stress, psi 

Elongation, percent 

100 hr 

1,000 hr 

100 hr 

1,000 hr 

Vitallium 

1200 

56,000 

33,000 

7.5 

5 


1500 

18,000 

10,000 

9 

5.5 

Stellite 23 

1200 

51,500 

42,000 

4 

2.7 


1500 

27,000 

21,000 

8 

5 

S-816 

1200 

56,000 

49,000 

6 

20 


1500 

24,000 

17,000 

9 

7 

S-495 

1200 

40,000 

33,000 

8.4 

10.4 


1500 

17,500 

14,000 

10 

7 


In addition to the alloys already discussed, some of the pure metals 
and high-percentage alloys of these metals have sufficient!}’' elevated 
melting points that strength is maintained in the temperature ranges of 
interest to turbine designers. These metals are molybdenum, titanium, 
tungsten, and tantalum. Tungsten and tantalum are sufficiently scarce 
in nature that their general use as blade materials is prohibited. Molyb- 
denum and titanium are relatively abundant, and molybdenum is now 
being produced as a pure wrought metal in substantial quantities. 
Titanium is in the early development stages of such production. The 
creep strength of molybdenum at temperatures beyond those allowable 
for any of the previous alloys appears to hold much promise for the future; 





190 


GAS TURBINES FOR AIRCRAFT 



Fra. 153. Kesults of 100-hr creep tests for casting alloys of Table 6. 



TEST TEMPERATURE 

Fig. 154. Results of 1,000-hr creep tests for casting alloys of Table 6. 

however, molybdenum must be protected against oxidizing atmospheres 
beyond about 750°F and this problem has not been solved as yet. Tita- 
nium has the further advantage of low specific gravity, but the oxidation 
protection problem is also present. 

Ceramic materials have also been investigated for use as turbine 
blades. The alumina-tyj^ ceramics have fairly high melting points and 
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maintain strength close to their melting points. Beryllia ceramics 
extend the temperature range still farther. However, ceramic materials 
have low resistance to heat shock and are very prone to stress-concentra- 
tion brittleness; in other words, elongation before failure is exceedingly 
small. There is no short-time plastic flow of ceramics in the way that 
metals yield; while there is a definite long-time plastic flow, a sudden shock 
may result in fracture. A fundamental change in turbine design to 
permit compression loading of blades instead of tensile loading might 
make ceramic blades practical. Of course, such a design change would 
greatly extend temperature limits for metals also. Ceramics were used 
as coating materials for blades in Germany for nozzle vanes. Low-alloy 
steels were given porcelain-enamel coats to provide oxidation protection; 
results were of questionable value. 

34. Turbine-disc Materials. Operating conditions for turbine discs 
are as critical as for turbine blades. Disc temperatures are lower than 
blade temperatures, but stresses are generally higher by a large margin. 
Some of the alloys used for wrought blades are suitable for use as disc 
materials and have been so used. Timken 16-25-6 and Rex 78 are exam- 
ples. K42B, Refractaloy 26, and Discaloy 26 also have a dual usefulness 
as blade and disc materials. G18B has been widely used in England and 
has a nominal composition of 0.4 C, 13.5 Ni, 13.5 Cr, 2.5 W, 2 Mo, 10 Co, 
and niobium and tantalum 2.8 percent, with the remainder iron. The 
alloy 19-9 DL of nominal composition 0.3 C, 0.6 Si, 1.0 Mn, 1.9 Cr, 9 Ni, 
1.25 Mo, 1.0 W, 0.4 Cb, 0.3 Ti, and the balance iron has been widely 
used in this country along with Timken 16-25-6. 

Discaloy 25, similar to Discaloy 26, except that chromium is 13 per- 
cent instead of 8 percent, appears to have good properties for turbine 
discs, as does N-155, similar to N-156 except for higher chromium and 
lower nickel content. The 1,000-hr rupture and creep characteristics of a 
number of these alloys are given in Table 8 for 1200°F disc temperature. 

Table 8 
IjOOO-hr rupture 


Alloy 



1,000-hr stress for 

Strength, psi 

Elongation, 

percent 

1 percent creep, psi 

K42B 

48,000 

0.5 

48,000 

N-155 

42,000 

10 

35,000 

19-9 DL 

38,900 

2 

36,700 

Timken 16-25-6 

35,500 

11.5 

35,000 

Discaloy 25 

36,000 

5 

37,000 

G18B 

37,000 

2.5 

33,500 
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Discs require a certain amount of ductility at the rim under present 
practice for blade fastenings. Early turbine designs used bulb-type 
roots with loose fits in the discs; stretching of the necks between blades 
in disc rims was excessive, however. The tendency now is to use tree- 
type roots driven in for rather snug fits, or to weld the blades to the disc 
rim. Some composite discs have been made with rims of high-tempera- 
ture austenitic steel welded to centers of ferritic steel; this makes easier 
the problem of forging a stub shaft onto the center of the turbine wheel. 
Other turbine discs have had very short stub shafts forged on the blank, 
and low-alloy-steel shafts then flash-welded to the stub. Still, other discs 
are drilled for through bolts at the center with the holes reamed and 
polished to reduce stress concentration. 

It may prove practical to precision-cast complete wheels, disc with 
blades in one piece, for small turbines. This has not been done for larger 
turbine wheels. Large discs of N-155 have been cast experimentally both 
in sand and centrifugally. 



CHAPTER 7 

THE JET NOZZLE 


36. Gas Flows in Nozzles. Aircraft-turbine exhaust systems have 
one point in common, whether connected to a jet engine or a turboprop 
engine; the gas flow leaves at a relatively high velocity and provides a 
substantial forward thrust. In the case of the jet engine, all the useful 
thrust derived from the engine comes from the exhaust velocity. In the 
case of a turboprop engine or one of the hybrid types known generally as 
thrust augmenters, from 15 to 50 percent of the useful thrust in flight 



NOZZLE SECTION 

Fig. 155. Exhaust duct and nozzle, illustrating abrupt nozzle termination in region of 
converging flow. 

may be attributed to the velocity of the nozzle exhaust flow. Therefore, 
substantial pressure differentials must exist between nozzle inlet and 
nozzle outlet. The sections of Chap. 3 relating to flows in ducts and 
passages are particularly useful in nozzle design, and Figs. 31, 32, and 33 
may be used to assist in the solution of many nozzle problems. Section 9 
is devoted to nozzle flow problems, and the basic theory will not be 
repeated here. 

There are a number of design factors in aircraft-gas-turbine exhaust 
nozzles that may result in departures from the theoretical flows of Sec. 9. 
Perhaps the most common cause for divergence between practice and 
theory appears in the theoretical assumption of streamline flow and the 
neglect of transverse velocity effects in flow passages of changing area. 
Gas-turbine exhaust nozzles often terminate abruptly before flow stream- 
lines are parallel and while large transverse components of flow velocity 
are present. 

An exhaust duct and nozzle of this type are shown in Fig. 155. The 
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section of the exhaust duct at station 5 represents the point at which the 
turbine efflux is received. The section from 5 to 6 is a relatively low 
velocity exhaust duct of uniform section. Between 6 and 7 is the nozzle 
section within which the flow is accelerated. However, the flow stream- 
lines close to the nozzle walls are not parallel as the gas leaves the nozzle 
at station 7, and the transverse flow velocities of these streamlines produce 
a vena contracta in the flow at station 8. The energy of transverse flow 
velocity is in large part translated to parallel flow velocity at the vena 
contracta. The flow process between stations 7 and 8 is quite efficient. 
Here, the flow takes place much as though the nozzle walls followed the 
streamlines down to the vena contracta with the transverse flow velocities 
of the outer flow sheaths providing effective ram or velocity pressure 
heads to balance the positive differential between static pressure at sta- 
tion 7 and the atmospheric pressure. At station 8, the vena contracta, 
the flow is fully expanded, and static pressure of the flow is equal to 
atmospheric pressure (for subsonic flows). 

While the actual nozzle exhaust area is A 7, the effective nozzle exit 
area is A g, and the static pressure at 7 is above atmospheric. The veloc- 
ity or momentum thrust of the actual nozzle can be calculated if a velocity 
and pressure traverse of the flow is made at station 7. It may also be 
calculated on the assumption of complete expansion at 7 by using the 
conventional equations for accelerated flow and applying a flow coefficient. 

If the nozzle section between 6 and 7 is long and the exit end terminates 
in a pipe of constant area (of a length over one diameter or more), the 
flow-contraction coefficient, or more briefly the flow coefficient, may be 
as high as 0.98 to 0,99. Weight, space, and efficiency limitations fre- 
quently dictate short, abrupt nozzles with high transverse velocities at 
the exit. Effective exit areas of such exhaust nozzles may be as low as 
70 percent of the actual areas. A common figure is 85 percent contrac- 
tion or flow coefficient. Effective flow velocity is calculated on the basis 
of experimentally determined efficiency and flow coefficients for different 
nozzles. 

While a long nozzle with a slow taper may have an actual flow within 
2 or 3 percent of the theoretical flow, a large part of this flow would take 
place at very high Mach numbers in the average jet-engine exhaust 
system. Friction flow losses would be high, and efficiency would suffer. 
Therefore, even when there is ample physical space for a long nozzle with 
a small taper to the walls, it is customary to make the flow-accelerating 
portion of the nozzle short and to hold the flow velocity in the connecting 
duct to M < 0.5. Common efficiency values for short expansion nozzles 
lie between 0.9 and 0.95. If the exhaujt nozzle suffers from an over- 
abundance of struts and other structures that interfere with the flow, or if 
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the nozzle walls are irregular or rough by design, or buckled by unequal 
thermal expansions, the efficiency may be considerably lower. 

Losses in ducts connecting the exhaust nozzle to the turbine exit area 
are measured experimentally and are also estimated by the methods used 
in Section 11, which deals with gas flows with friction. Results are 
normally obtained as a loss in total pressure from duct entrance to duct 
exit. The new value of total pressure is then used as the entrance condi- 
tion for the nozzle proper. Figure 40 applies with only slight errors for 
total pressure ratios up to 1.03. Since the usual jet engine operates with 
an exhaust velocity in the region of M == 0.6 to 1.0, a loss of 1 percent 
total pressure due to friction in the connecting exhaust duct will result 
in approximately 1 percent loss of thrust. About the best that can be 



Fio. 156. Dependence of net thrust loss on tail-pipe length and diameter. 
General Electric Company data.) 




(Boused on 


expected is 0.6 percent loss in thrust for each 10 ft of connecting exhaust 
pipe (for jet engines of 3,000- to 4,000-lb thrust rating), and losses may 
be as large as 2 percent or more for small-diamctcr pipes of the same length 
or tail pipes continuously tapered to the desired nozzle exit area. 

A very large exhaust pipe or tail pipe on the gas turbine may require 
retardation or diffusion of the exhaust flow leaving the turbine. The 
flow velocity in the pipe section will be low, and friction losses may be 
quite low, but the flow must be accelerated in the nozzle section from this 
low velocity to the final exhaust velocity. The total loss is the sum of 
friction losses in the tail pipe and entrance diffusion and nozzle losses due 
to low pipe-flow velocity. For any specified flow and length of exhaust 
system, there is a best diameter for the tail pipe from the over-all effi- 
ciency standpoint. Figure 156 shows the decrease in net thrust for dif- 
ferent exhaust-pipe diameters plotted against length of tail pipe for a jet 
engine with a flow of 80 lb of gas per second at a total temperature of 
approximately 1200°F at sea-level exit condition. The lower envelope 
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of the family of curves indicates a different tail-pipe diameter for each 
length for minimum thrust loss. The shapes of the curves for the larger 
pipe sizes show the effects of excessive diffusion and acceleration losses 
when large tail pipes are used for short lengths of exhaust system. Flow 
Mach number in the small 20-in. -diameter pipe is about 0.65, increasing 
to approximately M — 0.95 at the vena contracta after the nozzle. The 
flow velocity in the 26-in.-diameter pipe is at the other extreme, approxi- 
mately M = 0.26. 

36. Variable-area Nozzles. Turbojet engines may have exhaust 
nozzles with either fixed or adjustable exit areas. If performance is cal- 
culated on the basis of a fixed effective nozzle exit area, such a jet engine 
suffers by comparison with the performance of a similar jet engine with a 
jet nozzle whose exit area may be controlled. The only control available 
to the pilot or operator of the open-cycle aircraft jet-turbine engine is 
the fuel/air ratio, when a fixed-area nozzle is used. There will be occa- 
sions when upper limits on turbine shaft speed or upon turbine inlet 
temperature, or both, will force the use of a restrictively low fuel/air 
ratio. The available net thrust may then be as much as 30 percent 
lower than the thrust that would be available if a controllable nozzle 
were applied, thus permitting better matching of the compressor-burner- 
turbine characteristic to the ideal jet condition. 

A large nozzle exit area at A 7 reduces the turbine back pressure and 
leadTs to easier starting at a lower rpm and lower turbine inlet temperature. 
This is of a great deal of importance in large engines where the mechanical 
power required for starting the engine is a serious problem in aircraft 
installations. The engine will also accelerate to its rated speed more 
quickly with an open tail position than it will when the jet nozzle has a 
small area and the turbine is working against a high back pressure. In 
general, starting conditions and low-velocity flight with low thrust require- 
ments are best met with an open jet nozzle. Maximum thrusts at take-off 
and in flight may require a smaller nozzle exit area, and the fixed-area 
nozzle always imposes a performance penalty under some conditions. 
Too small a nozzle area may even result in choking flows in the jet, with 
a serious limitation on mass air intake at higher flight velocities. 

However, the actual performance of a jet engine with a nozzle such 
as the one shown in Fig. 155 is somewhat better than would be expected 
on the basis of a fixed effective exhaust area. The flow coefficient of the 
nozzle is not rigidly fixed, and is somewhat larger for the lower mass 
flows. The vena contracta moves downstream and is smaller in diameter 
for the higher flow Mach numbers. Therefore, under starting conditions, 
the effect is equivalent to opening the nozzle exit area slightly. How- 
ever, engine control is still by fuel/air ratio or turbine inlet temperature, 
and the shaft speed of the engine for a given altitude and flight speed is 
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definitely tied to the thrust requirement. If the particular requirement 
at the moment results in an engine speed that is unfavorable from an 
efficiency standpoint, nothing can be done about it without changing 
the exit area. 

A variable nozzle exit area permits operation of a jet engine over a 
wide range of inlet conditions at shaft speeds preselected for the most 



ACCESSORY SECTION 

Fig. 157. Sectional view of Westinghouse 19XB jet engine with manually adjustable tail 
cone for varying exhaust nozzle area. 


efficient over-all operation. A further advantage is that jet thrust may 
be changed as quickly as the tail-adjustment mechanism can be moved, 
without waiting for the rotating parts of the jet engine to go through a 
large speed change. The position of the nozzle-area control may be 
maintained manually or by means of an automatic engine flight control. 


MOVABLE BULB 



COOLING AIR FROM 5th FIXED INNER CONE 

STAGE OF COMPRESSOR 


Fig. 158. Exhaust end of Jumo 004 jet engine, movable bulb for adjusting exhaust nozzle 
area. 

A sectional view of an axial-flow jet engine with manually adjustable 
exhaust nozzle area is shown in Fig. 157; the tail cone is moved to the 
right to reduce the nozzle area and to the left to increase the flow area. 
A bulb-type valve for controlling exhaust nozzle area of the Jumo 004 
jet engine is shown in Fig. 158. Functionally, the Jumo bulb valve is 
no different from the tail cone of Fig. 157, but the flow of cooling air 
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through struts and around the nozzle structure is of particular interest. 
Cooling-air requirements are severe when high-temperature alloys are 
not used in the tail pipe and nozzle cone construction. Exhaust-gas total 
temperatures of 1100 to 1200°F are usual for jet engines with a turbine 
inlet temperature of 1500°F. Transient temperatures at starting may 
exceed 1200®F by a considerable margin, even when the turbine inlet is 
held to 1500°F. 

Designers have not given very much attention to adjustable-area 
exhaust nozzles for use with turboprop engines. This may be due to the 
limited number of turboprop designs that have been completed to date 
and to the desirability of simplicity in early engines. There is a distinct 
advantage, in the operation of a turboprop engine, in being able to adjust 
the velocity ratio of the exhaust with respect to the flight speed of the 
aircraft. It is possible then to avoid excessively high exhaust velocities 
with their inherently low jet-propulsive efficiency, and also to avoid the 
opposite extreme of too low an exhaust velocity. A very low exhaust 
velocity results in too small a proportion of the total thrust being obtained 
from the air inducted by the engine and too much work being done by the 
propeller. A proper balance results in a smaller propeller and reduction 
gear, which should mean a lighter weight engine and quite probably a 
more efficient one. This will be discussed more fully in Chap. 9 under 
the subject of controls. 

37. Supersonic Jet Flows. The preceding pages of this discussion 
of jet nozzles have carried the assumption of a subsonic jet velocity at the 
nozzle exit. This is generally the case for jet engines at low flight speeds, 
compression ratios of the order of 4:1, and with turbine inlet tempera- 
tures limited to 1500 to 1G00°F. However, at high flight velocities above 
500 to 600 mph with efficient ram pressure recovery at the compressor 
inlet, or at low flight speeds with engines of higher compression ratios 
and higher turbine inlet temperatures, the work available in the nozzle 
for accelerating the jet flow is in excess of that required to produce 
critical flow velocity, and a supersonic jet results. When a simple con- 
vergent nozzle like one of those in Figs. 155, 157, and 158 is used, critical 
flows occurs at the exit or slightly downstream at the vena contracta. 
The momentum thrust due to the jet velocity then has added to it the 
static pressure differential existing across the exhaust area above the 
atmospheric static pressure at the exhaust. If the exhaust nozzle exit 
area At is taken as the effective flow area, the gross thrust at the nozzle is 

Fa TFa ^ + A^{p^ - Po) 

where po is the atmospheric pressure and is equal to ps. 


( 180 ) 
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The net thrust is the gross thrust less the ram drag, where Fo is the 
flight speed, 

Fn = TFa + ^7(pr - Po) (181) 

If the jet nozzle were a convergent-divergent nozzle of the correct 
form, an ideal thrust would result from the fully expanded supersonic 
jet flow 

= Wa (182) 

The ratio of the actual net thrust from a simple convergent nozzle 
with critical flow at the exit to the ideal thrust of a convergent-divergent 
supersonic nozzle is then Eq. (181) divided by Eq. (182) 

Pn _ Et—Fo X a iq pi — Pq 
Eid^ - Eo Wa Eiaeal ~ Eo 
__ Miai - Moao , gRTi 1 - (po/pi) 

Mitti - Moao Miai Mm - ^ 


Mi in Eq. (183) is the flow Mach number of the ideal supersonic flow. 
By making Mi = 1.0, and by introducing 6 as the ratio of the total 
temperature Ti in the jet to the free-stream atmospheric temperature <o, 
and by introducing the ratio of the static pressure po to the static pressure 
pif which is 

P» _ fl + [(* - l)/2]il/f|j^ 
pr jl +[(fc- l)/2]iV/?/ 

Eq. (183) may be reduced to a dimensionless equation in terms of Mo, 
Mi, and dn 


Fn 

ide.1 


1 




1 + 


k - 


Mi 


il/.? 


1 



Mo 


VOn 

(184) 


The thrust ratio of Eq. (184) is plotted in Fig. 159 against ilfo/V^n for 
different values of Mi. Scales for Mo are also shown with d„ = T^/to = 3 
and 4, corresponding to exhaust total temperatures of 1040'’F and 1560°F 
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with an ambient atmospheric temperature of 520°R. The derivation of 
Eq. (184) was based upon a loss-free expansion process. A solution for 
a nozzle with less than 100 percent efficiency requires a step-by-step 
solution^ and for nozzle efficiencies of the order of 85 to 90 percent, the 
results are not substantially different from those of Eq. (184) at low flight 
speeds. For small values of Mo in the conventional flight-speed ranges 
below Mo = 1.0, the thrust lost as a consequence of using a simple con- 
vergent nozzle with critical exit flow instead of a supersonic nozzle is 
small. The same is true of higher flight velocities when the temperature 

ratio is larger. A high flight 
Mach number requires a high 
value of B. 

The mechanical difficulties in 
a convergent-divergent exhaust 
nozzle with adjustable throat area 
are formidable. Adding an ad- 
justable final exit area in order to 
obtain a matched supersonic jet 
exhaust has not yet appeared 
worth the small gain in thrust 
that might be realized. Added 
to these practical difficulties of 
increased mechanical complications, space, and engine weight, is the 
difficulty of designing the supersonic portion of the nozzle to be free of 
shock. 

Design criteria have been established for shock-free supersonic nozzles 
in which the rate of change of area with length is carefully controlled.^ 
However, it would prove very difficult to adhere to these limitations in an 
adjustable jet-engine exhaust nozzle. It is general practice to use a 
simple convergent nozzle, with critical flow at the exit if sufficient energy 
is available in the jet flow to produce acoustic velocity. The unexpanded 
flow at the exit then explodes out of the nozzle, following the limitations 
established in Chap. 3 for supersonic flows around corners. That part 
of the flow divergence angle after the nozzle which is due to supersonic 
expansion, rather than to diffusion and entrainment of the surrounding 
atmosphere, can be estimated from Fig. 65 if the ideal supersonic Mach 
number of the flow is known. For a pressure ratio corresponding to a 
flowMideai = 1.4, the divergence angle after leaving the nozzle at M =1.0 
is approximately 8 deg on a side. Figure 65 is for two-dimensional flow, 
but at low divergence angles, the two-dimensional flow turning angle is 

^ Shapiro, Nozzles for Supersonic Flow without Shock Fronts, J, Applied 
Mechanics^ vol. 11, p. A93, 1944. 
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Fia. 159. Thrust ratio of Eq. (184) plotted 
against flight Mach number for two values of 
ideal jet velocity. 
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very nearly the same as the three-dimensional flow turning angle for 
cylindrical coordinates. Therefore, the total included angle of the cone 
of exhaust gas leaving the nozzle exit would be about 16 deg. Since the 
ideal supersonic flow for the conventional jet engine would seldom if ever 
approach ilfideai > 1.4, the expansion of the exhaust-jet cone due to super- 
sonic explosion of the gas out of the nozzle is small. 

Velocity- and temperature-distribution maps of the jet efflux of a 
typical nozzle are shown in Fig. 160 for approximately 1100®F total 
temperature and sonic flow at the exit, and at a mass flow rate of 50 lb 
of air per second at sea level. Supersonic flows after the nozzle exit 
would increase the flow divergence angles only slightly beyond those of 
Fig. 160. 



DISTANCE BEHIND NOZZLE, FT. 

Fig. 160. Temperature and velocity distributions in the jet wake of a typical nozzle. 

38. Exhaust-system Construction and Materials. The same types of 
materials are used in jet-engine and turboprop exhaust systems as are 
used in combustion chambers, Columbium-stabilized stainless steel is 
an example of a current material. Total temperature of the exhaust 
gas after leaving the turbine is of the order of 1200°F for jet engines with 
turbine inlet temperatures in the range of 1500 to 1600°F. The total 
temperature in a turboprop-engine exhaust may be more than 200®F 
lower. At the nozzle exit of this jet engine, the static or free-stream 
temperature will be about 1000°F; but in the remainder of the exhaust 
system, it is very close to the total temperature if flow Mach number is 
kept to a low value. Gas turbines operated at higher turbine inlet tem- 
peratures will have correspondingly higher exhaust-system temperatures. 

Exhaust temperatures of a typical jet engine under actual flight 
conditions are shown in Fig. 161. Corresponding jet thrusts are shown 
on the same figure. The need for materials capable of resisting high 
temperatures is evident. Because of the high velocity of flow of the 
hot exhaust over the inner surfaces of tail pipes and nozzles, it is difficult 
to provide effective cooling by cold air flow over the external surfaces. 



202 


GAS TURBINES FOR AIRCRAFT 


High cooling rates would require excessively large flows of cooling air; 
so that ordinarily cooling is achieved by means of heat baffles or radia- 
tion shields inside the pressure-carrying shell, or the shell is wrapped in 
insulating material and allowed to rise almost to the exhaust temperature. 

A shell with one heat baffle and a very small amount of cooling air 
moving between the baffle and shell at approximately the turbine inlet 

pressure would be expected to 
have a hot-spot temperature of 
900 to 950°F for a 1500°F jet- 
turbine admission temperature. 
A nozzle and exhaust pipe wrapped 
with insulating material such as 
asbestos blanket, metallic screen, 
thin metal foils with dead air 
spaces between foils, etc., would 
have a temperature under the 
insulation very close to 1200°F 
under similar turbine inlet condi- 
tions. Insulating materials that 
soak up oil and fuel and constitute a fire hazard are to be avoided. The 
sketch of the Jumo 004 jet engine in Fig. 158 shows a half-length cooling 
shroud inside the nozzle shell. Cooling air extracted after the fifth com- 
pressor stage (8 stages total) flows around bearings, turbine disc, through 
hollow turbine blades, struts, etc., and finally between nozzle shroud and 
shell. A sheath of cold air continues to flow along the inner surface of 
the nozzle after the shroud is terminated and provides effective cooling. 



Fig. 161. Exhaust temperatures and corre- 
sponding thrusts of a typical jet engine in 
flight, static test of Rolls Royce Nene. 



Fig. 162. Schematic of General Electric 1-40 jet-engine installation illustrating ejector 
cooling action. 

It is usual practice to place the end of the jet nozzle with respect to other 
aircraft structure so as to induce a flow of cooling air over the nozzle shell 
by ejector action (see Fig. 162). 

Highest exhaust-system temperatures are encountered under starting 
conditions. Turbine inlet temperatures are at the upper limit, and 
sometimes a little beyond limits, in order to permit starting at the lowest 
possible engine-cranking speed and power. However, both compression 
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ratio and turbine expansion ratio are very low under starting conditions, 
and gas from the burners flows through the turbine without giving up 
much heat. As a consequence, exhaust temperatures are only a few 
degrees below the maximum permissible turbine nozzle inlet temperatures 
under transient starting conditions. The thermal capacity of thin sheet 
metals used in exhaust pipe and nozzle construction is low, so that tail 
pipe and nozzle reach their maximum temperatures in a few seconds. 

Exhaust systems are subjected to the static pressure loads of gas flows 
inside the ducting, and also to the pressure forces of cooling air and ram 
air in flight on external surfaces. These forces are considerable, and 
must be taken into account for each particular gas-turbine application. 
In addition to the relatively steady air flow forces, large transient pressure 
forces may appear in the event of unsteady engine operation described 
earlier in the discussion of combustion stability. 



CHAPTER 8 


GAS-TURBINE CYCLES 

39. The Joule Cycle. An open-cycle gas turbine without heat 
exchangers or reheaters operates on the Joule or Brayton cycle. This 
consists of two isentropic and two isobaric processes, in the ideal case. 
The pressure-volume changes throughout the cycle are shown in Fig. 163. 
The enthalpy-entropy diagram is also shown in the same figure. Air is 
taken in at normal atmospheric conditions at A , is compressed to state B ; 
heat is added at constant pressure between B and C ; expansion takes ' 




Fig. 163. Joule or Brayton constant-pressure cycle. 

place from C to D. Cooling then occurs between 1) and A to return the 
working gas to the initial conditions. In the open-cycle gas turbine, 
fresh air is continuously inducted at Aj and the exhaust is continuously 
discharged to the atmosphere at D, 

The mechanical work expended in compressing the air is proportional 
to Tb — Tji on the temperature-entropy (or enthalpy-entropy) diagram. 
The heat added is proportional to Tc — Tbj and the work of expansion 
to Tc — Td- The excess of available energy of expansion over the 
required work of compression is available as shaft energy from the 
turbine or may be used to accelerate the exhaust to high velocity in a 
jet nozzle. The work output for the idealized gas turbine per pound of 
air is therefore 

J = cAiTa - T,) - {Tn - T,)] 

Since the fuel energy input is Cp(Tc — Tb)^ the ideal cycle efficiency is 

__ Op(T c ~ T d) — Cp(T B — T a) 

’ “ C,{Tc - Tb) 
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Expansion and compression are both between the same pressure 
limits in the ideal case, so that T„/Ta = Tc/Td. The cycle efficiency 
therefore reduces to 

»? = 1 - (185) 

It is interesting to observe that the ideal cycle efficiency as defined 
by Eq. (185) is dependent only upon the ratio of Tb/Ta, a function of 
the compression ratio. It is independent of the top temperature of the 
cycle, Tcj and changes only when the compression ratio changes. If 
losses are associated with the various changes of state, as always occurs 
in practice, Eq. (185) does not apply, and the ratio of top temperature 
to inlet temperature, Tc/Ta, is of equal importance with compression 
ratio in determining the efficiency of gas-turbine cycles with current 
component efficiencies and temperature limits. 

Figure 164 is a temperature-entropy chart for air with lines of con- 
stant pressure shown. The temperature-entropy diagram for an actual 
gas-turbine cycle is plotted over this chart. This plot is for a turbojet 
engine with the various stage numbers corresponding to the numbers 
shown on the schematic diagram of the axial-flow jet engine in Fig. 165. 
These stage numbers correspond to similar illustrations previously used. 
The ideal temperature-enthalpy plot would follow 0-3'-4'-7"-0. The 
actual stages are as described below. 

The jet engine shown is in an aircraft at a pressure-altitude of 10 psi 
and /o = 0°F at flight Mach number il/o = 0.5 or Fo = 525 fps. The 
total ram temperature is 



The total ram pressure would have been P2 = 1.185Po = 11.85 psi if 
the entire ram diffusion process had been loss-free. However, the 
diffusion is assumed to be 90 percent effective, and the total pressure at 
state point 2 is P2 = (1 + 0.185 X 0.90)10 = 11.66 psi. The compressor 
receives air at a reduced total pressure of 11.66 psi and at an unaltered 
= 483°R, and compresses it through a ratio of 4:1 at an efficiency of 
i?c = 0.85 to a final pressure of P3 = 46.64 psi and Tz = 758®R. 

Heat is then added in the burner between states 3 and 4. Ideally, 
this is an isobaric process. Actually there is a loss in total pressure 
assumed to be 5 percent in this case. The final temperature is limited to 
Ti = 2000®R, and the pressure is Pa = 44.31 psi. 

This hot gas is expanded through the turbine, and the assumption is 
made here that about 2 percent of cooling air bled from the compressor is 
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sufficient to offset the increase in mass of gas due to fuel addition, so that 
the mass flow through the turbine is the same as through the compressor. 
If the mass flow were not the same, the change in flow would have to be 
used as a multiplier in calculating turbine and nozzle energy processes. 





< 

z 

laJ 


ENTROPY BTU/LB./®R 

Fig. 164. Complete cycle diagram of turbojet engine at flight speed Mo — 0.5. 


The turbine must provide a shaft output just sufficient to drive the 
compressor plus fuel pump, lubricating oil pump, electrical accessories, etc. 

The compressor shaft input is the difference between the enthalpy at 
Tz and the enthalpy at T 2 or hz — h 2 = 66.4 Btu/lb. The enthalpy 
scale on the left side of Fig. 164 is based upon the properties of dry air. 
The auxiliary load is small, 0.2 Btu/lb of air per second, and is added to 
the above for a total turbine shaft output requirement of 66.6 Btu/lb of 
gas flowing. 
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The specific heat of the hot gas entering the turbine changes with 
fuel/air ratio, so that a separate enthalpy chart is shown on the right of 
Fig. 164. Enthalpy lines are plotted against fuel/air ratio, and an upper 
envelope is shown on this example for the fucl/air ratios required to 
raise the burner temperature from a Ts of 758®R to Ta, with 95 percent 
efficient combustion and 18,600 Btu/lb fuel. A horizontal line is drawn 
from stage point 4 on the temperature-entropy diagram, intercepting 
the envelope curve at Wf/Wa = 0.0193 on the enthalpy line Tia = 525 
Btu. Enthalpy is therefore Ka — 66.6 = 458.4 Btu/lb. A vertical 
line is dropped from the envelope intercept at 2000°R and crosses the 
/i5 = 458.4 line. This second intercept then establishes the total tem- 
perature of the turbine exhaust at = 1760°R. 



Fig. 165. Schematic of gas turbine showing stage numbers. 


The total exhaust pressure of the turbine, Pr>, is established on the 
temperature-enthalpy diagram by dividing Ta — by Tjt = 0.87 and 
subtracting from Ta to find Ty = 1717°R. The turbine efficiency is 
{Ta — Ti^/{Ta — Ty)y by definition. Ty is on an isentropic expansion 
line below T a and establishes the turbine exhaust pressure of P5' = 23.8 
psi ; the constant-pressure line from Py is followed back up to the tem- 
perature Tr, for location of state point 5. 

The useful work output of the jet engine is now developed through 
further expansion of the turbine exhaust in the e.xhaust system, consist- 
ing of the tail pipe and jet nozzle. This expansion is carried to a static 
atmospheric pressure of 10 psi. If the expansion were perfect, the final 
static temperature would be ty — 1414®R; however, there are losses in 
the tail pipe and nozzle, and rjn is observed to be 0.9 in this case. There- 
fore, tj — Tb — rjn{Tf, — tr) = 1449®R, and is located on P = 10 psi; 
hi is found by extending h across to the Wf/Wa = 0.0193 vertical and 
finding the hi intercept at 365,6 Btu/lb, The velocity of the exhaust 
relative to the engine is therefore Vi = \^2gJ{hi, --hi) = 2,150 fps. 
This is a nozzle efflux Mach number of Mi = 1.15 and would require a 
convergent-divergent nozzle; actually a simple convergent nozzle would 
be used with a very small loss in thrust. 

However, for the supersonic nozzle, the net thrust of the engine 
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depends only upon the velocity change through the engine 

F..t = IJ-ZXs = 50.6 lb/(lb)(sec) 

Q 

The thrust power is equal to (net thrust X flight velocity) /550 = 48.4 hp 
or 34.2 Btu/lb of air per second. The over-all efficiency is found by 
dividing the thrust power, in Btu, by the fuel input 


and 


^4 — 

“0.95 


342 

^r-— = 360 Btu fuel input 
u.yo 


34 9 

,0 = y = 0.095 


Propulsive efficiency is the ratio of thrust power, in Btu, to the 
difference of the velocity energy at the nozzle and the flight ram energy. 
The over-all efficiency is the product of the propulsive efficiency, the 
thermal efficiency, and the burner or combustion efficiency. Therefore, 
the cycle or thermal efficiency may be calculated as 

0.095 

0.95 X 0.392 ^ 


Thermal efficiency is the ratio of energy added to the gas flow (the dif- 
ference between nozzle energy and ram energy) and the heat energy 
furnished. 

If Fig. 164 were redrawn for static test conditions, state point 2 would 
correspond to state point 0 except for duct losses, and the absolute pressure 
at 3 would be lowered accordingly. Available energy between 5 and 7 
for acceleration of the exhaust jet would be lower also, and all the jet 
velocity would be applicable to static thrust. 

A turboprop engine would extract a larger amount of expansion energy 
in the turbine between states 4 and 5, with excess energy over that 
required to drive the compressor and accessories available for use by 
the propeller. The available exhaust-jet energy would be reduced by 
approximately the amount delivered to the propeller. Figure 16() shows 
enthalpy-entropy diagrams for jet and turboprop engines under static 
and flight conditions. 

While the use of an actual enthalpy-entropy diagram for the solution 
of thermodynamic problems of gas turbines may be satisfactory for rough 
work and illustrative purposes, it can lead to unacceptably large errors in 
actual applications. The difficulty is that the composition of the working 
fluid changes between states 3 and 4, owing to the addition of fuel and 
the partial combustion of this fuel. Both the specific heat and the 
adiabatic coefficient change with the amount of water vapor in the air 
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and also with the fuel/air ratio, as well as with the type of fuel used 
(usually defined by the H/C ratio for petroleum derivatives). An 
accurate enthalpy-entropy plot (Mollier diagram) may be drawn for dry 
air over the ranges of temperatures and pressures encountered in gas 
turbines. However, air is the working fluid only through the compressor, 
and even then it normally contains varying amounts of water vapor. 
The compressor may also ingest water in the form of fog droplets, rain, or 
snow. 




Fig. 166 . Temperature-entropy-cycle diagrams of turbojet and propjet power plants, at 
rest and in flight. 

A number of graphical methods of computation of gas-turbine cycles 
have been worked out with most of the variables encountered adjusted 
for in the form of correction factors.^ The graphical data shown in the 
previous Fig. 1G4 are incomplete, however, in that no corrections are 
shown for humidity, and the turbine fluid is correct only for gasoline as 
the fuel, in a limited range of temperatures. 

The gas-turbine cycle involves two basic types of thermodynamic 
processes. The simplest is a change of enthalpy at substantially con- 
stant pressure. The other is a change of enthalpy or temperature with 
pressure; the pressure-change process is usually without appreciable heat 
conduction or transfer. 

1 Two good examples of this method are to be found in N AC A Wartime Report 
E-23, Thermodynamic Data for the Computation of the Performance of Exhaust-Gas 
Turbines, by Pinkel and Turner, and in Trans, SAEy 1946, Graphical Solution for the 
Performance of Continuous-Flow Jet Engines, by R. E. Boltz. 
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Both of these transformations are expressed by the relation 
Energy change per unit mass = specific heat X temperature change 

The isobaric addition of heat to a gas involves a constant-pressure 
mean specific heat, which occurs in almost all changes as a multiplying 
factor or coefficient. This coefficient has been called the arithmetical 
mean specific heat of the gas.^ 


c 


p.a.m 


fTb 

h — ha _ Jt. 

i\ - Ta Tt - Ta 


(186) 


Ideal expansion or compression processes also require the use of the 
specific-heat term for their solution. In the familiar expression 


Pa 



(187) 


k/ {k — ■ 1) is equal to Cj>/R. This specific heat is also a mean value, which 
will differ significantly from the arithmetical mean for large temperature 
differences. It occurs in almost all cases as an exponent and is called 
the logarithmic mean specific heat. From Eq. (187) 


since 


where 


Therefore 


Cy^jlin 1 Tb 



li T ~ P 



1 
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{<t>b — <t>a) 


<t>b — <t>a 



(188) 


The source of the thermodynamic data for air in Table 1 was used by 
Hall to calculate both the arithmetical and the logarithmic mean specific 
heats for air. Results arc plotted in Fig. 1G7 to show the nature of the 
deviations between Cp,i,m and Cp,\m in terms of the two temperature limits 

^ Hall, N. A., Mean Specific Heats for the Working Media of Gas Turbine Power- 
plants, SAE Preprint^ 1947. 
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Th and Ta- The mean-specific-heat curves are symmetric about the 
diagonal, so that temperature scales may be used interchangeably, and 
lines of constant pressure ratio are drawn on the upper half while lines 
of constant enthalpy are drawn on the lower half. By example, air is 
compressed to a pressure ratio of 6 : 1 from 520°R. Enter at Ta = 520®R 

ISENTROPIC PRESSURE RATIO 
30 20 15 0 8 6 4 3 2 I 


5 1,600 




2,000 2,400 2JB00 

TEMPERATURE •R 

ARITHMETIC MEAN SPECIFIC HEAT 

OCCURING AS A COEFFICIENT 

- LOGARITHMIC MEAN SPECIFIC HEAT 

OCCURING AS AN EXPONENT 

Fici. 167. Mean specific heats of dry air. {N. A, Hall, SAE Preprint, 1947.) 

on the ahsciswsa, and find at 8C)3°R on the 6 :1 insentropic-pressure- 
ratio line. The logarithmic mean specific heat is 0.243 at the same 
point on the chart. For a check of this point, from Eq. (187), 

0.068 54 

n = 520 X 6 0.243 = g630ji 

Also at the same point, the arithmetic mean specific heat is 0.243, and 
since enthalpy is connected directly with total temperature, the work of 
an ideal compression is 

h-ha^ 0.243(863 - 520) = 83,3 Btu/lb 
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This same value is found on the lower half of Fig. 167 by entering on 
the ordinate as Ta = 520®R and going to Tb — 863®R on the abscissa; 
this point falls on the enthalpy change scale at 83.3 Btu. However, 
the isentropic-pressure-ratio lines and the enthalpy-change lines on this 
figure should be used only for first-approximation purposes, since the 
scale is much too rough for gas-turbine-cycle work. The exponent Cp,im 
should be used for pressure-ratio-temperature-ratio calculations, and the 
coeflScient Cp,un should be used with the calculated temperature differences 
to obtain work or heat energy change. 

The ideal work is divided by the efficiency of a compression process or 
multiplied by the efficiency of an expansion process to obtain the actual 
work done. Figure 167 may then be reentered at the known value of 
initial temperature and the actual enthalpy change to find a corrected 
value of Cp,amj which is applied to the actual enthalpy to find the actual 
temperature change in degrees Rankine. 

Corrections may be applied to data so obtained to compensate for the 
effects of water vapor, fuel vapor, and products of combustion. How- 
ever, the process is relatively tedious, and it is normally easier to use the 
basic air data from which the above was derived and apply corrections 
for other factors. 

40. Precise Cycle Calculations. The computation methods generally 
used in this text will follow those developed by the United States Navy 
Department, Bureau of Ships, Research and Standards Branch, Research 
Memorandum 6-44. The thermodynamic data reproduced in the charts 
of the Appendix and in Figs. 109 and 110 are taken from this report. 

The properties of dry air are charted in the Appendix in Chart 1; 
absolute temperature, enthalpy, and relative pressure are shown with 
400°R as the base temperature. These are the same data that appear in 
Table 1, and they are used in the manner explained there for computation 
of expansion and compression changes of state (the only difference is that 
520®R is used as the temperature base in Table 1). 

The values given in Chart 1 are long-time equilibrium values of 
temperature and enthalpy. The most sudden changes of state of large 
magnitude in a gas turbine occur across a row of turbine blading, where 
the time interval is of the order of 10“^ sec. NACA Report L-21 quotes 
5.9 X 10“^ as the relaxation time of nitrogen in dry (0.05 percent water 
vapor) air at 1000°R. Therefore, equilibrium would not necessarily be 
sufficiently complete to permit the use of normal gas constants for air in 
calculating the change of state. The vibrational part of the internal 
energy of a gas requires a finite time, the relaxation time, to adjust to a 
change in temperature. Nitrogen is the only major constituent of the 
gas-turbine working fluid that has a relatively long relaxation time. 
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The presence of water vapor in the nitrogen greatly shortens the 
relaxation time; 3 percent water vapor decreases the relaxation tim^ to 
1.4 X sec at 1000°R. Steam alone has approximately 3 X sec 
relaxation time at 1000°R. The values quoted here are for 14.7 psi 
pressure; higher pressures coupled with higher temperatures result in 
more frequent bimolecular collisions and therefore a faster approach to 
equilibrium. 

The effect of a relaxation time that is long compared with the time 
required for the working fluid to flow through a nozzle or blade part is a 
reduction in the energy conversion that takes place. A loss of 2 percent 
for a high-temperature flow through an impulse-turbine nozzle inlet 
ring may be realized as a result of departures from thermodynamic 
equilibrium between vibrational and translational energies. This is 
not an efficiency decrease; the energy simply is not released in the time 
available and can be recovered farther downstream. 

Molecular dissociation of the constituents of air does not occur to an 
appreciable extent below 2500°R. The air charts of Chart 1 may be 
used with but negligible errors up to 2500°R. However, the error 
increases with increase in temperature and becomes very large at tem- 
peratures of 4500 to 5000®R. At 4500°R, the energy change per unit tem- 
perature change due to dissociation of nitrogen and oxygen amounts to 5 
percent of the instantaneous value of Cp. This condition is even wor^ 
for carbon dioxide and water vapor, so that correction charts for the 
presence of carbon dioxide and water vapor show dashed lines for tem- 
peratures above 2500°R. Revision of correction curves to take into 
account dissociation of the products of combustion is complicated, since 
dissociation of water vapor and carbon dioxide is dependent on pressure 
as well as temperature. 

The limit of 2500®R for accurate use of the thermodynamic data in 
the Appendix is adequate for most gas-turbine cycles. It is somewhat 
low for athodyd or ramjet-engine calculations, but can be used with 
reduced accuracy to the limits of the data. The presence of relatively 
large amounts of water vapor and carbon dioxide from the combustion of 
stoichiometric mixtures of hydrocarbons and air introduces larger errors 
in the correction data than are normally found in the air charts owing 
to dissociation. 

The correction factors required for the presence of water vapor in the 
inducted air ahead of the compressor, as well as those for products of 
combustion in the gas in expansion, were calculated using the Gibbs- 
Dalton equations: 

WX = Waha + WX + WcK + • • • 

^ *4" “I" W^cCpc “1“ * * * 
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where Wg ~ mass of gas mixture 
Wa = mass of air 

Why Wcy . . . = masses of other constituents of gas 

The water-vapor correction factors for compression are shown in 
Chart 2, for both temperature-rise and enthalpy-rise correction. The 
temperature rise of the wet air is found by first finding the temperature 
rise for dry air from Chart 1 and then applying the correction Atm from 
Chart 2 for m, the proportion of moisture vapor present in the gas. 

ATg = - Atm) (189) 

where ATg is the temperature change of the gas and AT a is that for dry 
air from Chart 1. The same procedure is carried out for enthalpy 
change, except that the correction factor Ahm adds instead of subtracts*. 

Ahg = Aha(i + Ahm) (190) 

Correction factors are calculated on the basis of ideal or 100 percent 
efficient processes. Therefore, in order to apply corrections to compres- 
sions of less than 100 percent efficiency, the corrected ideal temperature 
and enthalpy changes are calculated, and are then divided by the efficiency 
to obtain the actual quantities. The order in which efficiency and 
water-vapor corrections are applied does not affect the final result. 

An example is a compressor with a compression ratio of ^ = 6, inlet 
air temperatxire T 2 = 540°R, 2 percent water vapor in the air by weight 
or m = 0.02, and an actual shaft efficiency of 84 percent with an inlet 
mass flow of 100 Ib/sec at P 2 = 14 psi. From Chart 1, for T 2 = 540°R 
the relative pressure pr 2 — 2,862 and h 2 = 33.62. The relative pressure 
after compression to ^ = 6 or 84 psi is prz — 2.862 X 6 = 17.172. This 
corresponds to an h of 120.08 Btu/lb on Chart I and Ah for the ideal or 
isentropic compression is 120.08 — 33.62 = 86.46 Btu/lb. The actual 
Ah from 2 to 3 is then Ahidf>ni/vc = 86.46/0.84 = 102.87 Btu/lb for dry air. 

The temperature at Tz for dry air corresponds to the enthalpy at 3 for 
dry air where hz is 102.87 + 33.62 = 136.49, or 963. 2°R from Chart 1 . 
The AT between 2 and 3 for dry air is then 963.2 — 540 = 423.2°R. 

The correction factors for 2 percent moisture in the air are read from 
Chart 2 for ^ = 6, Ahm = 0.0107 and Atm = 0.006. The corrected value of 
compressor enthalpy change is then Ah = 102.87(1 + 0.0107) = 103.76 
Btu/lb. The corrected value of temperature change is 

AT = 423.2(1 - 0.006) = 420.7 deg 
and the final temperature at the compressor outlet is 
Tz = 540 + 420.7 = 960.7®R 
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The shaft power requirement of the compressor when inducting 100 lb 
of moist air per second is therefore 


hp 


100 X 103.76 X J 
550 


== 14,700 


Secondary effects of fluid density changes, due to the presence of water 
vapor in the compressor air, appear as changes in compressor efficiency. 
These have been neglected in the example. 

The calculation of combustion processes was explained in Chap. 5. 
The air flow from the compressor in the above example is carried through 
a combustion calculation to illustrate the method. Air containing 
0.02 part of water vapor leaves the compressor at a total temperature 
Tz = 960. 7°R. A fuel of H/C ratio = 0.18 and lower heat value 
H = 18,800 Btu/lb is burned with rji = 96 percent eflSciency, to raise 
the temperature to Ta = 1900°R. 

On a ‘Mry” air basis, hza — 135.87 Btu/lb at Tz = 960.7®R, and 
hia = 398.44 Btu/lb at Ta — 1960°R. The enthalpy change per pound 
of dry air through the burner is therefore 

ha = ha - ha = 398.44 - 135.87 = 262.57 Btu/lb 

A correction factor is now needed for the presence of water vapor in the 
air, and this is found in the Appendix (see Chart 8), for different values of 
average temperature and moisture content. The average temperature 
here is (960.7 + 19G0)/2 = 1410°R, and heat-exchange enthalpy correc- 
tion factor for 2 percent water vapor from Chart 8 is Chm = 0.0185. 

A correction for the enthalpy of the “additionar’ products due to 
fuel burned in the gas leaving the burner is also essential for accurate 
computations. These data are given in Figs. 109 and 110, which give 
temperature and unit enthalpy for X, where X is defined as the carbon 
dioxide and water vapor formed minus the oxygen consumed from air on 
the complete combustion of 1 lb of fuel. The reference datum for the 
enthalpy of the constituents of X, and hence of X itself, is zero at 0°R with 
all constituents in a gaseous state. Figure 109 is for H/C = 0.15, and 
Fig. 110 is for H/C = 0.18. The assumption that the fuel is either 
H/C = 0.15 or H/C =0.18 can lead to an error if H/C is different from 
these values. However, the magnitude of the error can be readily 
evaluated by comparing the corrections for H/C = 0.15 and 0.18. 
Since the temperature of the fuel supply is 520°R, Ah\ is required for 
H/C = 0.18 between the temperature limits of 520 and 1960®R. From 
Fig. 110, Ahx = 1125.2 - 187.7 = 937.5 Btu/lb of fuel. 

The lower heat value of the fuel was determined from the liquid state, 
so that the correction for latent heat of the liquid in Eq. (151) is neglected. 
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Rewriting Eq. (151) to include the water- vapor correction, and neglecting 
/latent and through the walls, 


Wf _ A6a(l + Chm) _ 262.59(1 + 0.0185) 

Wa VbH - Ahx 0.96 X 18,800" - 937.5 


0.0156 Ib/lb (191) 


The fuel-flow rate for 100 lb of moist air per second is 1.56 lb of fuel per 
second or 5,616 Ib/hr. The total gas flow is 101.56 Ib/sec, or 365,616 
Ib/hr. 

The preceding combustion-chamber calculations were made on the 
assumption that heat is added at constant pressure. Actually, there is 
almost always some loss in total pressure through the combustion cham- 
ber. While this does not affect the total temperature or the amount of 
fuel required, it does decrease the availability of energy in the gas that 
can be recovered through subsequent expansion. In this particular case, 
the burner has a combined momentum plus friction loss of 3 percent of the 
total pressure, so that the pressure ratio is ^4 = 5.82 instead of 6 and 
P4 = 81.48 psi. 

Expansion of gas from the combustion chamber through a turbine 
requires the use of a number of corrections not applied to the expansion 
of dry air. The effects of any moisture inducted at the inlet to the com- 
pressor must be added to the effects of the products of combustion upon 
both turbine exhaust temperature and turbine shaft energy. The same 
corrections apply to other expansion processes, such as in a nozzle where 
the energy conversion appears in the velocity of the accelerated flow. 

The calculation is on the basis of dry air, for both temperature and 
enthalpy changes; corrections are then made for the other quantities 
in the flow. The air charts of Chart 1 are used to determine Ah and 
AT in the expansion, including the efficiency of the expansion process in 
this part of the calculation. 

The corrections for original water vapor in the air are found in Chart 3 
for temperature and Chart 4 for enthalpy. To determine Bt» y the tem- 
perature-correction factor for initial water content of the air, the chart is 
entered at the expansion ratio vertically to the initial peak temperature, 
then horizontally to the initial moisture-content line m; then drop verti- 
cally to find Btm on the abscissa. The corrected temperature change is 
then equal to the change for dry air reduced by the factor 1 — Btm, or 

AT, = ATa{l - Btm) (192) 

Correction for initial water vapor in the expansion enthalpy is obtained 
from Chart 4. Here the temperature is not a factor, as long as the maxi- 
mum or inlet temperature is not high enough to result in appreciable 
dissociation. The correction factor Bhm is found on the ordinate for the 
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correct values of m and expansion ratio The corrected value of A/i for 
the gas is 

= A/ia(l + Bum) (193) 

This correction factor is additive. 

Similar corrections are found in Chart 5 for the effects of products of 
combustion of the fuel upon temperature. Chart 5 covers the range of 
hydrocarbon fuels from H/C = 0.15 to H/C = 0.18 using but one set 
of data; the maximum error as a result of this assumption is less than 4 
percent in the Btj correction factor in the inlet temperature range of 
800 to 2500°R. The corrected gas AT is 

AT, = LTa{\ - Bti) (194) 

Enthalpy expansion corrections for fuel require different data for 
different H/C ratios, and Chart 6 yields the enthalpy correction B^f for 
expansion for H/C = 0.15, and ("hart 7 that for H/C = 0.18. Again, 
these data are quite accurate for all temperatures at which dissociation 
may be neglected. The corrected enthalpy change is 

AA, = AAa(l + J5 a/) (195) 


Let us apply this expansion calculation method to the above gas- 
turbine-cycle example. Assume that the turbine speed is such that the 
ratio of total inlet pressure to total exhaust pressure is 4.65 and that the 
shaft efficiency of the turbine is rji = 0.88 according to the turbine- 
efficiency definition in Chap. G. From the air charts, for T4 = 1960°R 
find pri = 332.27 and h 4 = 398.88. Then 


_ ph _ 332.27 
~ ^ ~ 4.65 


71.6 


From the air charts with prxy = 71.6, find = 227.54 (this value is for 
an ideal or isentropic expansion process) and 

A/iide«i = 398.88 - 227.54 = 171.34 Btu/lb of dry air 

The dry-air enthalpy change corrected for turbine efficiency is 

Lha = 77, AA = 0.88 X 171.34 = 150.8 Btu/lb 

The exhaust enthalpy for dry air is then 

hi - Lha = 398.88 - 150.8 = 248.08 Btu 


and from the air charts, this corresponds to a temperature of 1401. 8®R. 
The ATa for dry air through the 88 percent efficient turbine is 

1960 - 1401.8 = 558.2®F 
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Now from Chart 3 for m = 0.02, ^ = 4.66, and = 1960®R, the 
expansion temperature correction for water vapor is Btm = 0.0054. 
From Chart 4 for the same conditions, the expansion enthalpy correction 
for water vapor is Bhm = 0.0131. Similarly, from Chart 5, the expansion 
temperature correction for fuel at Wf/Wa = 0.0156, and at Ta = 1960°R 
is Btf = 0.0177; and from Chart 7 for H/C = 0.18, the expansion 
enthalpy fuel correction is Bhf = 0.0059. 

The corrected value of A/i< is then 

Lht = ^ha{l + Bhm + Bhf) = 150.8(1 + 0.0131 + 0.0059) 

= 153.7 Btu/lb 

The corrected value of AT is then 

AT* = ATa(l - Btm - Btf) = 558.2(1 - 0.0054 ~ 0.0177) = 545.4° deg 

The exhaust temperature of the turbine is 1960 — 545.4 = 1414. 6°R 
at a total pressure of 81.48/4.65 = 17.5 psi. The turbine shaft output is 

hp = 100 X = 21,700 


The excess of turbine shaft power over the power required to drive the 
compressor is 21,700 — 14,700 = 7,000 hp. This is available to turn a 
propeller and to drive the various auxiliaries, such as fuel pump, generator, 
etc. Since the engine is burning 1.56 lb of fuel per second, the shaft 
energy efficiency of the engine is 


7,000 X 550 

’’ 1.56 X 18,800 X 778 


0.169 


In addition to the shaft output of the gas turbine, the turbine exhaust 
is at a total pressure of 17.5 psi and total temperature of 1414.6°R. The 
flow is then expanded through a jet nozzle to obtain the maximum 
velocity jet possible after the turbine. The jet velocity energy is cal- 
culated by the same process as employed for the turbine expansion, and 
with a tail-pipe-plus-nozzle efficiency of 90 percent, is equal to 19.5 Btu/lb 
of moist air. Since the actual gas flow is 1.0156 Ib/lb of moist air, the 
jet velocity is 

'p* 

The jet thrust of the exhaust when the engine is at zero flight speed 
is then the total mass flow of gas multiplied by the jet velocity and 
divided by g, 

Fi = 101.56 — = 3,100 lb 

g 
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The total velocity energy of the jet is, of course, 

100 X 19.5 X 778 = 1,516,000 ft-lb/sec 

equivalent to 2,760 hp. If this energy is added to the shaft output of 
the engine, the total output is 7,000 + 2,760 = 9,760 hp. The cycle 
efficiency, including combustion efficiency, is 




9,760 X 550 
1.56 X 18,800 X 778 


0.22 


If a heat exchanger had been used in this gas turbine between the 
turbine exhaust gas and the air flow to the burner, there would have been 
a reduction in the fuel/air ratio and a somewhat smaller percent reduction 
in total power output, shaft plus jet. The cycle efficiency could have been 
improved at the expense of increased weight and bulk as well as lowered 
output. (Heat exchangers have not yet been found generally desirable 
on aircraft gas turbines, the disadvantages outweighing advantages.) 
Enthalpy corrections for the presence of inducted water vapor and of 
products of combustion are needed for heat-exchanger calculations. 
Chart 8 for the heat-exchange enthalpy water-vapor correction has 
already been used in the preceding example for the combustion calcula- 
tion. Chart 9 in the Appendix gives the heat-exchange enthalpy fuel 
correction for a fuel of H/C = 0.15. Chart 10 gives the same informa- 
tion for H/C = 0,18. The correction coefficient Chf is plotted against 
the fuel/air ratio Wj/Wa for different values of 5r»vB, where Tav* is the 
average of the entering and leaving temperatures of the gas in the heat- 
exchange process. 

There is one further group of corrections that are needed in gas-turbine 
calculations as a result of the presence of water vapor and combustion 
products in the flow of working fluid. Chart 11 gives the corrections 
for both gas density and mass flow through an orifice against water-vapor 
content and fuel/air ratio. Returning to the previous example, the 
static temperature at the jet exit is 1342.8°R and the static pressure is 
14 psi or 2,016 psf. The density of dry air would be 


__ Pi __ 2,016 

Ri',~ 53.3 X 1,342.8 


= 0.0281 Ib/cu ft 


From Chart 11, the density correction for 2 parts per hundred of water 
vapor is Xpm = —0.0116 and for Wf/Wa = 0.0156 is Xpf = —0.0015 
with fuel of H/C = 0.18. 

The corrected density is 

Pit = Po(l 4 “ Xpm, + Xpf) = 0.0281(1 — 0.0116 — 0.0015) 

= 0.0277 Ib/cu ft 
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The mass flow rate for dry air per square foot of “effective” nozzle area 
is the density multiplied by the flow velocity 

W 

^ = 0.0281 X 980 = 27.44 lb/(sq ft) (sec) 

The corrected mass flow from Chart 11 for TF f/Wa = 0.0156 and m = 0.02 
is 

W W 

(1 + 2)^ + 2)^) = 27.44(1 - 0.0058 - 0.008) 

= 27.06 lb/(sq ft) (sec) 

This is, of course, the same result as Pg multiplied by the flow velocity. 

The above corrections can also be obtained if the change of the gas 
constant R is known for different contents of water vapor and combustion 
products. It is found that R increases with water vapor approximately 
0.57 part for each part of water vapor present; 1 percent water vapor 
results in an increase in R of 0.57 percent or Rg — Ra{l + 0.0057). The 
variation of R with products of combustion of fuel is somewhat more 
complicated, and is plotted against W j/W a for various values of H/C in 
Chart 12. It should be noted that the changes due to both water vapor 
and the presence of combustion products are almost exactly additive 
in the narrow range of corrections found in gas-turbine working fluids, 
so that 72 for m = 0.02 and Wf/Wa = 0.0156 with H/C = 0.18 is 
1.0114 X 53.4 (from Chart 12) and is 72 = 54. Using this value of 72 in 
calculating the above jet density yields 

the same value obtained by using the corrections of Chart 11. 

Use of the corrections described in the last few pages will ensure 
accurate calculation of gas-turbine cycles. The order of accuracy 
obtainable is considerably better than the accuracy now possible in 
making laboratory and held measurements of the characteristics of most 
gas-turbine components. For conventional gas-turbine power plants, 
the combined error is probably less than 0.2 percent of the state-function 
change. 

41. Characteristics of Joule-cycle Gas Turbines. There are seven 
major factors that influence the static performance of a gas turbine; these 
are inlet air temperature, turbine inlet temperature, compression ratio, 
compressor eflSciency, combustion efficiency, turbine efficiency, and in 
the case of the jet engine, nozzle efficiency. In addition, there are other 
factors that exert varying degrees of influence upon performance, such 
as inlet duct losses, momentum pressure loss and friction losses in the 
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burner, tail-pipe friction, turbine swirl leaving loss, heat conduction 
through the walls of flow passages, power requirements to drive auxil- 
iaries, etc. When the engine is in flight, the effects of flight ram must 
also be taken into account. To see clearly what happens when several 
variables change simultaneously in such a maze of factors is quite difficult. 
The use of dimensional analysis helps in many instances but has its 
limitations. 

Therefore, at the expense of a great many charts, we propose to show 
here what happens to the basic gas-turbine cycle when these many 
variables are manipulated, one at a time. In order to do this, a brief 
recapitulation of the elements of the simple-cycle gas turbine is given. 
Some old expressions will reappear with new equation numbers, for the 
sake of continuity at this point. 

Flight Mach number is the familiar ratio 


Mo = 


(196) 


^/gkRh 

The total temperature through the inlet diffuser depends only on 
flight Mach number and static ambient temperature and is a constant 
regardless of diffuser losses. We may write then 

k - 1 


To = 7’, = Ta = <0 (l + 


(197) 


where the stage numbers correspond to those of Fig. 165. 

Total pressure at the compressor inlet is P2 and depends upon the 
flight Mach number, the static atmospheric pressure po, free-stream diffu- 
sion losses, duct friction loss, and duct diffusion losses. These last three 
effects may be grouped under the term ram effectiveness or pressure 
recovery effectiveness. This quantity is the ratio of P2 , actual/p 2,ideal* It 
is not an efficiency ratio, as was pointed out several times in Chap. 3, 
although for flight Mach numbers up to but not greatly in excess of 0.5, 
it is numerically quite close to the efficiency of the flow process between 
stages 0 and 2. A symbol has not been assigned to this ratio, and since 
it is seldom used in equations, the ratio will be written out in the following 
expression for total pressure at the compressor inlet: 

P* = Po (1 + (198) 

\ ^ ^ 2.ideal 


The same equation may be used in ramjet calculations. 

Flow relations through the compressor are usually expressed in terms 
of total temperatures and total pressures. 


/is /12 — opT 2 



(199) 
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Ahc = 



( 200 ) 


The cycle pressure ratio is the product of the effective-ram-pressure 
ratio and the compressor’s pressure ratio 

lAcyd. = (201) 

Po Jr 2 

Conditions through the combustion process involve a total pressure 
drop in the burner due to momentum and friction losses. For low values 
of the entering Mach number and a combustion chamber of uniform 
cross section 


AP _ Pa - P 4 _ AP/ , A A/^^ m\ (T, 

Pa Pa Pa ^ V >3 / 2 V 


( 202 ) ’ 


where AP/ is the pressure loss due to friction. If the entrance flow has 
a Mach number greater than 0.2, it may be advisable to use a different 
expression for ^kMl[{T 4 ^T 2 ) — 1] in Eq. (202), substituting the exact 
relation for the momentum pressure loss 


and 


AP 


moruentura 


Pz 


= 1 - 



1 + kM% 
1 + kM\ 


(203) 


1 + ilzA Ml -I 

2 


(204) 


A useful chart for determining the ratio of burner exit total pressure to 
inlet total pressure, in terms of entrance Mach number Mz and the 
temperature ratio T^ITz, is shown in Fig. 126 in Chap. 5. Friction 
pressure losses must be added to this decrease. 

The enthalpy change through the burner, neglecting several terms for 
simplicity, is 

Wf 

Ahb = h\ — /13 = Cp{T 4 — Tz) = rjtJf ( 205 ) 


Expansion of the hot gases from the burner through the turbine results 
in useful work imparted to the turbine shaft. The enthalpy change is 
adiabatic, so that the shaft energy is measured by the enthalpy change 

Aht = h4 — As = Cp(T4 — Tb) (206) 



QAS-TURBINB CYCLES 


223 


Since the expansion is adiabatic but not isentropic, the turbine efficiency 
must be introduced when the work is expressed in terms of expansion 
ratio. 


— CpfitT 4 



(207) 


In order for the gas-turbine engine to run continuously, Afej must be 
equal to or larger than A/ic plus bearing friction, extraneous shaft windage 
losses, auxiliary power requirements, and propeller load, if it is a turbo- 
prop engine. If Lht exceeds these power requirements, either the turbine 
inlet temperature must be reduced, or propeller load increased, or turbine- 
exhaust back pressure increased, or else the excess turbine power will 
accelerate the engine until an equilibrium condition is reached, or the 
engine fails. 

When matching turbine output to compressor power requirements, 
etc., the exact gas flow through the turbine with respect to the air flow 
through the compressor must be taken into account. Compressor air 
bled off for cooling or other purposes must be subtracted from the total 
mass flow ahead of the turbine, and the increase in mass due to fuel added 
in the burner must be accounted for, either directly or by the correction 
factors in the Appendix. 

The simplified expression for jet velocity from the exhaust nozzle is 


1 

1 

II 

(208) 

Ft = 

(209) 


This neglects the problems of exhaust swirl, nonparallel flow streamlines 
at the jet exit, and possible limitations of supersonic jet flow. The net 
jet thrust is 

Fn = — - - Ib/lb of air per second (210) 


Thrust power of the jet is 

* hpiet = = Vo hp/lb of air per second (211) 


Thermal efficiency of the jet engine is the ratio of added exhaust-jet 
energy to fuel heat input, exclusive of combustion or burner efficiency. 


i/tb 


- vl ^ 71 - vl 


( 212 ) 
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Propulsive efficiency of the jet is determined entirely by the velocity 
ratio between jet and flight speeds 


_ 2vo 
V, + Vo 


( 213 ) 


Over-all efficiency of the jet engine is the product of thermal efficiency, 
propulsive efficiency, and burner efficiency 


V = = 


{V — Vo)vo 
VF/ 


gJH 


Wa 


(214) 


When the gas turbine is connected to a propeller, the thrust and power 
of the propeller must be included in Eqs. (210) to (214), and these are 
modified accordingly 


F 


n 


rjF ■ 


5 50hp« 
2^0 



(215) 


where the shaft horsepower hp« is equal to J{Ahi — Ahc)/550 if minor 
variables are neglected, and is the propulsive efficiency of the propeller. 


Total thrust power = ) 7 /’hpB -f- Vo 

(21fi) 

550hp. 4- (F? - vl)/2g 
Jvi,lI{W//Wa) 

(217) 

550»jfhp, -f t'o[(F 7 - vo)/g] 

550hp. + (F? - vl)/2g 

(218) 

550i;fhp. -f ro[(F7 — vo)/g] 
fH(Wt/Wa) 

(219) 


Using the relations expressed in Eqs. (190) through (219), the charac- 
teristics of gas-turbine engines may be calculated. In the illustrations 
that follow, the inlet duct is assumed to be a part of the compressor, so 
that compressor efficiency includes the inlet losses. Friction and momen- 
tum pressure losses in the burner are similarly included in the turbine- 
loss figure, and the exhaust nozzle is assumed to have the same efficiency 
as the turbine. 

Cycle efficiencies of gas-turbine engines under static or zero-flight- 
speed condition are plotted in Fig. 168. The dependence of cycle effi- 
ciency upon compression ratio, turbine inlet temperature, and efficiency 
of components is evident. The ideal efficiency curve of an engine with 
perfect components is also shown; clearly, there is a point of diminishing 
return in seeking perfection in components, although we are at present 
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far from^t. The shifts of peak cycle efficiency with changes of compres- 
sion ratio become more abrupt as turbine inlet temperature decreases 
and component efficiencies are lowered. For the very low efficiency 
compressor and turbine, large decreases in cycle efficiency appear for 
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Fig. 168. Cycle efficiency of open-cycle gas-turbine engines at different compressor and 
turbine effifiiencies and for different turbine inlet temperatures as a function of compression 
ratio (^0 = 00°F). 


relatively small shifts in compression ratio in the neighborhood of design 
point. This is important, because the compression ratio varies almost 
as the square of the engine shaft speed, and under starting, idling, and 
some cruising conditions, it is necessary or desirable to operate at con- 
siderably lower than rated speed. With higher efficiency components. 
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TURBINE INLET TEMPERATURE 
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Fig. 169, Cycle efficiency vs. turbine inlet temperature for various compression ratios 
for i/t » 17c « 0.90 and rjt = Vc 0.80. (^o = 60°F.) 
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Fig, 170. Cycle work output vs. compression ratio for various component efficiencies and 
turbine inlet temperatures (^o *= 60®F). 
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the cycle-eflEiciency changes are relatively smaller, and the necessity for 
maintaining the optimum design compression ratio largely disappears. 

Cycle-efficiency data from Fig. 168 are replotted in Fig. 169 against 
turbine inlet temperature instead of against compression ratio. Enve- 
lopes of best efficiency for optimum temperature and compression-ratio 
combinations are easily visualized. 

Figure 168 also shows that as it becomes possible to design very 
efficient compressors and turbines with low duct losses and small pressure 
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Fia. 171. Cycle efficiency vs. turbine inlet temperature for various compression ratios 
and ambient temperatures, rjc = vt = 0.85. 


drops in burners, design compression ratios will increase, and high cycle 
efficiency will be possible at moderate turbine inlet temperatures. How- 
ever, the work output available per pound of air expanded through turbine 
and nozzle still depends in large measure upon peak cycle temperature. 
High-output gas turbines will operate at high temperatures, although jet 
engines for subsonic flight speeds may be limited in temperature by other 
consideration. Work output in Btu per pound of air is plotted against 
compression ratio in Fig. 170 for different peak temperatures and com- 
ponent efficiencies. This quantity is also called “heat to work.^^ The 
general shape of these curves resembles the efficiency curves of Fig. 168. 

So far, the cycle performance curves have all been shown for 60®F 
ambient temperature condition. The great importance of intake air tern- 
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perature on cycle efficiency and work output of a turbine appears in 
Figs. 171 and 172, as well as in the basic equations. If the turbine inlet 
temperature is held constant at some upper value by metallurgical limita- 
tions, decreasing the ambient temperature serves to increase the tempera- 
ture ratio for the engine and invariably results in higher efficiency and 
higher work output per pound of air through the engine. 
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Fig. 172. Cycle work output vs. turbine inlet toinperatiirc for various compression ratios 
and ambient temperatures, r}c = 'qt = 0.85. 


If the entire engine work output plotted in Fig. 170 is used to acceler- 
ate the jet exhaust, the specific static thrust of the jet engine in pounds 
per pound of air per second may be calculated. Specific thrust is plotted 
in Fig. 173 against turbine inlet temperature for different engine compres- 
sion ratios and component efficiencies. While it should be observed that 
specific thrust always increases when the turbine inlet temperature is 
raised, the highest thrusts at high turbine temperature are obtained in 
high-compression engines. Supersonic jet nozzle flows are assumed in 
Fig. 173 where nozzle energies exceed the critical value. 

The effects of changes in ambient or intake air temperature upon static 
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specific thrust are shown in Fig. 174. Very large increases in thrust per 
pound of air per second are obtained when the intake air temperature is 
decreased. It should be pointed out also that the curves of Fig. 174 and 
the preceding figures are for specific thrust and are drawn per pound of 
air per second. If the static thrust of a given engine were plotted, not 
only would the thrust per pound of air per second increase with a drop in 
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Fig. 173. Specific static thrust of jet engines vs. turbine inlet temperature for various 
compression ratios and component efficiencies (<o = 60°F). 


ambient temperature, but the number of pounds of air inducted per second 
would increase, owing to its greater density at the lower temperature. 
This might be offset to some extent in practice if Mach-number limitations 
at the lower temperatures resulted in the necessity for reduced compressor 
speed. 

Using the cycle-efficiency data, the thrust specific fuel consumption 
may be calculated for the jet engine, and this has been done in Fig. 175 
for compression ratios of 4 and 12 and for various ambient temperatures 
and turbine inlet temperatures. It is interesting to observe that a low 
ambient temperature is desirable for a low fuel specific rate at low turbine 
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inlet temperatures, where cycle efficiency is of utmost importance; but 
at the higher turbine inlet temperatures, where low ambient temperature 
has a larger effect upon cycle work output than upon cycle efficiency. 



Fig. 174. Specific static thrust for jet engine vs. turbine inlet temperature for various 
ambient temperatures at compression ratios of 4 and 12, rje = rjt ~ 0.85. 

the hot intake may have a lower fuel specific than the cold intake condi- 
tion. This is due to the fact that jet velocity is proportional to the square 
root of heat-to-work output, while thrust is proportional to jet velocity. 
The jet thrust specific fuel consumption is therefore 

oc ^ oc 

Pg \/hp 

and is proportional to the square root of the heat-to-work output rate 
divided by the thermal efficiency. Since thermal efficiency levels off 



TURBINE INLET TEMPERATURE ® F. TURBINE INLET TEMPERATURE ®F. 

Fig. 176. Static thrust specific fuel consumption vs. turbine inlet temperature for various 
ambient temperatures at compression ratios of 4 and 12, Vc - Vt - 0.85. 

faster than does the work output at high temperatures, the specific fuel 
consumption increases after a rather low optimum value of turbine inlet 
temperature is exceeded. The fuel for the examples cited has an H of 
18,600 Btu/lb and was burned at 95 percent combustion efficiency. 
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42. Turbojet Flight Performance Characteristics. Behavior of both 
the jet engine and the turboprop engine in flight may be deduced from 
the preceding illustrations. The gas-turbine jet engine in flight operates 
through the same thermodynamic cycle as on the static test stand. How- 
ever, the compression of the air now includes the ram pressure rise at the 
inlet to the compressor proper, so that the cycle compression ratio is 
higher by a factor equal to the ram pressure ratio. Similarly, the expan- 
sion process is through the new, larger ratio. Some of the increase in 
work output of expansion through turbine and jet nozzle from the higher 
pres^sures in the combustion space must be used to compress the air at the 
ram inlet. Under favorable conditions, there is a net increase in the 
amount of work available, and the cycle eSiciency is improved. Under 
less favorable conditions, the cycle efficiency may decrease, as when the 
turbine inlet temperature is a limiting condition and ram temperature 
rise is sufficiently high to result in a serious reduction in the fuel/air ratio. 

To take a practical example, suppose that the gas turbine with 85 
percent efficient turbine and compressor and with a compression ratio 
of 6:1 at zero flight speed is equipped with an 85 percent efficient ram 
inlet, and with suitable means of utilizing the additional expansion energy 
in flight. Detailed calculations of performance are required for rea- 
sonably accurate results, but Fig. 168 may be used for purposes of 
approximation. 

At 1500®F turbine inlet temperature and 60°F ambient air tempera- 
ture, the cycle efficiency is approximately 0.24. At a flight speed of 
300 mph, Avhich is il/o = 0.38, the ram pressure rise at 85 percent effi- 
ciency is 1/0.90 = 1.11 from Fig. 33. The new cycle compression ratio 
is therefore 6 X 1.11 = 6.66, and returning to Fig. 168, the cycle effi- 
ciency is found to be 0.25 for 1500®F turbine inlet temperature. Similarly, 
at 600 mph, the new cycle pressure ratio is 6 X 1.36 = 8.16, and the 
cycle efficiency is 0.26. 

However, if the same engine is operated at 1000°F turbine inlet tem- 
perature, cycle efficiency at 0 mph is 0.17; at 300 mph, r^th is 0.165, 
approximately, and at 600 mph, i;th is about 0.135. The net work in 
Btu per pound of air is obtained in a similar manner from Fig. 170; net 
work decreases with increasing flight speed in this example because cycle 
efficiency does not increase fast enough with increasing cycle compression 
ratio to offset the decrease in fuel/air ratio. 

Specific thrust is calculated from the net work available per pound of 
air and Fo, th e flight velocity. The jet nozzle flow velocity is obtained 
from V^ = \/Fo + (223.7)^ A/i where AA is the net work available in 
Btu per pound. Specific thrust is then found from Eq. (210). The 
curves for specific thrust in Figs. 173 and 174 cannot be used directly 
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for obtaining thrust in flight by applying simple compression-ratio 
corrections. 

Figure 176 shows the performance characteristics of the above jet 
engine at various flight speeds as estimated by this method. Since the 
engine is in flight, the net over-all efficiency is also calculated and shown. 
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Fia. 176. Specific performance of turbojet engine vs. flight speed for ric = rjt = 0.8.5, com- 
pression ratio 6: 1, to = 60®F, and 1500®F turbine inlet. 


as well as thrust specific fuel consumption in pounds of fuel per hour per 
pound of thrust for 18,600 Btu/lb of fuel at rib = 0.95. 

The specific performance data of a given cycle, such as that described 



FLIGHT SPEED, MPH 

Fig. 177. Relative performance of jet engine of Fig. 176 at various flight speeds. 

in Fig. 176, may be translated to the results to be expected from an actual 
engine in flight if the air flow is known. From Chap. 3, the air flow for 
85 percent compression efficiency may be estimated and plotted as in 
Fig. 177. With air flow known, the net thrust and fuel-flow rate are both 
obtained by multiplying air flow by specific thrust and the product of 
specific thrust and specific fuel consumption, respectively. Thrust and 
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fuel-flow data for an actual turbojet engine are plotted in Fig. 178. 
While the actual engine shown has a static compression ratio of 4:1 
instead of 6:1, the maximum per- 
missible turbine inlet temperature 
is approximately the same, and 
the curves of Figs. 177 and 178 
closely resemble each other. The 
performance of the hypothetical 
engine of Fig. 177 can be reesti- 
mated for other ambient tempera- 
tures and operating conditions by 
using the approximation methods 
just described with the data of 
Figs. 171 and 172. 

The complete thrust and fuel-consumption curves for another turbo- 
jet engine have been experimentally determined in flight and are plotted 
on Figs. 179 and 180 for different altitudes. Ambient temperatures 



Fig. 178. Maximum thrust and fuel-flow 
rate of Rolls Royce Nene I turbojet under 
sea-level standard conditions. 



ALTITUDE, FT. 

Fig. 179. Thrust performance of De Havilland Goblin II turbojet engine. Rated sea- 
level static thrust, 3,000 lb at 10,200 rpm. 

correspond approximately to the temperature-altitude standard adopted 
in Chap. 1, but with the tropopause altitude at 36,000 ft instead of 
45,000 ft; this accounts for the breaks in the curves at 36,000 ft. This 
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engine has a fixed-area jet nozzle, and the only way in which thrust may 
be controlled for a given altitude and flight speed is to let the engine 
speed change with fuel/air ratio changes. The lines of constant engine 
speed do not represent lines of constant turbine inlet temperature. 

Over-all efficiency of the same engine in flight is shown in Fig. 181. 
These data could have been deduced from Figs. 179 and 180 by interpola- 



ALJITUDE.FT. 

Fig. 180. Fuel flows for jet engine of Fig. 179 using kerosene for fuel (18,000 Btu/lb). 

tion. It is noticeable that efficiency continues to improve with flight 
speed for all engine speeds shown, except that at 7,000 rpm, the curve 
flattens out between 500 and GOO mph. This is due to several causes. 
The jet-propulsive efficiency improves rapidly with increasing flight 
speed, even up through the 500- to GOO-mph region when the engine is 
running at near its rated speed and jet exhaust velocities are high. At 
the same time, the cycle efficiency changes but little with flight speed, 
as indicated generally in Fig. 176. 

At lower engine rpm, the opposite condition holds. Jet flow velocities 
are comparatively low. From Fig. 179, the thrust at 8,000 rpm is about 
50 percent of the thrust at 10,200 rpm. Assuming a compressor with 
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flow proportional to rpm, the flow would have been reduced to about 
77 percent. From momentum relations, the jet velocity is about 
0.50/0.77 = 0.65 of the velocity at full rpm or approximately 1,100 fps. 
With exhaust-jet flow velocities of this order, the jet-propulsive efficiency 
would be up to 70 percent at 400 mph and to about 85 percent at 600 mph. 

However, the over-all efficiency for low engine rpm continues to 
increase with flight speed at a faster rate than does the jet-propulsive 
efficiency, because the cycle efficiency is also increasing significantly. 



FLIGHT SPEED, MPH. 

Fici. 181. Over-all efficiency in flight of Goblin II turbojet under sea-level standard con- 
ditions. Efficiency at 30,000 ft altitude is approximately one-tenth better at the higher 
speeds, owing to the lower ambient temperature. 

This is because the effective cycle compression ratio increases with flight 
speed, and at low engine rpm the compression ratio is definitely low 
enough to result in greatly depressed cycle efficiency. A drop from 10,200 
to 7,000 rpm would result in a decrease in compression ratio from 4:1 to 
approximately 1.9: 1 at zero flight speed. When flight speed is increased 
to 600 mph at 7,000 rpm, the effective compression ratio is increased to 
about 2.6:1. The beneficial effect of this increase upon cycle efficiency 
is evident in Fig. 168. 

Effective cycle compression ratios at full-rated engine speed also 
increase in a similar manner with increasing flight speed, but in this 
instance the compression ratio is already near the optimum value, and a 
further increase may even be harmful to cycle efficiency. This is a 
limiting factor for turbojet engines at supersonic flight speeds when the 
top turbine inlet temperature is critical. The importance of the proper 
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selection of static cycle pressure ratio when the engine is intended for 
use at very high flight speeds is apparent from Fig. 182. 

The over-all efficiency of a jet engine equipped with a variable-area 
jet nozzle differs significantly from the example (Fig. 181) of an engine 
with fixed-area nozzle. This is because the nozzle flow characteristic 
can be changed at will. The turbine inlet temperature may be held at 
any specified value within operating limits, and the turbine back pressure 
is controlled by nozzle area and is continuously adjustable to hold a fixed 
rpm for various flight speeds. This means that the cycle compression 



Fig. 182. Thrust specific fuel consumption vs. flight Mach number for high-tempcrature 
turbojet. Turbine inlet temperature, 2000°F; all compression and expansion processes 
85 percent efficient; constant rpm, and variable-area jet nozzle. 

ratio may be kept up near the rated value even for very low recjuired 
thrusts. Cycle efficiency is correspondingly higher. At the same time, 
a large mass air flow is maintained because engine rpm is constant, and 
the jet velocity for low thrusts is correspondingly lower than for the 
fixed-nozzle engine, so that propulsive efficiency is better at low flight 
speeds. 

The over-all efficiency of a jet engine with adjustable-area exhaust 
nozzle is plotted in Fig. 183 against flight speed for different turbine inlet 
temperatures; the engine rpm is kept constant at all flight and thrust 
conditions. A very significant improvement in over-all efficiency at low 
flight speeds is obtained, especially for the lower thrust conditions at low 
turbine inlet temperature. It is particularly noticeable that at low flight 
speeds, maximum over-all efficiency is not obtained with maximum tur- 
bine inlet temperature, but at lower temperatures. Cycle efficiency is 
decreased, but the lower jet velocity that results from the decreased gas 
horsepower or work available per pound of air flow through the engine 
at these lower temperatures results in very much higher jet-propulsive 
efficiency. Since the over-all efficiency is the product of cycle and pro- 
pulsive efficiencies, it may reach a peak well below the maximum allowable 
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FLIGHT SPEED. M.P.H. 

Fkj. 183. Over-all efficiency vs. flight speed for contemporary turbojet with adjustable 
area jet nozzle and running at rated rpm. Temperatures indicated are at turbine inlet. 



FLIGHT SPEED, M.P.H. 

Fig. 184. Thrust of Goblin II engine at sea level and 30,000 ft altitude. Ambient tem- 
peratures are for standard, temperate-summer, and tropical-summer conditions. 
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engine temperature at low flight velocities. This is seldom the case with 
fixed-nozzle turbojet engines, and argues for the use of larger than 
ordinary turbojet engines of the variable-nozzle-area type in aircraft 
that may be required to cruise at low speeds for maximum flight endur- 
ance. Static thrusts of the engine of Fig. 183 at 1300 and 1100°F are 
88 and 75 percent, respectively, of the 1500°F thrust. 

The effects of ambient temperature upon jet thrust and fuel consump- 
tion have been mentioned before (see Figs. 174 and 175). The variations 



ENGINE R.P.M. 

Fig. 185. Performance of General Electric 1-40 turbojet under standard static sea-level 
conditions. Hated rprn, 11,500; compression ratio, 4.120; compressor discharge temper- 
ature, 413®F; combustion-chamber pressure drop, 5.24 percent or 3.18 psi; turbine inlet 
temperature, 1492°F; and mass air flow, 79 Ib/sec. 

in thrust for different flight speeds and ambient temperatures are shown 
in Fig. 184 for the De Havilland Goblin II engine. Variations in thrust 
specific fuel consumption are not shown, since its ambient-temperature 
dependence is very close to zero at sea-level static conditions, and the 
thrust specific fuel consumption at 600 mph increases only about 3 parts 
in 100 between the minimum and maximum ambient-temperature limits 
shown. 

The variations of static thrust and specific fuel consumption with engine 
rpm at standard sea-level conditions for the General Electric 1-40 turbo- 
jet engine are shown in Fig. 185. The 1-40 engine has a fixed-area 
jet nozzle. These curves are a composite of published data on a number 
of engines. Also shown is the actual fuel-flow rate in pounds per hour, 
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and the total temperature of the gas in the jet pipe after it leaves the 
turbine. The total exhaust- or jet-pipe temperature is connected to the 
turbine work and the turbine inlet temperature, as well as the jet-nozzle 
available energy, so that it is a useful quantity. 

A further variable that has a large effect upon the performance of a 
turbojet engine in flight is the efficiency of the ram inlet system. The 
subject was partially covered in Chap. 3, and again earlier in this chapter. 
The influence of ram efficiency upon a specific engine rated at 5,000 lb 
ssl thrust when operating at 35,000-ft standard altitude conditions and 
500 mph is shown on the two charts of Fig. 186. The maximum possible 




RAM EFFICIENCY RAM EFFICIENCY 

Fig. 186. Effect of varying ram efficiency on the performance of a turbojet engine running 
at maximum output at 35,000 ft and 500 mph. 

thrusts are shown; increase in ram drag with improved ram efficiency is 
due principally to increased mass air flow. 

High atmospheric humidity results in a loss of maximum output from 
reciprocating engines; the oxygen displaced by the water vapor is no 
longer available for the combustion process, and both temperature and 
total available heat energy are reduced. Water vapor to the extent of 
2 parts per 100 by weight in the air wdll reduce the maximum output of 
a reciprocating engine by about 6 percent; 0.01 part water vapor by 
weight corresponds approximately to 100 percent relative humidity at 
58°F. In any continuous-flow thermal engine burning fuel in air at the 
stoichiometric ratio, as might be the case with a high-temperature ramjet 
engine, the jet power output is similarly reduced. However, practically 
all turbojet and turboprop engines operate with very lean fuel/air ratios, 
and the presence of water vapor in the atmosphere results in very little 
effect upon either jet thrust or shaft power. 

This is not the case when unevaporated water is ingested at the air 
intake, as in the presence of rain. The general effect is that of interstage 
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cooling of the compressor plus the advantages of increased gas flow 
through the turbine. The latent heat of vaporization of the water 
droplets, as they evaporate in air warmed by passage through the com- 
pressor, decreases the compressor temperature and therefore its power 
requirement. Ingested rain in a ramjet intake may be harmful at 
stoichiometric fuel/air ratios. Ingested rain in turbojet and turboprop 
engines operating at 1500°F turbine inlet temperature results in increased 
heat-to-work output, so that the turbojet engine has increased thrust, 
and the turboprop engine has an even larger shaft power increase (see 

Fig. 187) . The actual weight of liquid 
water ingested by an engine depends 
upon both the free water content of 
the air and the nature of the air inlet: 
If the air must turn a corner to enter 
the air scoop or inlet, heavier water 
drops may fail to make the turn, owing 
to inertia separation, and a drier 
intake will result. This is indicated 
for the scoop ratio of 3.0 in Fig. 187, 
where the air entering the scoop is 
three times the volume of the space 
intercepted by the scoop in flight. At 
higher flight speeds, the scoop ratio 
could be less than unity, and more 
water would be ingested than nor- 
mally existed in the free atmosphere. A further discussion of ingested 
water will be found in the next chapter under the subject of coolant 
injection. 

43. Turboprop Engine Performance Characteristics. While pro- 
peller-drive gas-turbine performance characteristics may be calculated, 
or readily estimated from the Joule-cycle performance illustrations, there 
has been only a limited amount of data published for actual engines. 
Several turbojets have been converted to turboprop engines for experi- 
mental purposes, but very few gas turbines designed to power airplane 
propellers have been brought through the model shop, and even fewer 
have been flight-tested at this time. A number of British engines have 
been flown, and the General Electric Company’s TG-100 has had several 
hundreds of hours of flight testing. 

The Armstrong Siddeley Python turboprop engine is shown in Fig. 188. 
This design is a conversion of the ASX jet engine in which air enters the 
axial-flow compressor at a plenum chamber in the rear of the engine, flows 
forward through the 14-stage compressor, turns 180 deg, and flows toward 
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Fig. 187. Augmentation of turbojet 
and turboprop outputs at 1500°F tur- 
bine inlet temperature due to ingested 
rain. {Dolinsky and Disch, SAE Pre- 
print, 1947.) 
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the rear through 11 can-type burners clustered around the compressor 
casing, thence through a 2-stage turbine to the jet pipe and nozzle. 



iiG. 188. Armstrong Siddeley Python turboprop engine. Compression ratio 5il, 


Redesign for conversion from jet engine to turboprop engine entailed the 
provision of a suitable reduction gear and redesign of the turbine to give 
the heat drop required to provide 
the necessary shaft power. The 
ASX jet engine is rated at 2,500 
lb static thrust, and the Python 
turboprop engine is rated 3,(570 
shp plus 1,150 lb ssl jet thrust. 

Sea-level static characteristics 
of the Python are shown in Fig. 

189 plotted against engine rpm. 

The relatively high engine idling 
speed (50 percent of rated rpm) 
requires that the propeller be in 
^‘flat” or zero pitch at this engine 
speed; otherwise the propeller load would stall the engine. Flight char- 
acteristics at sea level are shown in Fig. 190 for the same engine. The 



Fig. 189. Sea-level static characteristics of 
Python turboprop engine. 
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FLIGHT SPEED, M.P.H. 

Fig. 190. Sea-level flight characteristics of Armstrong Siddeley Python. 
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rather large increases in shaft horsepower with flight speed are due 
equally to increases in the mass of air inducted and to reductions in 
the jet energy, which then appears on the propeller shaft. The net jet 
thrusts shown are gross thrusts less ram drag. 

The variations in available power with altitude for a flight speed of 
300 mph are shown in Fig. 191, as are also specific fuel consumption in 
pounds of fuel per hour per total thrust horsepower. The power avail- 
ability is shown as total thrust horsepower assuming an 80 percent 
efficient propeller; total thrust horsepower is the sum of propeller thrust 
power and jet thrust power. The actual jet thrust in pounds is also 
shown, as well as the specific fuel consumption for the engine at its military 
rating of 8,000 rpm. 

In the previous illustrations, the effects of ram inlet losses have been 
small, since ram efficiency was assumed to be very close to 100 percent. 
Ram efficiency losses have about the same effects upon the turboprop- 
engine air flow and specific fuel consumption as they have upon turbojet 
engines shown in Fig. 186. 

44. Gas Turbines with Heat Exchangers. If the temperature- 
entropy diagram of Fig. 164 for an open-cycle gas turbine is referred to, it 
is at once noticeable that the final exhaust gas is discharged to atmospheric 
pressure at a temperature well above the temperature of the air entering 
the combustion chamber. This is the temperature or enthalpy difference 
between states 7 and 3 on the diagram. Therefore, any means for trans- 
ferring a part of the heat of the exhaust gas to the compressed air before 
it enters the burner would reduce the amount of fuel required to bring 
the combustion gas to the specified turbine inlet temperature. The cycle 
efficiency of the engine is thereby improved through reduced fuel 
requirements. 

Since the mass of air entering the combustion space is almost exactly 
the same as the mass of exhaust gas leaving the turbine exhaust system, a 
complete transfer of heat between the two fluids is ideally possible in a 
counterflow heat exchanger. The effectiveness of the heat exchanger, or 
regenerator, as it is frequently called, would then be 1.0. Actually, the 
size and weight of regenerators increase about in proportion to their 
effectiveness up to an effectiveness of 0.5, and beyond that point, size 
and weight increase much more rapidly than effectiveness. A heat 
exchanger of effectiveness 0.75 may be as much as four times as large as 
one of 0.5 effectiveness. Heat-exchanger limitations will be discussed in 
some detail in Chap. 10 on engine accessories; it will be sufficient to 
point out here that very practical limits exist in the physical use of heat 
exchangers in aircraft practice. 

The effects of regenerator effectiveness, or efficiency rir, upon the cycle 
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efficiency of a turbine with = 0.90 and rjc = 0.85 are shown in Fig. 192. 
Combustion pressure loss is assumed to be 3 percent, and total regenerator 
friction flow losses are assumed to be 3 percent of total cycle pressure 
for rjr = 0.50, 6 percent for r/r = 0.75, and 12 percent for rjr = 0.90. 


12468 12468 12468 

CYCLE PRESSURE RATIO 

Fig. 192. Effect of heat regetieratioii upon opcii-cycle gas-turbine efficiency for rjt = 0.90 
and 17 c = 0.85. 

Heat to work is plotted against cycle pressure ratio for the same variables 
in Fig. 193; the reductions in heat to work per pound of gas are largest in 
the case of greatest regeneration, owing to increased flow friction losses. 
A comparison of Fig. 192 with Fig. 168 shows one of the most inter- 
esting effects of the use of a heat 
regenerator. The best cycle pressure 
ratio for 1500®F turbine inlet temper- 
ature with Tjt = 0.90 and rjc = 0.85 
would be about 14:1 without a heat 
regenerator. Cycle efficiency is 
approximately 31 or 32 percent, 
depending upon combustion losses, 
etc. By using a 50 percent effective 
heat exchanger between the exhaust 
and the compressor outlet flows, the 
cycle efficiency is maximum at about 
6:1 compression ratio, and the same 
cycle efficiency. The use of a larger 
heat regenerator with 0.75 or 0.90 
effectiveness would still further shift 
the best compression ratio to 4.5:1 
and 3:1, respectively; cycle efficien- 
cies would increase appreciably (to 34 percent and 38 percent, respectively) . 
Unfortunately, leaving cycle compression ratios in the range of 6:1 or 
8:1 results in minor increases of efficiency with the high-effectiveness 
heat exchangers, and operation at the lower compression ratios seriousl}^ 
reduces the work output of the engine per pound of air. This may not 



CYCLE PRESSURE RATIO 


Fig. 193. Work output of gas turbine 
with exhaust heat regenerator, rit = 0.90 
and rjc = 0.85. Reduction in output duo 
to friction flow losses in heat-exchanger 
flow passages. 
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be serious for stationary engines, but it is serious for aircraft engines 
where low heat-to-work factors may mean excessively large and heavy 
engines. 

However, regenerators of approximately 0.50 effectiveness do aid 
low-compression gas-turbine designs for aircraft use from the fundamental 
stand-point of cycle efficiency. Therefore, the single benefit of a possible 
reduction in fuel requirements of the order of one-third or one-fourth must 
be balanced against the added weight and complication of the heat 
exchanger. New developments in heat exchangers may possibly make 
them practical in the future. 
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Fig. 194. Power availability of Bristol Theseus turboj)rop. Reduction-gear efficiency 
assumed 0.975. Total effective power includes jet thrust horsepower divided by assumed 
propeller efficiency of 0.80. 

In applying a heat exchanger to a turbojet engine, the hot exhaust 
must not be taken through the regenerator immediately after the turbine, 
but after the gas leaves the jet nozzle. Otherwise, heat would be removed 
before expansion was completed, and the entire purpose of the regenerator 
would be defeated. Therefore, the entire jet flow at a flow velocity close 
to Mach 1.0 must be taken through a heat exchanger of large surface with 
but small friction loss and negligible reduction in velocity. The require- 
ments of a large wet area of heat exchanger and small flow friction loss at 
high flow Mach numbers are not consistent. The successful application 
of heat exchangers as regenerators in turbojet engines is most doubtful. 

In a turboprop engine in which the jet velocity is low, with flow Mach 
numbers of the order of 0.2 to 0.3, a heat exchanger may be applied with- 
out serious flow losses. Such an engine is the Bristol Theseus shown in 
a cutaway view in Fig. 229. The compression ratio is 4.35: 1, and ratecj 
air flow is 30 Ib/sec through a compressor consisting of 9 axial-flow stages 
followed by 1 centrifugal stage. The compressor is driven by a direct- 
connected 2-stage turbine on a quill shaft, followed by a single-stage 
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turbine on a separate central shaft to power the propeller. The two 
turbines are not connected mechanically, but are operated at a relatively 
constant speed ratio through propeller pitch control of the load; this is 
done in order to ensure operation of the output turbine at a speed near the 
most favorable velocity ratio. The heat exchanger is of annular cross- 
section behind the turbine section. Its effectiveness is not known to the 
authors, but is estimated to be of the order of 0.50. Calculated total 



Fig. 195. Specific fuel consumption of Bristol Theseus calculated on basis of total effective 
shaft power (efficiency' of Rearing, 0.975; fuel, 18,000 Btu/lh). Total effective power 
equals propeller shaft power plus jet thrust power divided by 0.80. 

effective shaft power and propeller shaft power are shown in Fig. 194 for 
this engine; effective shaft power is the sum of propeller shaft horsepower 
plus iet thrust horsepower divided by an assumed propeller efficiency of 
0.80. Specific-fuel-consumption data are shown in Fig. 195, and should 
be compared with Fig. 191 for a straight turboprop engine without heat 
exchanger. It should be remembered that the cost in increased aero- 
dynamic drag due to the large-diameter heat exchanger does not appear 
in this comparison. 

46. The Ramjet or Athodyd. There have been numerous references 
to ramjet engines in preceding pages. The ramjet is just what its name 
implies, an engine that receives all its cycle compression from the forward 
motion of the engine through the air. Another descriptive name for this 
engine is athodyd, abbreviated from aero-thermodynamic-duct. 
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The ramjet operates on the Joule or Braytpn cycle. Air flows into 
the ram inlet and is compressed to a degree determined by the flight 
speed, the efficiency of the diffusion process, and the velocity of the air 
flow in the actual compression space. Supersonic ramjet engines will 
obtain partial compression across shock waves at the inlet, and engines 
designed for flight at high Mach numbers may find it advantageous to 
use one or more inclined shocks for maximum efficiency (see Fig. 196). 

Stage numbers shown on Fig. 196 correspond generally to the same 
numbers for equivalent flow states used previously for turbojet engines. 
Diffusion and compression are completed between 0 and 3; fuel is burned 



downstream from 3, and combustion is essentially completed at 4. 3et 
expansion occurs between 4 and 7. 

Ramjet engines suffer from several serious difficulties. One of these 
is that the maximum outside diameter should be as close to the diameter 
of the mouth of the ram intake as possible. Otherwise, the frontal area 
of the engine will be large for the mass air flow through the engine; the 
parasitic or form drag of the engine body may then be excessively large 
at supersonic flight speeds. However, if the flow velocity at stage 8 is 
not low compared to the free-flight velocity M o, the static pressure rise 
will be low, and JI /3 will be high. 

Combustion in ramjets is similar to combustion in other continuous- 
flow engines, except that the ratio T^/T 3 is usually much higher than in 
turbojet or turboprop engines, and the inlet flow Mach number in the 
actual combustion zone is very much higher than in the other engines. 
High fuel/air ratios make burning easier, but high flow velocities are 
costly from the standpoint of momentum pressure loss, and it is difficult 
to anchor the flame front and prevent its being blown out of the engine. 
When M 3 and Ta/Tz are both large, the combustion process may not be 
completed until M 4 is close to unity. The process ft inefficient then 
because heat is being added at successively lower static pressures, and 
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the limitations of Eq. (77) apply. Choking flow conditions may then 
occur if T^/Tz is large enough to result in M 4 = 1 . 

Instead of using a convergent jet nozzle as in Fig. 196, a straight pipe 
may constitute burner and nozzle together. Such an engine is shown 
schematically in Fig. 197 with pressure, temperature, and flow-velocity 


SHOCK WAVE 



Fig. 197. Pressure, temperature, and velocity variations in a ramjet. {By permission^ 
Applied Physics Laboratory, United States Navy, Bureau of Ordnance.) 


variations progressively throughout the engine; flight Mach number 
is Mo = 1.86 at 10,000-ft altitude. Compression is through a plane 
shock across the ram inlet, followed by subsonic diffusion. Combustion 
starts at M 3 = 0.3, approximately, and is completed near the end of the 
straight jet pipe with M 7 close to 1.0. The cycle efficiency of this engine 
is low, because both compression and expansion process efficiencies are 
low; however, it is a very lightweight engine well suited for its purpose 
of propelling a short-range missile. Specific thrust is approximately 
23 Ib/lb of air per second, and the specific fuel consumption is approxi- 
mately 10 lb of fuel per hour per pound of net thrust. 
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Much more carefully worked out designs are necessary for long-range 
ramjet engines. If multiple oblique shocks are employed at high super- 
sonic speeds, ram compression efficiency may be high, between 70 and 
85 percent. Then if flow velocity 
at the burner entrance is low 
(below Ms = 0.2) followed by effi- 
cient fuel burning and expansion 
through a jet nozzle, reasonably 
good cycle efficiency may be 
expected. Curves of specific 
thrust fuel consumption for two 
ramjets are shown in Fig. 198. 

The upper curve is for a ramjet 
with high pressure losses, approxi- 
mating practical results that are 
now obtainable; the lower curve 
is for highly refined designs and 
probably represents a limit toward 
which designers may work. 

More details of the highly developed low-loss ramjet are shown in 
Fig. 199. The performance calculated is optimum at each flight speed 
for a 30-in. -diameter engine suitable for powering a large missile. The 



Fig. 198. Ramjet specific fuel consumption 
with normal shock entry and high-velocity 
combustion, and for an idealized ramjet with 
multiple oblique shock entry and low-veloc- 
ity burner, combustion temperature 3000°F. 



FLIGHT MACH NUMBER, Mq 

Fig. 199. Thrust and fuel characteristics of high-efficiency, 30-in.-diameter ramjet at 
30,000 ft altitude (17-in.-diameter ram inlet). 


ram inlet diameter is 17 in. Combustion at 3000°F takes place in the 
30-in.-diameter section at an entry flow Mach number of about 0.2 at all 
flight speeds above ilfo = 1.0. There is some loss in thrust at flight 
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speeds above ilfo = 1*2, because jet flows tend to be supersonic thereafter 
but are limited in velocity by the simple convergent nozzle. However, 
the loss is not great; the gain of a supersonic jet is not enough to pay for 
the added weight and complication of a DeLaval-type exit nozzle. 
Further, increased internal and external friction drags, due to the greater 
surface area of the longer engine, would reduce the net gain in thrust. 

The optimum area of the jet exhaust nozzle is different for each flight 
speed if the peak temperature is held constant. Increasing the combus- 
tion temperature requires a larger exhaust area, and choking flows may 
occur in ramjets at low flight speeds. This condition results in a general 
increase in static pressure from the exhaust cone to the ram inlet; inlet 
flow is reduced with air spill-over at the inlet rim and a detached shock 
wave in the event of supersonic flow. Increased flight speed results in 
total nozzle pressure increases at a higher rate than mass flow increases, 
so that the ratio of outlet area to inlet area, At/ A 2 , can decrease with 
increases in flight ]\Iach number. An inefficient ramjet with high pressure 
losses would not require as great a reduction in area ratio with increasing 
flight speed as would an efficient athodyd. 

In general, a ramjet engine would be designed for flight at one speed 
only; it would probably encounter choking flow conditions at lower 
speeds, and too open a jet nozzle at higher speeds, with consequent loss 
of jet thrust efficiency. An adjustable tail cone might solve the nozzle- 
area problem, at the expense of added weight and complication. Tem- 
perature control in the combustion chamber would also provide a means 
of control, but since the maximum thrust is usually required of this type 
of engine, peak permissible temperatures are used at all flight conditions. 
The ramjet is not a very flexible propulsion device, although it is an 
extremely lightweight one and quite efficient at the supersonic flight 
speeds. 

Ramjet characteristics discussed so far have been largely limited to 
internal flow characteristics. External flow characteristics are of equal 
importance in the useful flight speed range of this type of engine. Para- 
sitic drag of the outer engine shell and parts exposed to the air stream is 
large and reduces the momentum thrust values of the internal flows 
plotted in Figs. 198 and 199. 

Offsetting this drag loss to some extent at subsonic flight speeds is the 
ejector effect of the jet exhaust flow on the surrounding atmosphere. A 
sheath of air surrounding the issuing exhaust jet is entrained by the jet 
and mixes with it, thus inducing an increased flow velocity over the out- 
side of the ram jet engine. Since the shell is straight or substantially 
straight after the rounded inlet-end ogive or cone surface is blended with 
the body diameter, this increased flow velocity serves to do two things. 
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It increases the friction drag over the shell, and it reduces the static pres- 
sure over the curved frontal surfaces. The reduction in static pressures 
over the curved frontal areas is equivalent to aerodynamic ^^lift,” and an 
increase in thrust is experienced. This increase is not large, but the net 
thrust of an athodyd is not known until all the flow forces, both internal 
and external, have been integrated over all surfaces. At supersonic 
flight speeds, the ejector action is not felt, since its influence does not 
extend forward of the tail shock wave. 

46. Corrected Variables and Engine Performance Plots. The useful 
power output of prop jet and turbojet power plants varies in a complicated 
manner with atmospheric conditions, flight variables, and power-plant 
operating conditions. Thus it becomes a tedious procedure to calculate 
complete flight performance, since it depends on so many significant 
variables. We are interested in the variation of the performance, as 
measured by such quantities as thrust, fuel specifics, air flow, etc., with 
ambient temperature, pressure, and flight speed, and in the variation of 
engine performance with operating variables under all ambient condi- 
tions. In particular, the factors limiting engine performance must be 
known at all ambient conditions and flight speeds. As an example, the 
performance of gas-turbine compressors is critical with respect to high 
internal flow Mach numbers. It can be shown that this limits the per- 
formance of aircraft gas turbines in high-altitude low-speed operation. 
Further, turbine inlet temperatures and engine rotational speeds are 
subject to a limitation in maximum value. This results in performance 
limitations that depend on altitude and flight speed. 

Without theoretical guidance as to the expected variation of per- 
formance with flight conditions, it would, for example, be impossible to 
extrapolate sea-level bench tests or low-altitude flight-test results to 
predict expected high-altitude flight performance.^ The necessary guid- 
ing principles are provided by dimensional theory and the laws of similar- 
ity. It can be shown that a given gas-turbine power plant will have 
similar operating conditions (which means that all velocity triangles, 
Mach numbers, pressure ratios, and temperature ratios throughout the 
engine are fixed) at sea level and at altitude if 

1. The compression ratio of the compressor is the same. 

2. The ratio of turbine inlet temperature to static ambient tempera- 
ture is the same. 

3. The flight Mach number based on air speed is the same. 

This represents an oversimplification but is an extremely useful approach 

^ An excellent treatment of this problem is given in a paper by C. A. Meyer, 
Characteristics of Turbojet Engines at High Flight Speeds, Trans, ASME, Vol. 69, 
p. 237, 1947. 
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to the problem. It implies that certain variables and factors have only 
a secondary effect on petformance. Examples of such secondary factors 
are Reynolds number, heat-transfer coefficients, etc. 

The similarity conditions 1, 2, and 3 can be used in many ways to 
assist in the analysis of engine performance. As an illustration, the high- 
flight velocity high-altitude compressor-Mach-number problem can be 
treated quite simply. It can be shown [e.gr., see Eq. (125)] that the com- 
pression ratio of a given compressor is a function of the square of the 
rotational speed divided by the compressor inlet total temperature. 

The compressor inlet Mach number (which is the critical one) is propor- 
tional to N I\/T^. Thus, to maintain the same Mach number at rated 
speed (and the same compressor compression ratio), the flight Mach 
number must be increased with altitude at such a rate that 

T 2 — To — U) + -“ 2 “ ^^ 0 ^ == constant ( 221 ) 

We have seen (e.gf., see Fig. 2) that temperatures of the order of — 70°F 
may be encountered at altitudes of the order of 40,000 ft. This implies, 
for low flight speeds (say, Mq = 0.5) and rated A, an increase of approxi- 
mately 12 percent in compressor inlet Mach number. Thus, gas-turbine 
compressors to operate under these conditions must be so designed that 
losses associated with high flow Mach numbers are not excessive at over- 
speeds of the order of 12 percent. 

With the aid of a dimensional analysis of the problem, it is possible 
to show what test measurements should be made and under what condi- 
tions sea-level bench tests should be run in order to obtain maximum data 
for predicting flight performance at altitude. One of the first results of 
such an analysis is that the bench tests must include measurements at 
various ram pressure ratios, P 2 /P 0 , that will be encountered in actual 
flight. Theoretically, this requires the use of a ram blower or precom- 
pression ahead of the engine under test or, alternatively, suction at the 
exhaust. Practically, such tests are run with the equivalent of exhaust 
suction produced by an exhaust diffuser immediately following the engine 
nozzle. The effect of such a diffuser is to convert most of the velocity 
component of total nozzle pressure P^ into static pressure. This leads to 
a reduced pressure at station 7, which is equivalent to a certain ram 
pressure drop across the engine. 

To supplement such bench data, tests of aircraft gas turbines in open 
wind tunnels at various tunnel velocities are now becoming common. 
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To date, however, the top velocities used in the tunnel tests are consider- 
ably less than top flight velocities. In order to get wind-tunnel results 
that will duplicate the performance of a given engine in a particular 
airplane, the test engine should be installed in a reasonable facsimile of 
the proper section of the airplane in question. Then, when tests are run 
for various tunnel velocities, the flow over the parts of the mock-up near 
the nacelle should approximate the flow in flight. 

By the use of dimensional analysis, it has been shown that the per- 
formance of a given turbojet engine can be expressed in terms of relations 
of the following form 


Ta _ } N Vo 

'6 ^ \^e y/Q 

WaV^ ,/ N Vo 

r — = /i I —f 

^ \Ve V6 



( 222 ) 


where /, g, and h represent functions of the variables indicated within the 
parentheses. 


6 = 
8 = 


520 / 

Vo { 

14.7 / 


( 223 ) 


The quantities F/8j N/'s/s, Vo/y/O are called corrected thrust, corrected 
rotational speed, corrected flight speed, etc., or, in general, corrected 
variables. It can be seen that equal values of Fo/ iniply equal values 
of flight Mach number; simultaneous equal values of Fo/v^ and N/y/S^ 
equal values of compression ratio. 

The fact that relation^ of the type of Eq. (222) exist means that the 
quantities N/y/d, Vo/y/Q, and Ai are ideal variables or parameters in 
terms of which general turbojet performance can be plotted. It is 
customary in such performance plots to substitute the corrected fuel-flow 
variable Wf/8 y/~Q for the corrected top cycle temperature Per- 

formance plots for given engines may be given without any reference to 
the nozzle exit area A^, This may imply that this area is fixed for all 
operating conditions or that it is varied simultaneously with other quan- 
tities in such a way as to make the jet pressure at the nozzle exit equal to 
the atmospheric pressure. 

The following table lists the important corrected variables encoun- 
tered in gas-turbine engines : 



CORRECTED NET THRUST.F„/6 ,LB. 
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Uncorrected 

C'orrected 

Flight' spftnd 

Vo 

Fo/v'l 

linta.tinTia.l spoorl 

1 

N 

Wa Ve/S 
Wf/s Ve 
T/e 

Air flow 

Wa 

Fuel flow 

Wf 

T 

Temperature 

Thrust 

F 

F/S 

Power /J Ve 

Wi/F Ve 

Ws/FV^ 

Power 

Specific fuel consumption (thrust) 

Specific fuel consumption (power) 

Power 

Wj/F 

Wf/F\\ 



Operating limits for gas turbines and gas-turbine components are 
generally expressed in terms of such quantities as maximum allowable 
rpm or maximum permissible turbine inlet temperatures. These limits 



Fig. 200. Performance charts for turbojet in terms of corrected variables. 

therefore are not expressed directly in terms of corrected performance 
variables. In terms of a performance chart, this means that it is not 
possible to draw in fixed lines to represent operating limits. Such charts 
in terms of corrected variables are extremely useful and widely used in 
spite of this deficiency. 

Various types of performance charts are in common use. For the 
turbojet engine, for example, we may plot corrected thrust, fuel flow, and 
air flow against corrected rpm. Each plot consists of a series of curves 
for different corrected flight speeds. Typical performance plots of this 
type are shown in Fig. 200. 

In another common type of performance chart for turbojet engines, 
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corrected thrust is plotted against corrected flight speed for various cor- 
rected rpm. If on this same chart contours of equal corrected fuel rates 
and equal corrected airflows are drawn, this single chart will provide 
the same information as is given in Fig. 200. Figure 201 is a performance 
chart of this type for a hypothetical turbojet engine. One disadvantage 
of this type of chart lies in the fact that it tends to become cluttered and 
difficult to read if the contours are closely spaced. 



Fig. 201. Combined performance plot for turbojet engine in terms of corrected variables 

The turbojet engine of Fig. 201 has a variable nozzle area A 7, which 
is adjusted with flight speed and rpm to give optimum performance. In 
particular, for maximum rotational speed at standard sea-level flight 
conditions, ^4.7 is varied with flight speed in such a way as to maintain 
T4 at its maximum permissible value of approximately 2000®R. It can 
be shown that the corrected turbine inlet temperature Ta/0 is the sum 
of plus the compressor corrected temperature rise [proportional to 
{N/\/6y\ plus the corrected temperature rise in the combustion chamber 
(which is proportional to Wf/WaB). Thus, one could draw on Fig. 201 
contours of Ta/B so that this single chart would contain all the desired 
performance information plus all needed information on operating limits. 

The data of Figs. 200 and 201 are used in the following way to obtain 
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expected engine performance under nonstandard conditions. Suppose, 
for example, that we want to know the performance at an ambient tem- 
perature ^0 = — 40°F or 420°R and an ambient pressure of 3.68 psi 
(these conditions are roughly the average ambient values for 35,000-ft 
altitude) and at a flight velocity of 600 mph. The correction factors B 
and 6 are, then, 

= 0.81 


14.7 


0.25 


The corrected flight speed corresponding to these conditions is then 
600/\/0.81 = 667 mph. Corrected rotational speed s cor responding to 
rated and maximum rpm, respectively, are 8,000/ VO. 81 = 8,900, and 



Fig. 202. Corrected-variable performance chart for turboprop engine. 


9, 000/ Vo. 81 = 10,000 rpm. From Fig. 200 or 201, the net thrust Fn/B 
corresponding to these values is 

F 

= 6,400 lb at 8,000 corrected rpm 

0 

F 

= 9,200 lb at 10,000 corrected rpm 

0 


Thus, at 8,000 actual rpm under these ambient conditions, the net thrust 
Fn = 0.25 X 6,400 = 1,600 lb, while at 9,000 actual rpm, the thrust out- 
put is Fn = 0.25 X 9,200 = 2,300 lb. The corrected fuel rate Wf/8 \/b 
for actual maximum and rated rpm, respectively, is, from Fig. 201, 
14,000 and 8,700 Ib/hr. This leads to actual fuel rates of 

Wf = 14,000 X 0.25 X VOM = 3,150 Ib/hr 
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and 

Wf = 8,700 X 0.25 X VoM = 1,960 Ib/hr 


Air flows and fuel specifics can be calculated in a similar manner. For 
example, the thrust power specific at rated speed would be 


1960 376 
T^in) ■g^TTO 


0 77 

thrust hp 


Essentially the reverse process is used in going from flight-test data to 
the corrected- variable performance plots of Figs. 200 and 201. 

A corrected-variable performance plot for a hypothetical turboprop 
engine is given in Fig. 202. Here the corrected equivalent shaft horse- 
power is plotted against corrected flight speed for various corrected rota- 
tional speeds. The equivalent shaft horsepower is equal to the actual 
shaft horsepower plus the thrust horsepower of the jet exhaust divided 
by an assumed propeller efficiency of 0.80. 

47. Matching of Gas-turbine Components. The performance of a 
gas-turbine engine can be calculated for any assumed set of operating 
conditions provided that the complete characteristics of all the gas 
flow devices employed in the construction of the engine are known. 
Until quite recently, testing laboratories with adequate air-handling 
capacity and power available for the testing of large gas-turbine engine 
components did not exist. Nearly all the aircraft turbine engines now 
in use have been designed and built without benefit of extensive testing 
of components before final designs were determined. Characteristics 
were estimated from actual engine test results of previous engines and a 
limited number of laboratory tests of components. 

A cut-and-try method of computation must be used because of the 
large number of variables, even for a simple jet engine with fixed jet nozzle 
area. There are a number of approaches that may be used in solving 
the problem (all of them tedious). A common method is described here. 

For a given flight Mach number Mo and a specified shaft speed, select 
a compression ratio for the compressor, and from the compressor flow 
chart, similar to Fig. 102, find the standard mass air flow. The volu- 
metric flow Q of the compressor in cubic feet per second is therefore 
known, and using the methods outlined in Sec. 12, Chap. 3, for ram flow 
into ducts, calculate the actual mass flow Wa and the total ram pressure 
recovery in the inlet system. The inlet diffuser pressure ratio = P 2 /P 0 
is the ram-pressure-recovery ratio, and multiplied by xf/c yields the total 
cycle pressure ratio P 3 /P 0 . Conditions at the burner inlet are now 
known, since the total temperature at the compressor inlet is known, and 
from the known efficiency of the compressor, the exit total temperature 
is also known. With compressor inlet and exit total temperatures known, 
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the compressor shaft power input requirement is also known, using the 
enthalpy calculation methods of Sec. 40. 

Dimensionless or corrected variables may be used for flow, rpm, etc., 
but their use can lead to small inaccuracies in the combustion zone, so 
that we prefer the use of uncorrected variables throughout trial calcula- 
tions. After trial calculations have been completed and component 
flows matched, corrected variables may be used without serious loss of 
accuracy. 

The next step in the trial calculation is the selection of the fuel/air 
ratio in the burner. A ratio is selected that will yield a burner exit or 
turbine inlet total temperature in the operating range of interest to the 
designer. With the actual combustion-chamber pressure and flows 
known, combustion efficiency and total pressure loss are estimated from 
the measured characteristics of the burner, and exact turbine inlet state 
variables P 4 , T 4 , and Wg = Wa + Wf are known, where Wa is corrected 
for any compressor air that may have been bled off for cooling or auxiliary 
purposes. 

In the case of a jet engine, the shaft power requirement of the turbine 
element is known from the compressor input requirement plus the auxil- 
iary power load. Then from data similar to that plotted in Fig. 145, the 
pressure ratio is found across the turbine necessary to produce the required 
output for the gas flow, inlet pressure, and temperature conditions at a 
turbine shaft speed that matches the compressor. With turbine efficiency 
known, the turbine exit conditions arc then known. 

The pressure ratio across the tail pipe and jet nozzle downstream 
from the turbine is then P 5 /P 0 , and with known flow characteristics for 
the exit system, the effective exit area of the jet nozzle may be calculated 
for the flow to match the turbine exit flow expanded to atmospheric pres- 
sure at the known efficiency of the exhaust system. 

If the turbojet engine is equipped with an adjustable-area jet nozzle, 
the last calculation indicates the effective-nozzle-area adjustment that 
must be made at the nozzle in order for the gas turbine to operate under 
steady conditions at the flight Mach number, shaft speed, and turbine 
inlet temperature conditions selected for the trial calculation. 

If the turbojet engine has a fixed-area exhaust nozzle whose effective 
area (as much as 15 or 20 percent less than actual area) does not match 
the calculated nozzle-area requirement, then the engine will change speed 
if the fuel/air ratio is not changed. With an effective nozzle exit area 
larger than required by calculation, the pressure drop across the nozzle 
will be smaller than the calculated value; the turbine pressure fall will 
therefore be greater, and turbine shaft output will be in excess of that 
required to drive the compressor. The engine will accelerate, at a rate 
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that can be calculated from the excess turbine shaft power and the inertia 
of the rotating parts. If the exit area is smaller than required, the nozzle 
pressure drop will be large, with a corresponding excessive back pressure 
on the turbine. The engine will decelerate. 

When exit conditions for the fixed-nozzle jet engine do not match in 
the trial calculation, different values of turbine inlet temperature may be 
tried until exit-flow-area calculations match the actual effective flow. 
The expanding-flow calculations may be considerably simplified if the 
flow characteristic of the combined turbine plus fixed-area jet nozzle is 
plotted in a manner similar to Fig. 145 but for pressure ratios P 4 /P 0 
instead of Pb/P 4 . With an initial estimate of the required fuel/air ratio 
to fix the probable total flow volume and with the turbine power require- 
ment known, the turbine-plus-nozzle flow characteristic curves may be 
entered to find the required turbine inlet temperature for the calculated 
inlet pressure P 4 . If the fuel/air ratio corresponding to this temperature 
is reasonably close to the estimated value, the trial calculation need not 
be corrected. 

A turboprop engine presents a somewhat different problem, although 
the simplest aid to calculation is to plot turbine-plus-nozzle flow charac- 
teristics as described in the preceding paragraph. The flow charts are 
then entered with total gas flow, turbine inlet temperature, and turbine 
inlet pressure above atmospheric pressure at the specified engine rpm; 
turbine power output is then found. The excess of turbine shaft power 
available over the requirements of compressor and auxiliaries is the power 
available to drive the propeller through its reduction gear. The propeller- 
blade pitch must be adjusted exactly to absorb this power. If the turbine 
power is not sufficient to drive the compressor, the turbine inlet tempera- 
ture is too low. 

A turboprop engine with adjustable-pitch propeller and adjustable- 
area exhaust nozzle adds still another variable, and performance may be 
calculated by adjusting both propeller pitch and nozzle area simultane- 
ously to meet initial assumptions about the division of energy between 
propeller and jet. With assumed values of turbine and nozzle efficiencies, 
this division is readily made on the basis of expansion pressure ratios. 

A few further comments about the nozzle flow calculations are appro- 
priate here. Since a simple, convergent nozzle is universally used on all 
contemporary gas-turbine engines, the appearance of pressures at the 
nozzle inlet in excess of those required for critical nozzle flows should be 
watched for in performance calculations. If this occurs (see Fig. 31), 
the critical flow condition should be calculated with static pressure p 7 at 
the nozzle exit above po by whatever ratio remains after the sonic flow 
condition is reached in the jet. The critical flow area required for the 
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known mass flow of gas at static pressure and calculated temperature 
(or Tt) is then compared with the actual effective area of the jet nozzle 
exit. Jet thrusts are calculated in the conventional manner from the 
exit flow velocities, making the usual static pressure difference thrust 
addition for the case of critical flows. 

The foregoing procedure is repeated a sufficient number of times to 
establish all the points required to plot gas-turbine performance curves 
over the required flight and engine speed ranges. Many of these repeti- 
tive computations may be avoided by using a method of graphical solu- 
tion for the compressor-turbine matching problem. ^ 



STANDARD FLOW 


Fig. 203. Compressor flow chart in terms of corrected variables. 

In order to use this graphical method, a compressor flow chart similar 
to Fig. 102 is required, along with a flow chart for the combined turbine 
plus fixed-exit-area nozzle. The three fundamental relations of com- 
pressor rpm equal to turbine rpm, compressor flow plus fuel flow equal to 
turbine flow, and turbine power equal to compressor power (plus auxil- 
iaries and propeller in the case of a turboprop engine) still rule. The flow 
charts are plotted in terms of corrected variables. It is necessary to add 
a parameter indicating power to the conventional compressor flow chart. 
This is most conveniently represented by specific power, or power per 
unit air flow, and is denoted by hp/W6 on the compressor map of Fig. 203. 

The requirement that the compressor flow plus fuel flow equal the 
turbine flow is satisfied by the following process. Pressure ratio across 
the combustor and turbine plus nozzle is plotted vs. flow (corrected for 
Wf) for constant values of turbine inlet total temperature divided by 
compressor inlet total temperature. The total pressure ratio across the 

^ Hall, II. S., Aircraft Gas Turbines with Centrifugal Compressors, SAE Preprintj 
April, 1946. 
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turbine and nozzle is increased by the pressure-loss ratio of the burner, 
so that the ?:atios plotted for the expansion flows are in terms of com- 
pressor ratios; 

In order that the compressor and turbine speeds may match, the speed 
parameter of the compressor map is used in plotting the above turbine 
map. For a given turbine inlet temperature and turbine flow (referred 
to compressor standard flow) and for a given shaft speed, both turbine 
power and turbine-plus-nozzle pressure ratio are known. After correcting 
the total expanding-flow pressure ratio to the compressor ratio by multi- 
plying by Pa/Pzj the burner pressure ratio, and turbine and nozzle flow 
characteristics may be plotted over the compressor map of Fig. 203. 

There are five variables in the corrected turbine data, three of which 
must be matched simultaneously to the data on Fig. 203 while a fourth 
variable is treated as a parameter. This parameter is the specific turbine 
power. For a given turbine flow [corrected to compressor flow by the 
multiplier Wa/{Wa + Wf)]y the turbine data are searched for a point of 
correspondence between compressor and turbine speed simultaneously 
with compressor ratio and corrected turbine-plus-nozzle pressure ratio, 
without regard to turbine inlet temperature. This is most readily done 
by plotting a few experimental points on the pressure-ratio-vs.-flow chart 
for the expanding flow, for the selected shaft speed and specific turbine 
power. The place at which a line through these points crosses the corre- 
sponding compressor-speed line is the only point of coincidence of com- 
pressor and turbine flows at the selected turbine specific power and speed. 
The turbine inlet temperature, or the ratio of turbine inlet temperature 
to compressor inlet temperature, at this point of coincidence is noted 
from the turbine data. The other experimental points used to plot the 
line for the coincident point are of no further use since they do not repre- 
sent the two conditions of equal shaft speed and matching compressor and 
turbine flow. 

By repeating this process a number of times for different shaft speeds 
and different turbine specific power parameters, a plot of lines of constant 
turbine specific power may be drawn on the same pressure-ratio-speed- 
flow map as used for the compressor. From the turbine inlet tempera- 
ture ratios noted on the points of coincidence, lines of equal turbine inlet 
temperature ratio may also be plotted (see Fig. 204). 

Now, if the parameters of Fig. 204 are plotted over the compressor 
map of Fig. 203, the complete performance map of the jet engine at 
static condition is shown (see Fig. 205). The locus of the points where 
compressor specific power matches turbine specific power is the operating 
line, shown as a heavy line on the plot. At other points on the plot, 
either compressor power is greater than turbine power and the engine 
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decelerates, or turbine power exceeds the compressor power, and unless 
turbine inlet temperature is decreased, the shaft speed will increase. 
The amount of power differential between compressor and turbine 
specific power parameters is available by inspection of the plot, so that 
rates of acceleration or deceleration may be calculated, if the inertia of 



STANDARD COMPRESSOR FLOW 

Fig. 204. Turbine flow chart in terms of corrected variables. 



STANDARD FLOW 

Fig. 205. Combined compressor-turbine performance map for jet engine under static 
conditions. 


the rotating system is known. Therefore, not only the steady>state 
performance of the jet engine may be calculated, but also the transient 
characteristics. Data are presented in terms of corrected quantities, so 
that performance at any pressure-altitude and ambient temperature 
may be calculated readily, if combustion efficiency does not fall to such 
low values that the turbine mass flow requires further corrections. If 
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the effective nozzle exit area is changed, a new paap must be constructed 
for each new area. 

The effects of inlet ram pressures and temperatures due to flight speed 
change the operating-line locus on Fig. 205, except for the condition where 
critical flow is already established in the jet nozzle at static conditions. 
With critical flow in the nozzle, the flow is independent of the static pres- 
sure of the atmosphere surrounding the exhaust. The nozzle static 
exhaust pressure is always higher than the atmospheric static pressure 
with critical flows, but the actual pressure difference has no influence 
upon the flow within the nozzle. Therefore, the portion of the jet-engine 
performance map for which sonic jet velocities exist at static conditions 
must be corrected for the new ram total pressure and ram total tempera- 
ture conditions at the compressor inlet for any flight speed condition. 
This will occur only at the upper turbine inlet temperatures and shaft 
rpm (near the design point as a rule) for the conventional jet engine. At 
low turbine temperatures and speeds, the heat-to-work factor is too low 
to yield sonic jet velocity. 

Critical or choking flow conditions may occur in the turbine nozzle 
inlet ring even though the jet nozzle effective pressure ratio is below 
critical. This is most apt to occur in high-impulse turbine designs rather 
than in nozzles for turbines with reaction blading. When this happens, 
the operating line on the performance map changes position with changes 
of flight speed. If the performance map of the compressor, Fig. 203, is 
replotted on log-log paper, and if the turbine performance map. Fig. 204, 
is similarly replotted on a transparent overlay with a log-log scale, the 
problem may still be solved graphically. The logarithmic scale of the 
pressure ordinate permits the linear addition of ram pressure at the com- 
pressor inlet to the compressor-pressure-ratio scale. The transparent 
turbine overlay plot is placed over the compressor plot with the turbine 
map shifted along the ordinate by an amount corresponding to the ram- 
pressure-ratio increase. The crossing points of matching compressor and 
turbine specific power parameters then establish the new operating line 
on the compressor map, at the new compressor inlet temperatures and 
pressures. 

For the situation where flows in both turbine and nozzle are subsonic, 
the turbine-map transparency is shifted upward along the ordinate by 
an amount corresponding to the ram pressure ratio, and along the abscissa 
by an amount corresponding to the change in the corrected flow relation- 
ship. This solution is approximate to the extent that the effect of the 
change in turbine velocity ratio on the turbine efficiency is ignored. 

Jet engines operated at high flight speeds are almost certain to encoun- 
ter critical flow conditions in the jet nozzle, while at lower flight speeds 
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and at low turbine inlet temperatures, all flows are subsonic. Therefore, 
the use of the turbine overlay shift may be necessary in mapping per- 
formance up to a different critical flight Mach number for each corrected 
engine rpm. When the flight Mach number that results in sonic jet flow 
for a given engine rpm is reached, the position of the turbine overlay on 
the compressor map is fixed for further flight-speed increases, and the 
position of the operating point does not shift on the map. Ram pressure 
and temperature corrections are applied to the standard flow calculations. 

It should be noted that a turbine inlet nozzle with an early choking 
flow condition may move the operating line of the engine up into the 
pulsation or surge region of the compressor operating characteristic for 
very moderate flight speeds. The widening of the operating line into ^ 
band of considerable width during acceleration and deceleration condi- 
tions, particularly at the low ambient temperatures of high altitudes, 
may also intersect the pulsation region unless care is taken in determining 
the location of the design point in the compressor performance field. 

The performance map of Fig. 205 with the turbine flow trans- 
parency on log-log scales will also serve effectively to describe the per- 
formance of the turboprop engine. The location of the operating point 
shifts continuously with changes in the power being absorbed by the 
propeller. The use of a variable-pitch propeller, of course, introduces an 
element of flexibility that will permit moving the engine operating line 
over a wide area of the performance map. The fixed-pitch propeller 
designed to absorb a major part of the engine output, to the practical 
exclusion of jet thrust power, imposes severe limitations upon the engine 
in flight. 

Figure 206 shows the performance map for a propeller-drive engine 
on a somewhat larger scale than the preceding figures and includes only 
the region of interest in connection with normal operations. The engine 
design point for a fixed-pitch-propeller load is determined for a specified 
altitude and flight speed. If the aircraft^s flight speed and altitude could 
always be maintained so that the propeller would operate at a constant 
value of advance ratio J, the operating line of the engine would follow the 
same line as that for a pure jet engine. 

However, under static conditions, the advance ratio is zero. If 
J = 1.0 at the design flight speed, then at J = 0, the propeller’s power 
coeflScient has increased approximately by the ratio of 1.5:1. It is 
apparent then that the turboprop engine with fixed-pitch propeller 
absorbing engine output to the practical exclusion of jet thrust, will, in 
all probability, not be able to operate under static conditions at full 
engine speed without pushing the operating line up into the unstable 
compressor region on the performance map. A limit of approximately 
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60 percent of the engine’s static design output would be the normal 
expectation at the reduced engine rpm necessitated by the fixed-pitch 
propeller. If, on the other hand, the design point corresponds to static 
conditions where J is equal to zero, the fixed-pitch propeller will not be 
able to absorb more than about 60 percent of the engine’s design power at 



Fig. 20fi. Performance map for turboprop engine. Only the region of interest in connec- 
tion with normal operations is included. 


rated engine rpm at a flight speed corresponding to J = 1. Absorbing a 
smaller proportion of the engine^s power output in the fixed-pitch pro- 
peller and more in the jet thrust would relieve this situation to some 
extent. The use of a fixed-pitch propjet engine with adjustable jet 
nozzle area would also introduce the required degree of control flexibility 
provided that the propeller did not absorb more than about 50 percent 
of engine energy output at the design flight speed. Most thrust-aug- 
menter designs lack this refinement. 



CHAPTER 9 

VARIANTS OF SIMPLE GAS-TURBINE CYCLES 


48. Turbine Thrust Augmenters. An attempt to achieve a compro- 
mise between the properties of the straight turbojet and the turboprop 
engine is found in a number of different forms of gas-turbine power plants 
having directly driven fixed-pitch propellers, either open or ducted. 
The general term thrust augmenter has been applied to these types. A 
schematic example of a ducted-propeller power plant is shown in Fig. 207, ^ 
in which the propeller or fan forms part of the compressor and by-passes 
low-pressure air around the engine to mix downstream with the hot tur- 
bine exhaust at the turbine exhaust pressure. The mixed cold air and 

hot exhaust gases are then 
expanded through a jet nozzle. 
The over-all cycle efficiency ben- 
efits somewhat through mixing of 
the hot exhaust with the cold air 
pumped by the fan. The larger 
the ratio of cold by-pass air flow 
to hot turbine air flow, the better 
the propulsive efficiency at low 
speeds, as would be expected. At higher flight Mach numbers, the 
advantages of the thrust augmenter begin to disappear as jet-propulsive 
efficiencies become competitive with the propulsive efficiency of the ducted 
fan or propeller. 

Other thrust augmenters may use lower speed propellers driven by 
exhaust turbines on separate shafts immediately downstream from the 
compressor-driving turbine. The propeller or fan efflux may mix with 
the turbine efflux either before or after hot jet expansion occurs. 

These engines all have the advantages of higher take-off thrust and 
efficiency at intermediate and low flight speeds, coupled with the dis- 
advantages of greater weight, complicated construction, fixed-pitch-pro- 
peller characteristics, and indifferent performance at the higher flight 
speeds. 

The use of a fixed-pitch propeller driven by a turbine wheel on a shaft 
separate from the compressor and its turbine alleviates to some extent 
the disadvantages of a directly driven fixed-pitch propeller. An engine 
designed for a particular flight speed with a direct-driven fixed-pitch 

266 



Fig. 207. Thrust augmenter with flow from 
ducted fan mixing with turbine efflux. 
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propeller will be overloaded at the same engine rpm under static or zero 
flight speed condition, as described in the preceding chapter. A separate 
turbine for the propeller permits a small decrease in propeller turbine 
speed at static condition without dropping the compressor speed and 
pressure ratio; this is because the turbine velocity ratio may change 
through a moderate range with but small change in efficiency and power 
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men ter. (^Flight magazine,) 


output. The thrust augmenter with separate turbine drive for the fan 
or propeller is thus more flexible and efficient than the direct-drive type. 

49. Afterburning in Turbojet Engines. The simple turbojet engine 
may have its thrust output increased by rather substantial amounts if 
additional fuel is burned in the turbine exhaust ahead of the jet expansion 
nozzle. 

Thermodynamically, the effect is that of a reheat stage in the expan- 
sion process. The immediate result is an increase in jet energy roughly 
proportional to the ratio of total tail-pipe temperature folloAving after- 
burning to the total temperature prior to afterburning. The ratio of jet 
velocities, with and without afterburning, is then approximately pro- 
portional to the square-root of this temperature ratio. 

In a turbojet engine with 1960®R turbine inlet temperature and total 
turbine exhaust temperature of the order of 1560°R, sufficient oxygen 
remains in the exhaust gas to burn additional gasoline or kerosene fuels 
to an afterburner top temperature of the order of 3500°R at 95 percent 
combustion efficiency. Thus the afterburner temperatu re r atio is 
= 2.25, and the jet velocity is increased in the ratio \/2.25 = 1.5. 
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Since the jet flow velocity is increased by 50 percent, the static thrust is 
increased by the same amount. 

The above rough analysis of the static thrust increase of a contem- 
porary turbojet engine with maximum-temperature afterburning has 
neglected momentum pressure losses in the afterburner combustion cham- 
ber. Such losses would be negligible for an unusually low turbine efflux 
velocity. Actually, flow velocity in the tail-pipe afterburner is a serious 
problem. From Fig. 126, a temperature ratio of 2.25 at inlet flow Mach 
number 0.3 results in a 10 percent loss in total pressure and an exit flow 
Mach number of 0.6 in a constant-cross-section combustion space. 

Returning to the previous example, the fuel/air ratio without after- 
burning was about 0.015, with a static specific fuel consumption of about 
1 lb of fuel per hour per pound of thrust. With afterburning, the total 
fuel/air ratio has increased slightly beyond the stoichiometric ratio, f.e., 
to Wf/Wa = 0.07. At the same time, the thrust has increased by 50 
percent, so that the static thrust specific fuel consumption with after- 
burning is approximately 0.07/0.015/1.5 = 3.1 lb of fuel per hour per 
pound of gross thrust. 

From the foregoing, it is evident that afterburning in turbojet engines 
is uneconomical and must be limited to periods of short duration at the 
lower flight speeds. Assuming that a turbojet engine will weigh ^ Ib/lb 
of rated static thrust and that the installed volume of the engine is 0.03 
cu ft/lb of rated static thrust, the additional 50 percent thrust available 
through tailburning at low flight speeds will cost as much extra weight 
of fuel burned in only 3.2 min as the extra weight of engine for a 50 percent 
larger engine without afterburning. Similarly, the increased volume of 
fuel burned in 14 min would equal the increase in installed volume of the 
larger engine. 

The unfavorable efficiency characteristics of the afterburner reheat 
cycle begin to disappear at high flight velocities. The pressure ratio 
across the jet nozzle is usually less than 2: 1 in the conventional turbojet 
engine at zero flight speed. However, at high flight speed, the effect of 
ram pressure ratio is, in general, a proportionate increase in total pressure 
ratio across the jet nozzle. The heat added in the afterburner is therefore 
added at a more favorable state condition for the recovery of mechanical 
energy, and the effectiveness of the afterburner increases. At very high 
flight velocities between ilfo = 1.0 and Afo = 2.0, over-all efficiency may 
be higher when the compressor pressure ratio is low. 

The turbojet engine with tailburner then approaches the character- 
istics of the ramjet. Specific fuel consumption rates and specific thrusts 
in pounds per pound of air per second are plotted in Fig. 209 against flight 
Mach number for different compressor pressure ratios and afterburner 
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temperatures Te. All compression flows are assumed to be 85 percent 
efficient; turbine inlet temperature = 1500®F in all cases; combustion 
efficiency is 95 percent, and expanding flows are assumed to be 85 percent 
efficient. These assumptions are somewhat optimistic at the higher 
flight speeds, particularly since DeLaval jet nozzles for supersonic jets 
are not yet practical for aircraft turbines. 

Physical space requirements of afterburners depend upon the turbine 
efflux velocity, the static pressure in the tailburner combustion zone, and 



Fio. 209. EfTect of tailburner reheating on specific thrust and specific fuel consumption 
for turbojet engines with compressor compression ratios = 2 and = 4. 

the amount of heat to be added. The actual jet nozzle can be short as 
in the case of the conventional jet engine. Normally, a diffusing passage 
will follow the turlnne, the length of which may be as great as two turbine 
diameters. The density of the gas in the tailburner will be about one-half 
of the air density in the normal combustion space at low flight speeds, so 
that a much greater volume is required for the same heat release. Also 
a greater total heat release is called for in the afterburner than in the 
normal combustor, so that the combustion-zone volume necessary will be 
several times as much as that of the preturbine burner. The diameter 
of an afterburner may then be of the same order as the turbine nozzle 
ring, or somewhat greater; the length of the complete afterburner Avith 
diffuser, combustion space, and variable-area jet nozzle will normally be 
at least as great as four turbine diameters. Thus the afterburner for an 
axial-flow jet engine is about the same size as the engine itself, and it 
could hardly weigh less than 25 percent of the bare engine weight without 
afterburner. 
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60. Intake Coolant Injection for Gas-turbine Engines. The work of 
compression of a gas can be reduced by cooling the gas before or during 
compression. In the case of the gas-turbine aircraft power plant, whether 
turbojet or turboprop, the use of intercoolers between compressor stages 
seems limited in applicability because of stringent weight requirements. 
It is possible, however, to secure some of the advantages of cooling by the 
evaporation of small quantities of liquid ahead of or within the com- 
pressor. Because of their high latent heats of vaporization, water or 
water-alcohol mixtures are used. 

Practically, water or the water-alcohol mixture is sprayed into the air 
intake ahead of the compressor. Depending upon the fineness of the 
spray, the temperature and relative humidity of the air, temperature of 
the liquid injected, completeness of dispersion of liquid spray in the air, 
turbulence, and the length of time the spray is air borne before entering 
the compressor blading, a greater or lesser portion of the liquid evaporates 
ahead of the compressor blading. With water injection at the air intake 
of an 1-40 (.1-33) engine as installed in the F-80A airplane, the compressor 
air inlet temperature is normally lowered by 20 or 30°F at a water 
flow rate of the order of 20 gpm.^ This is approximately 4.5 percent of 
the air flow rate to the engine by weight. The air-temperature fall 
indicates that about one-ninth to one-sixth of the water injected was 
evaporated. 

The decrease in temperature of air at the compressor inlet results in 
an increase in air density and mass flow through the engine. A tail-pipe 
rake survey indicated approximately 10 percent increase in mass flow 
in the case referred to above. About half of this increase was due to the 
mass of water injected, and the remainder to higher air density at the 
intake, which checks with the observed air-temperature changes. 

The evaporated portion of the water spray enters the compressor as a 
gas; the unevaporated liquid spray droplets may carry on through the 
compressor or may be further evaporated in the compression process. 
Liquid evaporated in the passage through the compressor acts as an inter- 
stage cooling means, and the volume flow increases progressively through 
the compressor because of this evaporation. Because of the uncertainty 
as to exactly when the liquid evaporates to a gas, at the same time provid- 
ing flow cooling, it is difficult to estimate accurately the effects of spray 
injection upon compressor performance. 

Experimental results with water sprays show as high as 30 percent 
increase in static thrust for a turbojet engine. Data are not available 
on turboprop engines, but somewhat greater proportional increases would 
be expected there. Experimental results with an 1-40 engine are shown 

1 Johnson, C. L., J. IASj vol. 14, p. 666, 1947. 
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in Fig! 210. The maximum injection rate of 26 gpm corresponds to 
approximately 4.5 percent of the rated air flow of the engine. Effects 
of water injection rates upon engine temperatures and pressures are 
interesting. The temperature rise through the compressor decreases 
progressively with increased water injection rates, indicating a decrease 
in compressor power input requirements. At the same time, the com- 
pression ratio increases, which would follow from the density increase in 
the gas flow through the compressor. There is also an observed increase 



Fia, 210. Effects of water injection rates on jet-engine static thrust, engine temperatures, 
and engine pressure. Hated air flow 79 Ib/sec. (C. L. Johrison^ J. IAS, voL 14, p. 659, 
1947.) 


in the tail-pipe temperature of the jet engine, which may be due in part 
to the lowered compressor power input requirement. 

Injected liquid that carries through the compressor and into the com- 
bustion space unevaporated is evaporated in the burner. The action is 
that of a flash boiler; more fuel must be burned to evaporate the liquid 
and heat it to the burner exit temperature, if the liquid itseff is noncom- 
bustible. The effects of introducing liquid into the combustion zone are 
bad for cycle and fuel efficiencies, but the increased mass flow through 
the turbine leads to much-increased energy availability in the gas flow 
leaving the burner. This will lead to either greater net shaft output 
for the turboprop engine or more thrust for the turbojet. 

Water injection into jet-engine air intakes has some serious operational 
disadvantages. If compressor air is bled off for fuel-transfer purposes 
and for instrumentation uses, water finds its way into fuel tanks and into 
instruments. Further, water freezes in cold weather and at high alti- 
tudes. Alcohol can be added to the water to prevent freezing, but the 
other disadvantages still remain. The addition of 30 percent alcohol by 
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volume to replace water in water-alcohol injection reduced the static 
thrust increase of a J-33 engine (with 28 gpm of f3uid injection) from 28 
to 23 percent. Sixty percent of alcohol by volume further reduced the 
static thrust increase to 16 percent. 

Compressor air bleed for cabin-pressurization purposes leads to fogging 
of the cabin atmosphere and windshield surfaces when water injection 
occurs. This is not serious at low altitudes or at take-off when cabin 
pressurization is not required and can be shut off; it is serious at high 
altitudes. The use of alcohol-water mixtures is, of course, out of the 
question if compressor air is to be passed through the cabin during fluid- 
injection periods. 

The use of water injection to achieve 25 or 30 percent increase in 
static thrust of a turbojet engine requires 4 to 5 percent flow of water 
referred to air flow as a parameter. ITsing a thrust specific of 55 lb of 
thrust per pound of air per second for contemporary jet engines, an 
increase of 15 lb in thrust is gained for a water flow of 0.05 Ib/sec. With 
an engine specific weight of the order of 0.35 Ib/lb of jet thrust, the above 
water-injection case would run about 2 min before the weight of water 
used would equal the specific weight of the jet engine. 

Therefore, the use of water injection is limited to very short term 
thrust-augmentation periods, else the water to be carried will weigh more 
and occupy more space than would be required by the installation of a 
larger engine without water injection. 

Liquid ammonia as a compressor intake coolant is more effective than 
water, under favorable conditions. Although ammonia has only one-half 
the latent heat of evaporation of water, it has a much lower boiling point 
than water at the pressures encountered in the compressor. A 10 percent 
ammonia injection leads to a theoretically expe^cted augmentation of 
about 60 percent. Ammonia injection has the further advantage that 
much of the evaporation and cooling can occur in the compressor inlet 
duct rather than in the later stages of compression, so that the compressor 
has the benefit of a cold intake from the start. 

Experimental injections of 5 percent ammonia have given actual 
thrust increases of 23 percent as compared with a theoretical value of 
28 percent. These results were obtained in dry air. On a humid day, 
the thrust augmentation with 5 percent ammonia injection was negligible. ^ 
This is explained by the fact that ammonia reacts with water vapor in the 
atmosphere to form ammonium hydroxide, with a release of heat of forma- 
tion that offsets the cooling effect of evaporation of the liquid ammonia. 

Ammonia or ammonium-compound dissociation is practically com- 

1 Cox, H. Roxbee, British Aircraft Gas Turbines, J. Aeronaut. Sci.y vol. 13, p. 53, 
1946. 
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plete in the combustion chamber by the time gas temperatures have risen 
to 1000®F. Ammonia breaks down into nitrogen and hydrogen gases, 
and it is almost certain that the portion of hydrogen gas that flows through 
the primary combustion zone burns with the oxygen of the air. It is 
necessary to reduce the fuel/air ratio when cooling with ammonia if the 
turbine inlet temperature is not to be permitted to increase. 

51. The Pulse Jet Engine. Pulse jet, resojet, or aeropulse engines 
are not continuous-flow engines, although at very high flight speeds they 
may revert to ramjet operation if favorably proportioned. A pulse jet 
engine designed for subsonic flight is shown schematically in Fig. 211. 



Fig. 211. Cutaway schematic view of pulse jet engine for subsonic flight speeds. 


To start the engine, fuel is sprayed into the cold combustion chamber, 
perhaps aided by a compressed-air jet in the Venturi space between the 
mixing-chamber deflectors. The resulting combustible mixture ignites 
from the spark plug and burns very rapidly in an explosion (normally 
without detonation); the hot gas expands out through the nozzle and 
jet pipe ; back pressure of the explosion closes the flap valves in the valve 
grid, preventing flow at the inlet; inertia of the leaving column of hot gas 
through the exhaust pipe pulls down the static pressure in the combus- 
tion chamber; the flap valves open, admitting a fresh charge of air, and 
the cycle is repeated. The frequency of the operation is controlled by 
the resonance frequency of the hot gases in the long tail pipe and combus- 
tion space, and the air flow is pulsating in a regular series of explosions. 
This engine will therefore operate under static conditions. The effect 
of forward flight is to increase the flow of air. 

The thermodynamic cycle is not rigidly defined, but is represented 
approximately by air induction at ram (or static) pressure less (consider- 
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able) flow pressure losses, constant-volume combustion, and adiabatic 
expansion to the atmospheric pressure. Pressure-volume diagrams are 
shown in Fig. 212, with enthalpy-entropy, diagrams for both static and 
in-flight conditions. 

Fuel injection is usually continuous, with combustion occurring when 
an explosive fuel/air ratio is reached at an ignition point. Starting igni- 
tion is by spark plug, but it is sustained by residual pockets of hot gas 
after the first few cycles. Combustion is very rapid, and the assumption 
that it takes place under constant-volume conditions introduces only 
small errors in calculations. Expansion starts at the beginning of the 


Fia. 212. 
engine. 




ENTROPY 


Approximate pressure-volume and enthalpy-entropy diagrams for pulse jet 


combustion process, but most of it occurs after the fuel charge is burned. 
Because of the intermittent operation and the simple construction, peak 
combustion temperature is not a limit, and fuel/air ratios are run very 
close to the stoichiometric ratio to achieve maximum thrust. 

The recurrence frequency of the explosions is slightly lower than the 
resonance frequency of the engine when considered as a quarter-wave- 
length oscillator with the valve grid closed. The approximate ecpii valent 
length of the oscillator is the distance from the valve grid to the end of 
the exhaust pipe or nozzle. The increased volume of the combustion 
chamber and of the contraction cone makes the actual length somewhat 
lower than the length of an ecfuivalent straight-pipe resonator closed at 
one end. The opening of the inlet valves to admit a fresh air charge and 
the time required for combustion to be completed also contribute to 
make the actual frequency of pulsations lower than the estimated fre- 
quency, in cps, / = Qm/ (4Z) where I is the length of the engine behind the 
valve grid and am is the arithmetic mean velocity of sound in the gas in 
the engine. An approximate value of am may be arrived at through the 
relation 

where a^ is the velocity of sound and P 4 is the maximum pressure of the 
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gas at the end of combustion. The value of a\ is connected to the final 
combustion temperature Ta through the usual relation. 

The pressure in the combustion chamber immediately preceding com- 
bustion, indicated as P 3 , is dependent upon the configurations of the 
inlet, valve system, and combustion chamber, as well as upon the ram 
pressure of the air at the inlet and the magnitude of the negative pressure 
wave reflection behind the valve grid somewhat less than a half cycle 
after the combustion explosion. For simplified calculation purposes, it 
is assumed that all the ram pressure rise is free-stream pressure recovery 
ahead of the inlet, and the corresponding mass air flows and internal 
pressure relations are corrected accordingly from pressure and flow data 
obtained for the engine under static or other flight-speed tests. Ordinar- 
ily, flow pressure losses are quite large through the flapper valve grid and 
fuel-mixing zones, so that only about one-half of the total stagnation 
pressure Po ahead of the inlet is normally recovered in the combustion 
chamber preceding ignition of the fuel. 

Combustion is carried out at an assumed constant volume, and the 
approximate relation for the heat added in the combustion chamber is 

h = c,.(P4 ~ P 3 ) (225), 

The addition of heat in the combustion chamber at constant volume 
results in a considerably greater temperature increase than when the 
same amount of heat is added at constant pressure. The data of Fig. Ill 
may be multiplied by Cp/Cv — k (approximately, k = 1.33 in the ramjet 
temperature range) to obtain constant-volume temperature increases. 
Maximum temperatures are of the order of 5300 to 5400°R for kerosene or 
gasoline combustion in dry air at constant volume, while maximum tem- 
peratures for the same fuels at constant pressure are in the range of 4200 
to 4300°R. Dissociation of products of combustion takes place to a 
sufficiently large extent that corrections must be made in calculating gas 
flows. The same gas data that have been used for the calculation of 
reciprocating-engine behavior will be found useful and in the correct 
temperature range. 

To simplify the problem, the instantaneous flow into the tail pipe 
or exhaust duct is assumed to be the same as the flow that would be 
obtained under steady-state flow conditions for steady-state temperature 
and pressure conditions corresponding to the instantaneous temperature 
and pressure conditions. Inertia effects in the combustion chamber and 
expansion nozzle are thus neglected. 

The long exhaust duct or tail pipe usually has a constant cross section 
with straight walls. Its length is chosen to fix the pulsation frequency 
by resonance tuning of the entire system. Therefore, apart from fric- 
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tional losses, which may be considerable at high flow Mach numbers, the 
tail pipe does not influence the thrust. If the instantaneous values of 
gross momentum thrust or impulse at the contraction-cone exit are 
integrated over the complete expansion of the charge of gas in the com- 
bustion chamber, the total impulse of the charge is obtained. Impulse 
is the product of velocity change and mass, while thrust is velocity change 
multiplied by mass rate of flow in slugs per second. Total impulse 
divided by total time yields average thrust. 

The ideal discharge flow velocity through the contraction-cone exit is 

r - ^2,*^ [i - s [i - (&)*-?'] (220) 

where T, p, and p are instantaneous values of velocity, pressure, and 
density (slugs per cu ft) in the (combustion chamber and po is the static 
atmospheric or final discharge pressure. 

The impulse that results from the discharge of an incremental mass 
of gas Ag at velocity V is 

M = V Aq (227) 

Expansion out of the combustion-chamber resci voir and the nozzle is 
assumed to be isentropic so that 


Ag = - 


kp 


Ap 




(228) 

(229) 


The total impulse due to the expansion of the entire initial charge of 
gas in the combustion chamber is / = F<g 4 , wh(u*e V,. is the effective exit 
velocity and is the initial mass in slugs. Therefore 
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Since q/q^ is ccpial to p/p 4 in a constant-volume reservoir. 
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(230) 


Equation (230) may be solved as a rational integral for certain specific 
values of A:, such as = ^, and by graphical methods for all practical 
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values of k. The estimated specific thrust of the pulse jet engine is then 


Wa +WfV,- Vo 
Wa g 


(231) 


Using stoichiometric fuel/air ratios for gasoline and assuming that 
P 3 is equal to one-half of the ideal total ram pressure at all flight speeds, 
the momentum thrust per pound of air per second flowing through the 
pulse jet engine is plotted in Fig. 213 for sea-level standard conditions. 



!3 


Fig. 213. Perforruaiice characteristics of pulse jet engine. 


The theoretical thrust specific fuel consumption is also shown as well as 
actual thrust specific fuel consumption for the Argus 014 pulsejet engine. 
Gross thrust is also plotted for the same engine (also known as the V-1 
engine) of 23-in. diameter. 

Theoretical studies usually estimate that the pulse frequency should 
not change significantly with changes in flight speed and that the average 
air flow is proportional to the equivalent density of the air at ram stagna- 
tion pressure before the inlet. Actual engine performance with inlet 
valves of the type used in the German-built Argus 014 indicates that flow 
is seriously restricted at static and low-flight-speed conditions. At 
higher flight speeds, ram pressures are proportionately much higher than 
the fixed flapper-valve-spring restoring forces, and greatly increased air 
flows result. The effects of low air-flow rates and the attendant low pre- 
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combustion-chamber pressures appear in high parasitic or form drag, low 
thrust, and high specific fuel consumption at low flight speeds. 

Pulse jet engines induct air, inefficiently, during less than half of each 
explosion cycle; they therefore have much lower air-flow rates per unit of 
frontal area than do turbojet engines at low flight speeds or ramjets at 
high speeds. The static thrust obtainable from an axial-flow turbojet 
engine of approximately the same diameter as the Argus 014 pulsejet 
engine is about 3,000 lb for 1500°F turbine inlet temperature against 400 
to 600 lb for the pulse jet static thrust. 

However, the pulse jet is capable of delivering static thrust, which 
the ramjet will not do, and is fundamentally a mechanically simple light- 
weight engine that should be inexpensive to build. It is not size sensitive, 
as is the turbojet engine, and model pulse jet engines only 2 in. in diameter 
operate with only slightly higher thrust specific fuel consumption rates 
than do the larger engines. 

62. Multishaft Gas-turbine Engines. Gas-turbine engines with sepa- 
rate turbine elements driving output shafts independently of the com- 
pressor shaft have been mentioned briefly in preceding chapters. An 
example of such an engine appears in Fig. 229. 

An arrangement of this kind permits of a certain degree of flexibility 
between the load and the gas-generator portion of the engine, as the com- 
pressor-burner-turbine elements are sometimes known. Because the 
conventional turbine will accept flows at off-design conditions without 
serious changes in efficiency or load coefficient, a load characteristic that 
would stall a direct-connected engine may only result in a sufficient 
change in speed of the separate turbine element to drop the excess load 
with continued normal gas-generator operation. The desirability of 
this kind of arrangement has already been discussed in connection with 
fixed-pitch-propeller loads. 

Treatment of performance characteristics of gas generators coupled 
by means of gas flow to separate turbines is no more difficult than the 
matching of flows in simpler types of gas turbines, provided that the 
complete characteristics of all elements are known or may be estimated 
accurately. A method developed by Driggs^ employs the use of the gas 
generator as a separate element, ahead of power output turbine or jet 
nozzle. 

Large turbojet and turboprop engines have rather substantial power 
requirements for starting, particularly turboprop engines. The gas 
turbine with output turbine on a separate shaft reduces the gas-generator 
shaft torque loads at starting. 

1 Preliminary Performance Analysis of Gas Turbine Power Plants, SAE Preprint^ 

1947. 
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63. The Comprex Compressor. An entirely different type of flow 
device from any of the preceding engines is the Comprex.^ With the 
exception of the pulse jet engine, all the gas-flow engines considered 
hitherto have been continuous-flow devices. The Comprex operates on 
the transient characteristics of intermittent gas flow. Briefly, air is 
admitted suddenly at one end of a cell, closed at the other end. A pres- 
sure wave moves into the cell, and the air-admission valve is closed at the 
peak of the reflection pressure wave, trapping the charge of air at an 
average pressure considerably above that corresponding to air inlet 
pressure. A transient condition still exists in the cell, and the pressure 
wave reflects from the opposite end and then from the closed entrance 
end. After the reflection pressure wave leaves the closed inlet end of 
the cell, another valve admits a charge of hot gas at a relatively high 
pressure; this charge of hot gas moves down the cell, pushing and com- 
pressing the cold-air charge ahead of it. There is very little mixing of the 
hot gas and cold air, the hot gas acting as an expanding piston. 

A strong pressure wave moves down the cell, developing reflection 
pressures at the far or exit end, and the charge of compressed cold air is 
valved out of the cell at that point. The total average pressure of this 
charge of air is slightly above the average pressure of the hot-gas inlet, 
owing to the reflection pressure wave in the cell at the time the exit valve 
opens. This charge of cold air then flows through a combustion chamber 
where fuel is burned; part of the resulting hot-gas flow is returned to the 
hot-gas inlet duct of the Comprex, and the remainder is taken to the inlet 
of a multistage turbine. 

The hot gas remaining in the cell after expulsion of the cold-air charge 
is allowed to escape and expand through lower pressure stages of the 
turbine, effectively voiding the cell of high-pressure hot gas and returning 
it to the initial condition. The cycle then begins again. 

The physical arrangement is showm in Fig. 214, and a development of 
the Comprex rotor composed of a number of cells arranged axially about 
the axis of rotation is shown in Fig. 215. The cylinder rotates at high 
speed in order that the valve timing shall coincide properly with the 
movements of pressure waves in the multiplicity of cells. Cells move 
past individual valve ports at the rate of 3,000 per second in one experi- 
mental unit. The only power involved in rotating the rotor is that 
necessary to overcome friction. In addition, there is a small scavenging 
blow^er in the compressed-air duct from the Comprex to aid in overcoming 
duct flow friction and burner losses, particularly at starting. Power to 
drive this blower is obtained from the turbine. 

The Comprex acts as a combined compressor and turbine, and the tw^o 

' Meyer, Elec. Worlds Jan. 4, 1947, pp. 38-40. 
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Fig. 214. Diagram of Comprex unit installed as second-stage compressor for 4,0()()-}ip 
locomotive gas turbine. {Aviation magazine.) 


Fig. 215. 
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Schematic sketch of Comprex unit with cells unrolled, showing simplified cycle 


of air and gas pressure waves. {Aviation magazine.) 


functions may not be separated, with compression and expansion flow 
efficiencies assigned respectively. An over-all figure of merit may be 
assigned, similar to the product ricVi, on that basis experimental units 
are competitive with turbines and compressors of 0.80 to 0.85 efficiency. 

The Comprex is a gas generator capable of increasing the effective 
cycle pressure ratio by a factor of 2 or more. Since alternate flows of 
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hot gas and cold air pass through each cell, the average temperature of 
the cell walls is far below the peak combustion temperature. With 
combustion gas at 1800°F, the cell wall temperature averages slightly 
over 1000®F with cyclic variations of cell wall temperature less than 4®F. 

Peak cycle temperature limits may thus be increased significantly 
along with cycle pressure ratios, resulting in as much as a 60 percent 
increase in heat to work per pound of air flow through the complete 
engine. Basic cycle efficiency of 18 percent for an experimental locomo- 
tive gas turbine is increased to about 22 percent for the same engine with 
the Comprex booster. This flow device has not yet been applied to air- 
craft gas turbines. It is of considerable theoretical interest as a means of 
raising the cycle efficiency of turboprop 
engines. 

64. The Compound Engine. Con- 
ventional reciprocating engines have pres- 
sure-volume diagrams like the simplified 
one in Fig. 216. Because the volume 
expansion ratio of a constant-displace- 
ment engine is the reciprocal of the com- 
pression ratio, in other words, the piston 
sweeps out the same volume for every 
stroke, the gas pressure remaining at the 
end of the power stroke is high. The 
energy of this compressed hot gas is 
normally lost through the exhaust system without effective utilization. 
If an exhaust turbine is connected to the engine, additional energy is 
extracted from the gas after it leaves the cylinder, and the area under the 
dotted line in Fig. 216 is recovered as useful power. A part of the exhaust 
energy has been used to drive turbosuperchargers on aircraft engines, and 
an experimental power plant has recently been constructed, consisting of a 
conventional reciprocating engine with its shaft geared to an exhaust tur- 
bine for increased shaft power and better fuel economy. 

Effective compounding is not practical at low engine-exhaust back 
pressures. High supercharging pressure at the reciprocating-engine 
intake is therefore required. IModern reciprocating aircraft engines 
operate at engine-exhaust back pressures in the range of 25 to 30 psi 
absolute at maximum output; the exhaust back pressure is relatively 
independent of altitude if the engine is supercharged to constant output 
at all altitudes. The available energy in the exhaust gas for typical 
reciprocating-engine exhaust conditions at various effective engine back 
pressures is plotted in Fig. 217. The increases in available energy with 
increasing altitude are due to the greater expansion ratios possible across 


Fia. 216. Simplified pressure-vol- 
ume diagram of reciprocating engine 
at>cd with addition of exhaust turbine 
dea. 
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the ideal turbine. Actual turbine shaft outputs are connected to the 
ideal available-energy curves through turbine efficiency, but here turbine 

efficiency includes leaving losses 
(which differs from the definition 
of turbine efficiency used hereto- 
fore in this book). 

Connecting a turbine to the 
engine exhaust results in a small 
decrease in reciprocating-engine 
output, owing to the pumping loss 
in the engine scavenging stroke. 
Because critical flow conditions 
exist through the exhaust valves 
for a considerable portion of thie 
exhaust scavenging stroke, only 
the latter part of the stroke feels 
the presence of the turbine, and 
additional pumping losses are 
small. The engine normally pumps about one-quarter of the total flow to 
the turbine in the high-exhaust-back-pressure operating range where tur- 
bine compounding is effective. 



Fig. 217. Available energy in the exhaust 
of typical aircraft reciprocating engines at 
various effective exhaust back pressures and 
flight altitudes. 



TOTAL BRAKE HR 

Fig. 218. Typical specific fuel rates of various reciprocating engines: A. Uncompounded 
engine with turbosupercharger at sea level. B, Compound engine with infinitely variable 
nozzle area at sea level. C. Compound engine with fixed nozzle area at sea level. D. Com- 
pound engine with infinitely variable nozzle area at 20,000 ft. E. Compound engine with 
fixed nozzle area at 20,000 ft. 
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By matching the turbine to the engine, the engine back pressure may 
be increased to higher than normal values. Less energy is then delivered 
on the crankshaft and more from the turbine. Ordinarily, the optimum 
operating point from the standpoints of both total power availability and 
fuel economy is found when the exhaust back pressure is just slightly 
below the supercharger pressure at the engine inlet manifold. 

A turbine geared directly to the crankshaft will operate efficiently 
only over a limited engine output range. The flow characteristic of the 
engine in its best cruising range does not match the turbine very well if 
the turbine matches the engine at take-off rating. Various schemes have 
been proposed for matching control, one of which is the use of controllable 
partial-admission turbine inlet nozzles to maintain engine back pressures 
at optimum levels for all flight conditions. There are obvious mechanical 
difficulties connected with these schemes. However, for the sake of 
presenting compound engine performance under good circumstances as 
well as bad, Fig. 218 shows estimated specific consumption figures for 
an engine rated at 800 hp cruise (1,400 to 1,600 hp military rating) 
uncompounded, and compounded with different nozzle-control schemes.^ 

1 Bachle, Trans. SAE^ vol. 53, p. 345, 1945. 
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AIRCRAFT-GAS-TURBINE ACCESSORIES AND CONTROLS 

66. The Starting Problem. Starting the small turbojet engine pre- 
sents a relatively minor problem. A source of power must be found to 
bring the shaft up to a speed where the engine becomes self-sustaining. 
This speed is usually of the order of 25 percent of normal operating rpm. 
Turbojet engines producing 3,000- to 4,000-lb thrust under static sea- 
level conditions will require approximately 10-hp d-c electric starters 
weighing about 30 lb. 

This power may be supplied by a high-discharge-rate storage battery 
of such a capacity that it can provide several starts without recharging. 
Because of the heavy current loads and the fact that the battery must 
provide satisfactory starting under partially discharged conditions, we 
must expect a high voltage drop in the connecting cables and a high 
internal voltage drop in the battery itself. A 28-V()lt battery may 
deliver as little as 12 volts to the starter motor terminals during the 
starting cycle. Such a battery with a normal rating of 28 volts, 50 
amp-hr, may weigh from 100 to 150 lb. 

Such a battery is substantially heavier than would bo required for the 
normal electrical system requirements of a small aircraft of about 10,000 
lb gross weight (such as might be powered by a 3,000- to 4,000-lb-thrust 
turbojet). However it is not too large for heavier aircraft with multiple 
power plants and larger electric power requirements. Unfortunately, 
the heavier aircraft will require larger (or more) turbojet engines, and 
this in turn will impose heavier starting loads. The 150- to 200-lb air- 
borne electric starting system that we have dis(;ussed seems very close to 
the practical upper limit as far as weight and size are concerned. 

The turboprop presents a still greater starting problem in that mini- 
mum self-sustaining speeds may be as high as 40 to 60 percent of normal 
operating rpm. At these speeds the propeller load may contribute a 
very substantial part to the total starting power required. Propeller 
blades must be set in the flattest pitch possible, and even then the power 
loss may, at half speed, amount to as much as 0.5 to 1.0 percent of the 
engine^s normal rated output. 

Thus propeller idling losses must be added to the cranking require- 
ments of the compressor and turbine. This is shown in Fig. 219 for a 
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turboprop engine with a rating of 2,200 hp and 600 lb static jet thrust 
at 13,000 rpm. This particular engine is started with an electric starting 
motor. 

Engines with higher efficiency components will have lower starting 
power requirements, as will engines whose turbines can tolerate higher 
inlet temperatures during the brief period of the starting cycle. It is 
true also that the sooner combustion can be initiated in the starting cycle, 
the smaller the maximum power required from the starter. As an 
example, the maximum power required from the starter for a 4,000-hp 


turboprop, with somewhat higher 
efficiency than the engine of Fig. 
219, has been estimated to lie be- 
tween 40 and 60 hp, which is to be 
compared with roughly 34 hp 
maximum for the 2,200-hp turV)o- 
prop of Fig. 219. 

The excess torque delivered 
by the starter, above that required 
to maintain engine speed constant, 
is available for acceleration of the 
engine to higher speeds in the 
starting cycle. This acceleration 
is therefore ecjual to 



Fia. 219. Typical turboprop starting power 
requirement (engine rating, 2,200 hp at 
13,000 rpni). (A. G. Bardwdl, Jr.^ Trans, 
ASMS, vol. 69, p. 577, 1947.) 


where Ta is the excess starter torque at the engine shaft and I is the 
moment of inertia of the engine rotor in Ib-ft-. The engine of Fig. 219 
has a turbine-compressor rotor moment of inertia of 130 Ib-ft^; and since 
the reduction-gear ratio is approximately 11:1, the inertia at the pro- 
peller shaft is about 16,000 Ib-ft^. This is nearly ten times the inertia of 
the propeller itself. The inertia of a centrifugal-compressor-type jet 
engine of 4,000-lb thrust rating, of the types described in this book, is 
approximately 150 lb-ft~ at the engine shaft, and that for a high-flow-rate 
axial-flow-compressor jet engine of 3,000-lb thrust rating is about 75 Ib-ft^. 

Tactical requirements for military aircraft make 60-sec-duration 
engine starts mandatory and 30-sec starts desirable. Since the Rolls 
Royce Nene jet engine will accelerate from the self-sustaining speed of 
2,500 rpm to rated speed of 12,300 rpm in as little as 4.5 sec, the principal 
delay in starting is accelerating the engine by means of the starter in the 
initial starting period. A 60-sec start may require twice the starter 
horsepower that would be needed for a very long starting time (in which 
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starter torque barely exceeds engine torque requirements), and a 30-sec 
start over three times as much. Initial starting torques of engines with 
antifriction bearings consist almost entirely of inertial loads, since friction 
is very low and aerodynamic loads are small at low speeds. However, 
bearing friction can be a problem at low temperatures. 

Turbojet engines with adjustable-area jet nozzles are started in the 
maximum-area nozzle position. The pressure ratio across the turbine is 
then a maximum, and the turbine is contributing its maximum torque 
toward overcoming the compressor load. Turboprop engines are designed 
with relatively large pressure drops through the turbine and are little 
subject to unloading at starting by means of nozzle-area adjustment. 
The use of a separate shaft for the output turbine relieves the starting 
load to a limited extent. 

There are two principal types of starters for aircraft-gas-turbine power 
plants. One is the self-contained starter mounted on the engine and 
requiring an air-borne battery or fuel supply for actuation. The other is 
the ground- or ship-powered starter. The simplest system is the ground- 
powered starter with only a mechanical connection point on the engine to 
which a power-driven shaft from a suitable source of mechanical power on 
the ground can be brought. After starting, the shaft is disconnected, and 
the power source can be moved to other engines at other locations on the 
airport or the carrier deck. 

Other gas-turbine starters may consist of the d-c electric motor 
starters discussed above, a-c electric motors, hydraulic motors, pneumatic 
motors or turbines, or starting turbines powered by self-contained cart- 
ridge gas supplies of the monopropellant or bipropellant types. 

Still another type is the completely self-contained reciprocating- 
engine starter mounted directly on the gas turbine and burning the same 
fuel as the gas turbine, or its own special fuel supply. German-built 
turbojet engines were found to be equipped with such starters; Riedel 
reciprocating-type engines weighing about 50 lb were capable of starting 
turbojets in the range of 1,500- to 2,000-lb static thrust rating. It is 
probable that these engines are adequate for starting much larger gas 
turbines, provided that the turbine engines are more efficient than the 
early German designs. 

Gas turbines equipped with electric, hydraulic, or pneumatic motors 
may be started from power supplies located in remote positions in the 
aircraft or on the ground. Electric motors are by far the heaviest of 
these starters, and d-c motors may weigh twice as much as a-c motors 
for the same average output rating because of commutator speed limita- 
tions. Alternating-current motors may not be run from a battery, how- 
ever, and are adapted for use only where there is a suitable source of a-c 
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power, as on the ground or in very large aircraft equipped with an a-c 
electrical system. 

Hydraulic motors require that high-pressure hydraulic fluid be piped 
to and from the engine. This is undesirable under all circumstances but 
particularly so at subzero temperatures. However, it is estimated that 
a hydraulic motor with a short-time rating of 500 to 1,000 hp may weigh 
•no more than 50 lb. Starting power requirements of this order are not 
inconceivable for future gas-turbine-powered aircraft of 250,000 to 
500,000 lb gross weight. A high-speed a-c electric motor for the same 
service would have a weight in the range of 175 to 250 lb. However, this 
same a-c starter motor, at the cost of a small increase in weight, might be 
used as an alternator for auxiliary electric power in flight. Combination 
d-c starter-generators are in use on the TG-180 turbojet at a small over-all 
weight saving. It is not anticipated that the d-c electric motor starter 
will be practical for much larger engines, however, even at higher battery 
voltages. 

Primary power sources to drive hydraulic pumps, air compressors, or 
electric generators are a small problem on the ground or on board the 
aircraft carrier and will be given no further consideration here. The 
airborne source of prime power for starter systems is a different matter. 
Batteries are heavy and bulky, and coupled with the limitations of low- 
voltage d-c motors, are suitable only for engines of lower power ratings. 
In a similar classification are small reciprocating engines, limited by 
several minutes warm-up requirement on starting and lack of power at 
high altitudes, as well as weight, bulk, and special fuel requirements. 

Possibly the lightest weight engine starter for a self-contained or 
remote-powered type would be a small starter turbine with a cartridge- 
type gas producer. Either a solid fuel reacting at a controlled rate to 
produce hot gas, or a liquid fuel system, may be used. Of the liquid fuel 
systems, 85 to 90 percent purity hydrogen peroxide holds the most 
promise. High-concentration hydrogen peroxide can be stored and 
shipped safely if held in clean containers free of easily oxidized materials. 
The liquid may then be permitted to flow into a catalyst reaction chamber, 
where it gives up 1 oxygen atom per molecule with the release of a great 
deal of heat. Superheated steam and oxygen at several hundred pounds 
pressure and at temperatures in the range of 1000 to 1300°F comprise the 
working fluid for the starter turbine. This system is similar to the fuel- 
pump drive turbine successfully used in the V-2 rocket. The weight of 
propellant required depends upon many factors, but should be of the 
order of 0.2 Ib/min per horsepower of starter requirement. The principal 
disadvantage of this kind of engine starter is the supply problem for the 
propellant. 
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The other possibility for a large air-borne starting system is a small 
gas-turbine prime mover, small enough in itself to use a battery-powered 
starter. Such a gas-turbine engine of 50- to 400-hp rating will not have 
an economical specific-fuel-consumption rate, particularly under part- 
load conditions, but fuel economy of the starter is not particularly impor- 
tant provided that it can take fuel from the main engine fuel tanks. Such 
auxiliary gas turbines are very light in weight and occupy a minimum of 
space. A gas-turbine engine capable of supplying 100 shp at 40,000 ft 
altitude, adequate for cabin-supercharging power requirements for large 
aircraft, as well as for auxiliary electric and hydraulic power require- 



Fig. 220. Section of small experimental Booing gas turbine, shaft power unit; maximum 
diameter, 22 in.; over-all length, 40 in.; static sea-level normal rating, 100 bhp; 50-lb jet 
thrust; weight, 140 lb. 

ments Avhen used in multiple units, will supply approximately 400 hp on 
the ground. Such an engine may be used to drive an electric generator, a 
hydraulic pump, or an air compressor for starting purposes. 

After an aircraft is in flight, ram at the engine inlet causes a sufficient 
flow of air through the engine to windmill the rotor, and after a sufficiently 
high speed has been reached, the fuel may be ignited, and the engine will 
start. Typical windmilling characteristics of turbojet engines are shown 
in Fig. 221. The centrifugal compressor is a low-efficiency flow device 
under Avindmilling conditions, so that the axial-flow engine demands a 
lower flight speed to produce the same percent of rated rpm. Windmilling 
speeds should not be confused with minimum engine-starting speeds. 
The data of Fig. 221 are without combustion. When the burners are 
ignited, engine speeds increase considerably above the data of Fig. 221, 
and engines will start at very much lower flight speeds than would be 
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required for cold windmilling to engine-starting speed. Because of 
limitations of combustion chambers, it is not always possible to ignite the 
burners at all flight speeds at high altitudes. Limitations on flight start- 
ing for a particular turbojet are shown in Fig. 222. 

The turboprop engine will start under windmilling conditions at very 
low air speeds compared with turbojet engines. It is necessary only to 
have sufficient forward speed to derive the relatively small starting torque 
requirement from the propeller as a windmill. Since the air mass flowing 
through the propeller disc is so very much greater than that flowing 
through an engine, starting may be accomplished at flight speeds under 
100 mph. 



Fig. 221. Windmilling characteristics 
of typical turbojet engines at all 
altitudes. 



ALTITUDE, FT. 

Fig, 222. Maximum flight speeds for successful 
starts with engine windmilling, as a function of 
altitude. 


66. The Lubrication System. There are relativdy few bearings to 
lubricate on the turbojet engine, and except for the auxiliary drive gears, 
no gear lubrication. The turboprop engine has a propeller reduction 
gear, which must be lubricated and cooled with lubricating oil. Other- 
wise, it is about the same as the turbojet engine. Figure 223 shows a 
schematic layout of an 1-40 turbojet lubricating system that is repre- 
sentative. The 1-40 has a row of air pumping vanes on the front of the 
turbine disc, and these vanes pump cooling air over the bearings and then 
over the disc surface. Therefore an oil cooler is not used except for air 
flow over the auxiliary gear case. Other engines that depend almost 
entirely upon lubricating oil for bearing cooling need small oil coolers, as 
on the Westinghousc 19XB and 24C engines (see Fig. 114). 

In Fig. 223, the oil pump has two elements, a lubricating pressure 
element and a scavenging element. The lubricating element takes oil 
from a reservoir in the bottom of the accessory drive casing, and passes it 
through a filter before delivering it to the four main bearings, the acces- 
sory drive coupling, and the shaft coupling sleeve. Oil from these points 
either drains back directly to the gear case or is picked up by the scaveng- 
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ing pump and returned to the oil reservoir. Accessory-drive gear 
lubrication is by splash. At rated engine rpm, the scavenging pump has 
a displacement of about 10 gpm, while the lubricating oil pump circulates 
about 3 gpm. 

Other lubrication systems have used air-atomized oil sprays on ball 
and roller bearings for mist lubrication, but the most satisfactory method 
appears to be delivery of high-pressure oil to vents or jets where needed. 
Loss of oil from the system is small, usually less than 1 pt/hr, so that the 
reservoir capacity need not be large. 

Lubrication of reduction gearing for turboprop engines is a separate 
problem. However, except for proper lubrication and cooling of the 
planet gear bearings, it is not particularly difficult. 



Fig. 223. Lubrication system diagram of General Electric 1-40 turbojet engine. 

67. The Fuel System. The primary control for all aircraft gas 
turbines is the fuel-throttle lever. Secondary controls are jet nozzle area 
or propeller pitch. Various functions such as engine rpm, turbine inlet 
or exit temperatures, air density, shaft power output, etc., may become 
a part of the general control scheme, but eventually we return to the 
necessity for a change in fuel-flow rate if we wish to make a major change 
in engine operation. 

Fuel supply systems fall into two basic groups. The simplest system 
mechanically is a constant-displacement fuel pump geared to the gas- 
turbine shaft or driven by a separate electric motor. Full manifold 
pressure is regulated by a by-pass or relief valve, and fuel flow to the 
spray nozzles is controlled by a simple throttling valve or by adjustment 
of the manifold pressure at the by-pass valve. The other basic system 
is a variable-displacement pump driven directly from the engine shaft 
or by a separate electric motor. Pump displacement is changed to meet 
varying fuel-flow requirements. 
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Under starting conditions, directly driven main fuel pumps usually 
do not have sufficient capacity at low starting speeds to ensure equal 
manifold pressure behind the spray nozzles. Therefore, either a separate, 
electrically driven starter pump is operated in parallel with the main 
fuel pump during the starting cycle, or an accumulator is employed to 
obtain a steady flow of fuel. The separate starter pump is the more 
positive measure, and can serve as an emergency fuel pump in the event 
of main-fuel-pump failure. The fuel line from the starter pump is pro- 
vided with a check valve to prevent backflow of fuel when the starter 
pump is not in operation. A separate main fuel pump with an electric 
motor drive would avoid the necessity for a starter pump or accumulator; 
but for reasons of reliability and mechanical sim- 
plicity, directly driven pumps have been used 
instead. 

When an accumulator is used in starting, the 
fuel manifold is shut off by a valve between the 
spray nozzles and the accumulator. The accumu- 
lator is a cylinder connected to the fuel manifold 
so that it is subject to fuel-pump pressure and flow. 

The cylinder contains a piston backed up by a 
heavy spring so that when manifold pressure is 
low, the piston is at the upper end of the cylinder 
and the accumulator has only a small volume. 

When the starter motor begins to turn the engine 
rotor, the positive-displacement fuel pump finds the 
fuel-manifold valve closed and therefore forces 
fuel into the accumulator instead, at a very low 
flow rate but at whatever pressure is required to move the piston against 
the force of the spring. Fuel flows into the accumulator until the 
piston reaches the end of its stroke, and the accumulator contains per- 
haps a pint of fuel, backed up by the piston and its spring. By then, the 
engine has been brought up to ignition speed by the starter motor, and 
either by means of a cycle control in the starter panel or by an over- 
pressure trip on the accumulator, the manifold shutoff valve is opened 
and high-pressure fuel flows from the accumulator to the spray nozzles. 
Fuel continues to flow until the accumulator is empty, and by then the 
engine should have accelerated to the point where the regular fuel pump 
is able to handle the flow requirement. 

A diagrammatic layout of the main fuel system for the Rolls Royce 
Nene jet engine is shown in Fig. 225. A booster fuel pump located at the 
fuel tanks is not shown. The two main fuel pumps are of the variable- 
displacement type. Operating in parallel into duplex nozzles, they have 
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adequate capacity to handle starting requirements at low starting speeds 
without an auxiliary starting pump. Throttle control is by means of a 
variable-area, manually operated valve. An idling by-pass is provided 
so that the high-pressure shutoff cock is used to stop the engine. 

Fuel-pump delivery pressure is regulated at a constant value by 
means of pump displacement control (see Fig. 226). The pump is of the 
wobble-plate type; the pump body carrying the pistons rotates with the 
shaft geared to the engine. Control of the angle of tilt of the cam or 
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Fiti. 225. Diagrammatic layout of engine fuel system for Rolls Royce None turbojet. 
{Flight magazine.) 


wobble plate determines the piston stroke and therefore the delivery at 
any given shaft speed. The cam plate angle is fixed by means of the 
spring-backed pressure-control piston servo. Fuel at pump delivery 
pressure is admitted to both sides of the servo control piston, but admis- 
sion on the spring side is through a restricted opening. If a relatively 
large leak is then opened behind the piston, the fluid pressures are unbal- 
anced, and the piston moves against the spring to reduce the tilt angle of 
the cam plate and thus the pump displacement. 

Connected to the fuel pump and its displacement-control servo is a 
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pressure regulator with an altitude-density control modulator. This is 
the barometric control unit also shown in Fig. 226. Pump delivery 
pressure is balanced by a spring. Any unbalance of pressure may result 
in closing the leak from the servopiston, which will reduce the fuel flow 
and therefore pressure; or too low a delivery pressure will close the leak 
and result in servopiston movement under the spring force to increase 
displacement and pressure. Connected to operate in opposition to the 
pressure-regulating spring in the barometric control is the barometric 
capsule, which is an evacuated Sylphon-type bellows. Variations in 
atmospheric pressure, and therefore air density, reset the fuel pressure 
regulator so that fuel flow through the throttle valve is approximately 
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Fi( 3. 226. Diagram of i)ump and barometric-pressure control unit showing interconnec- 
tions. {Flight magazine.) 


proportional to air density at varying altitudes. The fuel/air ratio 
therefore changes but little when the aircraft changes altitude, and the 
pilot does not have to shift the throttle lever continually to maintain 
constant engine rpm. The barometric control is not corrected for 
ambient temperature changes, although it is mounted on the front of the 
engine where it is subject to ram pressure in the air inlet plenum chamber. 

Also incorporated in the Nene fuel pump is a governor to prevent 
engine overspeeding. There are a number of drilled holes in the rotating 
pump body, indicated by dotted lines in Fig. 226. These holes communi- 
cate on the inlet end with the inlet to the pump and act like flow passages 
in the rotor of a centrifugal pump when the pump body rotates. A 
diaphragm in the upper part of the pump body is subject to fuel inlet 
pressure on one side and to the pressure developed by the centrifugal 
pump action on the other. An unbalanced fluid pressure force on the 
diaphragm appears, proportional to the square of the pump and engine 



294 


OAS TURBINES FOR AIRCRAFT 


speed. This force is normally opposed by a spring, so that a second leak 
from the servopiston remains closed. However, if the engine speed 
exceeds a preselected value, centrifugal pump pressure will overbalance 
the governor spring and open the servopiston leak, leading to an immedi- 
ate response to reduce fuel flow and therefore engine speed. This type 
of overspeed governor is quite simple, but is sensitive to changes in 
density of the fuel. 

Another device common to all aircraft gas turbines is the fuel dump 
valve. If the engine shutoff valve is closed and the engine stops, the 



Fia. 227. Flame igniter of Rolls Royce None turbojet engine (used only for starting). 
{Flight magazine.) 


fuel standing in the fuel lines and in the burner manifold ring will drain 
out through the lower spray nozzles and burn in pools in the lower com- 
bustion chambers. This may cause local overheating of the engine and 
warping of burner parts, in addition to constituting a fire hazard in the 
aircraft. The dump valve is normally held closed by fuel-line pressure. 
When pressure drops, it opens to immediately drain the engine manifold 
and fuel lines overboard to the ground before the engine has coasted to a 
stop. A dump valve is shown in Fig. 225, combined with a pressure- 
control valve to restrict fuel flow to the pilot burner section of the duplex 
nozzle until the pumps can supply fuel at sufficient pressure for the main 
nozzle flow. 

Spark plugs must be located so that they are not overheated by the 
primary burner flame under normal operating conditions. As a conse- 
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quence, ignition may be difficult with the small fuel sprays under starting 
conditions. The Rolls Royce Nene is fitted with flame igniters op two 
of the nine can-type burners (see Fig. 227). The flame igniter is a low- 
pressure fuel spray nozzle with its own spark plug, in a recess away from 
the main burner space. It is used only for starting and projects a jet of 
flame into the primary burner zone to ensure positive ignition of the main 
fuel spray. 



Fio. 228, Schematic layout of fuel system with constant-displacement pump and all- 
speed governor control. 

A different fuel supply system utilizing an all-speed governor is shown 
in Fig. 228. There are a great many individual variations possible with 
this system, but basically it operates by governor control of the fuel 
supply to the engine, so that engine rpm is kept constant at all altitudes 
and flight conditions after the governor control lever is once set. 

The fuel pump shown is a gear pump of a type capable of delivering 
up to 600 psi continuously if necessary. It could just as well be of the 
variable-displacement type shown in Fig. 226. 

The governor is a simple flyball type, operating directly on the main 
fuel-flow throttling valve with droop characteristic control by means of 
hydraulic feedback to an auxiliary governing spring. Actually, control 
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characteristics are not as accurate as could be desired with the governor 
operating directly on the fuel-flow control valve, and later models utilize 
a governor that controls the main fuel-flow valve through a hydraulic 
servo. Manual override of the throttle control is also desirable. The 
fuel pump builds up pressure until the main relief valve begins to by-pass 
fuel to the, pump inlet again, and the fuel system then operates at that 
basic pressure level. Other valves for safety relief, etc., are shown, as 
well as a pump by-pass check valve to permit the use of an auxiliary pump 
for starting or emergency purposes. The rate-of-pressure-rise control 
unit cooperates with the auxiliary relief valve to limit the rate of response 
of fuel flow to sudden position changes in the governor speed-control 
lever. This prevents excessively high fuel/air ratios in starting and 
acceleration with too-high turbine inlet temperatures. It also eliminates 
too-lean mixtures under deceleration that might result in flame extinction. 

Fuel-flow rates are sufficiently high in gas-turbine engines for the fuel 
itself to be used as the cooling medium in heat exchangers for a variety of 
purposes. Sufficient thermal capacity exists in normal fuel flows that 
lubricating-oil cooling, etc., may be accomplished readily by this means. 
However, if fuel is to be used as the heat absorber in aircraft air-condi- 
tioning heat exchangers, the temperature increase of the fuel may prove 
troublesome. Such heated fuels may cause vapor-lock difficulties unless 
maintained at high pressure until utilized in the combustion chamber. 

68. Gas-turbine Controls. The simplest gas-turbine engine for air- 
craft is the turbojet with fixed-area exhaust nozzle. There is one control, 
the pilot’s throttle lever, regulating the amount of fuel flowing to the 
burner spray nozzles. Auxiliary devices to prevent overspeeding of the 
engine or excessive turbine inlet temperatures may override the pilot’s 
manual control, but in the end, the only adjustment possible is rate of 
fuel flow. 

The next engine variation is the addition to the turbojet of an adjust- 
able-area jet nozzle. This complicates the control problem in that 
changes in either fuel flow or jet nozzle area, or both, may result in changes 
in engine rpm, efficiency, and thrust. These changes are apparent under 
steady operating conditions and during the transient conditions of acceler- 
ation or deceleration. The simplest type of flight control for this engine 
from the standpoint of the pilot would be a single control. This single 
control lever would adjust engine output for approximately constant 
thrust in a given flight speed range and altitude, with changes in thrust 
proportional to altitude-density changes. It would require a computing- 
type mechanism receiving data from a barometer, flight-speed indicator, 
engine-speed indicator, jet nozzle-area data, and turbine-temperature 
indicator along with the control-lever adjustment in order to solve com- 
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pletely the problem from the standpoint of most efficient operating speed, 
turbine inlet temperature, and jet-nozzle adjustment for a given set of 
flight conditions. From the known operating characteristics of the 
engine, it is possible to predict best rpm and jet nozzle area to meet the 
operating requirement with minimum fuel consumption. A computer 
type of control can then be constructed to yield engine-adjustment data 
along the lines of maximum fuel economy. The computer output would 
then dictate the position of the tail-cone adjustment for jet nozzle area 
and the speed-governor setting. The governor would regulate fuel flow 
to meet the speed requirement. 

Necessary modifications of the above plan would include engine over- 
speed protection and devices for limiting turbine inlet temperature. The 
conditions would also be changed during acceleration or deceleration in 
going from one control-lever adjustment to another, so that a transient 
lag linkage between the control lever and the computer is desirable to 
ensure that the engine response will follow the control lever as rapidly as 
is consistent with combustion-chamber and turbine limitations. 

By eliminating the automatic features of the computer-type engine 
control, engine adjustments may be left to the discretion of the pilot in 
selecting best engine speed and best jet nozzle area. 

The problem of the turboprop engine has all the elements of the turbo- 
jet with adjustable- jet nozzle plus a few others; particularly in the case 
of a turboprop with an adjustable-area exit nozzle. It is almost impera- 
tive that the turboprop engine be operated at or near its rated maximum 
rpm if maximum economy and engine life are to be obtained. The least 
penalty in increased fuel consumption at reduced power ratings is usually 
incurred when the engine is operated at rated rpm and reduced tempera- 
ture. This serves to simplify the control problem, although positive 
governor control is necessary to prevent overspeeding during transient 
load changes. 

Maximum turbine power is available almost instantaneously with 
maximum fuel admission to the burners. With the propeller adjusted for 
low reduced load at rated engine speed, the above change in fuel flow 
could result in a 5 percent overspeed condition in a matter of J sec or less 
for a representative turboprop engine, and a 30 percent overspeed condi- 
tion in approximately 2 sec. 

The maximum rate of propeller-pitch control may result in instability 
if the speed governor is not stabilized with acceleration-responsive con- 
trols for antihunt measures. Inertia of the rotating system contributes 
to instability. 

One system of control for turboprop engines would provide for power- 
output control at a regulated speed, the speed governor acting as a top- 
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ping or overspeed control. An overtemperature control would also be 
necessary. Propeller-pitch control would then be made by means of a 
torque-measuring device on the propeller shaft, to be overridden by the 
overtemperature control. The governor would admit sufficient fuel to 
maintain the required propeller rpm, within the permissible limits of 
turbine inlet temperatures. Altitude adjustments, either manual or 
automatic, would be necessary to recalibrate the power control with 
changes in altitude. This system should be stable. 

Figure 206 showed a performance map for a turboprop engine. 
Changes in propeller-pitch control may be made according to several 
different schedules. Constant advance angle ratio J for the propeller 



Fig. 229. Bristol Theseus turboprop engine. 


would follow the dashed line to the left of the operating point, correspond- 
ing to a fixed-area-turbojet operating line. Constant air flow through the 
engine would follow the vertical operating line, and constant pressure 
ratio across the compressor would follow the horizontal line. The 
generally preferred operating line lies between the constant-speed line 
and the line of constant J, when the jet energy is a considerable part of 
the engine power output. Therefore, for maximum combined propeller- 
plus-jet economy, the actual operating line might lie close to the constant- 
air-flow line, and the speed-governor setting would require some small 
adjustments with changes in power requirement. An adjustable-area 
jet nozzle on the turboprop engine would shift the direction of the most 
desirable operating line toward the constant-speed line. The problem 
then would be division of power between jet and propeller for most effi- 
cient over-all operation. 

69. Heat Exchangers. There was a brief discussion of heat exchangers 
in Chap. 8. There is not a great deal more that can be added here with- 
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out going into specific design details. Figure 229 shows the Bristol 
Theseus turboprop engine with exhaust heat exchanger. A calculation 
of an experimental tubular heat exchanger with about 0.50 effectiveness 
yields the following characteristics: 

Turbine Exhaust 


Flow, lb /sec 50 

Inlet pressure, psi 15 

Pressure drop, psi 0.75 

Inlet temperature, °F 900 

Outlet temperature, °F 650 

Compressor Flow 

Flow, lb /sec 50 

Inlet pressure, psi 45 

Pressure drop, psi 1.3 

Inlet temperature, 400 

Outlet temperature, °F 650 


This heat exchanger would occupy 31 cu ft of space and weigh 1,100 
lb, using stainless-steel tubing 0.010 in. thick. By going to thinner 
tubing and increasing the flow pressure losses, the weight and space 
requirements could be reduced by a factor of i approximately. 

Other types of heat exchangers have been suggested using porous 
bodies or perforated rotors through which the hot gases would flow for 
a part of the time and the cold air would then flow, picking up heat from 
the metal or ceramic body. No satisfactory mechanical arrangement 
has yet been suggested for an aircraft application of such a heat exchanger. 



CHAPTER 11 


PRESENT DEVELOPMENT STATUS OF GAS TURBINES 
FOR AIRCRAFT 

60. Tabulation of Current Aircraft Gas Turbines. It is not intended 
to give here a history of the development of gas turbines for aircraft use 
nor is it our purpose to tabulate the characteristics of all the gas turbines 
that have been developed within the last 10 years. Rather we haVe 
selected for tabulation current operational engines or development engines 
for which fairly complete performance information is available. Earlier 
models are, in general, omitted. The tabulation is restricted to British 
and United States gas turbines. 

Any attempt to present performance characteristics of turbojet or 
turboprop engines in tabular form must necessarily be somewhat arbi- 
trary, for it is not possible to represent a complete performance picture 
in terms of a few columns of numbers. For each engine listed in Table 9, 
information is given on type of compressor and combustion section, 
maximum power ratings, normal or recommended cruising ratings with 
corresponding rates of fuel consumption, maximum diameter, over-all 
length of engine, dry weight including the weight of propeller reduction 
gearing for turboprop units, and remarks dealing with special features. 
In addition, specific fuel consumption and engine specific weight, as well 
as thrust (or power) per unit engine frontal area, are listed. 

It will be noted, on a first study of this table, that turbojet engines 
outnumber shaft-horsepower units in the approximate ratio of 2:1. 
This reflects two facts: (a) that the dominant interest in developing air- 
craft gas turbines is still on the maximum-speed military applications for 
which turbojets are especially adaptable, and (b) that the turboprop 
engine involves a development task of greater magnitude than the turbo- 
jet. As has been pointed out previously, several of the turboprop engines 
listed have been developed by modification of a previous turbojet design. 

Designs with axial compressors outnumber those with centrifugal 
compressors. A few engines have mixed centrifugal-axial compressors. 
The greater popularity of the axial design is due to the fact that it makes 
possible a unit with a smaller frontal area for a given power output. 
The axial units have from 6 to 14 stages and yield compression ratios at 
maximum speed ranging from about 3 to 6. A corresponding range of 
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Table 9. Tabulation of Current Gas Turbines for Aircraft. — {Continued) 

Turboprops 
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Remarks 

Experimental shaft 
power unit 

This unit is ftted with 
heat exchanger giving 
15 percent imimive- 
ment in specific fuel 
consumption at cost (tf 
450 lb weight and re- 
duction of power out- 
put of 180 equivalent 
shp 

Shp 
(max.) 
per unit 
frontal 
area, 
hp/sqft 

0 0^0 IC o o 

eo 00 r- Cfl I-- cs 

CO N *-• CO CO esi 

Specific 

weight, 

Ib/shp 

0.79* 

0.77 

0.67 

1.08 

0 84 

0 69 

0 81 

Weight, 

lb 

140 

3,150 

750 

2,310 

2,000 

1,095 

2,800 

Over- 

all 

length, 

in. 

O to to to CO 0 « -H 

a» o o CM 

Maxi- 

mum 

diam- 

eter, 

in. 

CM OO OO OO 1^ 

CM CM eo CM -»• 

Normal thrust rating 

Fuel 
spe- 
cific, 
lb, /hr 
per 
equiv. 
shp 

1.00 

0.79 

0 78 

0 55§ 

0 81 

0 9 

Fuel, 

Ib/hr 

180 

2,420 

660 

825§ 

805 

Rpm 

36,000 
(2,500) t 

7,600 

13,750 

8,200§ 

17,000 

Shp 

160 + 50 lb 
jet thrust 

2,720 + 950 
lb jet thrust 
750 4- 265 lb 
jet thrust 
1,180 4- 330§ 
lb jet thrust 

900 + 270 lb 
jet thrust 

Marimum thrust 
rating 

1 

oD -r o> CO oo to 

Shp 

3,670 4- 1,150 
lb jet thrust 
1,010 4- 320 
lb jet thrust 
1,950 4- 500 
lb jet thrust 

2,200 4- 600 
lb jet thrust 
1,500 + 240 
lb jet thrust 
3,020 4- 1.225 
lb jet thrust 

Com- 

bustor 

2 burners 

11 cans 

6 cans 

9 cans 

9 cans 

5 cans 

9 cans 

1 

o 

Centrifugal 

Anal, 14-stage, 

= 5.0 

Axial 

Axial, 9-8tage, 

4- centrifugal, 

-3.1 X 1.4 =4.4 

Anal, 14-stage, 
yifc = 5.5 

Axial, 12>«tage, 
ypc = 5.5 

Axial, 4- centrifugal, 
= 6.3 

Manufacturer 
and type 

Boeing Model 502 

Armstrong Siddeley: 
Python 

Mamba 

Bristol Theseus 21 ... . 

General Electric TG- 
100. 

Napier Naiad 

Rolls Royce Clyde. . . 


* Specifics in terms of normal rating. 

1 400 Tnph at 20,000 ft altitude. 

1 9»ft driTOi by s cond-stage turbine, at this rpm through 10 1 reduction gearing. 
§ 300 mph at 20.000 ft. 
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compression ratios is attained in the single radial stage of the centrifugal 
compressor designs. 

Can-type combustors are used in most designs with the number of 
individual combustors ranging from 6 to 16. The trend, however, seems 
to be toward annular combustion sections, especially for the high-gas-flow 
axial designs. 

Maximum static sea-level thrust ratings for the turbojet engines 
listed range from 1,500 to 5,000 lb. Larger units in the thrust range 
from 5,000 to 10,000 lb are undoubtedly under development. The maxi- 
mum thrust power output of the largest current turbojets at top flight 
speed is over 8,000 hp. 

The maximum shaft power of the turboprop engines under static sea- 
level conditions ranges from 1,000 to 4,000 hp with appreciable residual 
jet thrust. Of the units listed, the maximum thrust power under flight 
conditions is not over 5,000 hp. 

Actual fuel consumption rates are given in Table 9 for the various 
engines under the specified operating conditions. Specific-fuel-consump- 
tion figures for the turbojets average slightly over 1.0 Ib/hr per pound of 
thrust, while for the turboprop units the power specifics range from 0.5 
to 0.8 Ib/hr per equivalent shaft horsepower. 

Actual engine weights are tabulated as well as the specific weights 
weight per unit thrust or per unit power output). Turbojet specific 
weights, in terms of maximum thrust outputs, range from approximately 
0.3 to 0.5 Ib/lb of thrust, while the specific Aveights for the turboprops in 
terms of maximum equivalent shaft power at flight speed range from 0.6 
to 1.0 Ib/hp. 

It should be emphasized that specific fuel consumptions or engine 
specific weights derived from Table 9 are not figures of merit to be used 
loosely in comparing individual engines. For example, one particular 
engine may have a higher specific Aveight than others of the same type, 
yet if it has even a slightly lower specific fuel consumption it may yield 
better over-all performance Avhen used to poAver a particular aircraft. 

Another figure of merit of considerable interest for comparative pur- 
poses is given in this table. This is the thrust or poAver output per square 
foot of engine frontal area. For turbojet units with centrifugal com- 
pressors, the current average value is 300 lb of thrust per square foot of 
frontal area (the engine’s frontal area is taken as the area of a circle 
whose diameter is equal to the engine’s maximum diameter). For jet 
engines with axial compressors, the corresponding average figure is 
roughly 525 lb of thrust per square foot. A rough figure for the listed 
turboprop units with axial compressors is 300 shp/sq ft. For reciprocat- 
ing aircraft engines the corresponding figure will vary considerably from 
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engine to engine but is approximately 150 to 200 shp/sq ft for current 
operational engines. 

Assuming that engines of all these different types are installed in 
nacelles with a frontal area, let us say, 50 percent greater than the engine 
frontal area but of equal aerodynamic cleanliness, the above ratios of 
thrust per unit frontal area permit a comparison of the fraction of the 
engine^s output that is used up in dragging the engine itself through the 
air. We find that a reciprocating engine with shaft horsepower/area 
ratio equal to 200 shp/sq ft can just about propel itself at flight Mach 
numbers in the neighborhood of Mo = 1, assuming that the shaft power 
can be converted to thrust power with reasonable efficiency and that 
cooling drag is not excessive. In contrast, an axial-flow turbojet with a 
thrust per unit frontal area of 500 Ib/sq ft will use up only about 20 per- 
cent of its power in pulling itself through the air at the same flight speed. 

The small experimental Hoeing gas turbines are inciluded in Table 9 
for a particular purpose. They were not developed primarily for air- 
craft propulsion but for auxiliary power purposes. It is interesting to 
note, however, that these very small units compare ejuite favorably with 
the much larger propulsion units in specific weight and even in efficiency 
as measured by specific fuel consumption. 

61. Examples of Current Installations of Gas Turbines in Aircraft. 
The Lockheed F-80 Shooting Star provides an excellent example of 
the installation of a single turbojet engine in the fuselage of a fighter-type 
military plane. The engine used in the F-80A is the (leneral l']le(^tric 
1-40 (J-33), and in the F-80B the Allison-built J-33. This engine has a 
double-entry centrifugal compressor requiring a plenum-chamber type 
of installation. Twin side inlets slightly forward of the wing leading 
edge are used. These are shown in Figs. 230 and 231, which show the 
F-80A and F-80B in flight. The use of such side inlets rather than a 
nose inlet is justified on the grounds that it provides as good ram recovery 
as the nose inlet and that removal of air at these points improves the flow 
in the neighborhood of the wing-fuselage juncture, and thereby raises the 
critical Mach number at this intersection. The ram pressure recovery 
is about 70 percent of what would be attained in a 100 percent efficient 
diffusion process. The jet exhaust is at the tail of the plane. The 
fuselage-tail assembly is detachable to permit ready access to the engine, 
which is mounted in such a manner that the entire engine can be removed 
and changed in a minimum of time. 

The F-80 will occupy a special place in the history of United States 
military aviation because it was our first operational jet plane and because 
of outstanding performance. The F-80 in June, 1947, established an 
official world^s record, for a 3-km course, of 623.8 mph. Figures 230 and 
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231 show the use of droppable wing-tip fuel tanks. It is advantageous 
that installation of these tanks does not increase the plane's total drag. 
This is because their presence improves flow conditions near the wing tips 
sufficiently to offset the drag forces on the tank. The F-80B has a wing 
span of 38 ft 10 in., over-all length of 34 ft 6 in., weight empty of about 
8,000 lb, and maximum weight loaded of about 14,000 lb. Thus the 
thrust loading is approximately 3 lb of plane per pound of thrust. 

The Douglas D-558 Skystreak, developed for the United States Navy 
as a research aircraft for very high speeds, is an outstanding example of a 



Fig. 232. The Douglas D-558 Skystreak, developed as a research aircraft for the United 
States Navy. The General Electric TG-180 (J-35) engine is used. 


plane powered by a single turbojet unit. The General Electric axial- 
flow TG-180 is used. Figure 232 is a cutaway view of this aircraft. 
Air is taken in at the divided nose inlet and discharged through a nozzle 
in the tail of the fuselage. This plane has a wing of thin section and a 
sharp leading edge. Great care has been taken in all aerodynamic 
details. In August, 1947, this plane established a new official world 
speed record of 650.6 mph. The wing span of the Skystreak is 25 ft, 
length 35 ft, gross weight less than 10,000 lb. The thrust loading for 
the record flight was probably less than 2.5 Ib/lb of thrust. 

In Fig. 233 two twin-engine jet fighters are illustrated. These are 
the XFD-1 Phantom and XF2D-1 Banshee, developed for the United 
States Navy by McDonnell. The Phantom is powered by two Westing- 
house 19XB (J-30) axial-flow engines and the Banshee by two 24-C (J-34) 
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turbojets. The similarity of these two planes, except as to size, is obvi- 
ous. Note the location of the inlets. It was found that the engines 
could be buried in expanded wing roots next to the^fuselage with less drag 
than if they were located farther outboard in conventional nacelles. 
Very little performance data have been released on the Banshee. Rate 
of climb is over 9,000 fpm; the wing span is 41 ft and the length 39 ft; 
weight at take-off is more than 14,000 lb; total thrust 6,000 lb. 



Fig. 233. The McDonnell twin-jet-enRine Navy fighters Phantom and Banshee. The 
Phantom is powered by two Westinghouse 19XB (J-30) axial engines and the Banshee by 
two Westinghouse 24C (J-34) axial-flow turbojets. 


The North American B-45 Air Forces heavy bomber is a good example 
of adaptation of conventional aircraft design to turbojet power. This 
plane, shown in flight in Fig. 234, is powered by four J-35 turbojets 
manufactured by Allison. These are installed in pairs in wing nacelles 
of rather unconventional form in which the engines are supported well 
forward of the wing’s leading edge. Wing-tip fuel tanks are also evident. 
This bomber has a wing span of 89 ft 6 in. and a length of 74 ft. Detailed 
performance figures cannot be given. 

Figures 235 and 236 show two widely divergent solutions to the prob- 
lem of installing six turbojets in a large high-speed bomber. Figure 235 
shows the Martin XB-48 Air Forces bomber powered by six General 
Electric J-35 turbojets. Here the problem of integrating the triple 
nacelle with the wing has been carefully handled. Otherwise this plane 
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is fairly conventional in design. Figure 236 shows the Boeing XB-47 Air 
Forces bomber. This is also powered by six J-35 engines, but the instal- 
lation problem has been handled in a radical manner. The thin wing is 
swept back 45 deg to delay the incidence of critical compressibility phe- 



Fio. 234. The four-engine North American B-45 Air Forces bomber. Powered by four 
Allison J-36 axial turbojets installed in twin wing nacelles. 



Fig. 236. The Martin XB-48 bomber powered by six General Electric J-35 turbojets. 


nomena. Two engines are suspended, in a twin nacelle well below and 
forward of the wing, by a streamlined strut. This inboard nacelle is 
roughly one-third of the way out from the root of the wing. The out- 
board engines are suspended below the wing in a single-engine nacelle of 
more conventional form. This nacelle is located roughly 80 percent of 
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the way out from the fuselage. The unconventional manner in which the 
four inboard engines are suspended below the wing was undoubtedly 
arrived at because of the desire to keep the thin swept-back wings as 
clean, aerodynamically, as possible. 



Fig. 23G. The Boeing XB-47 jet bomber using six J-35 engines. Note the thin swept- 
back wing and the unusual disposition of the engines. 



Fig. 237. The Northrop YB-49 flying-wing bomber powered by eight J-35 axial-flow 
engines. 


The Northrop jet-powered flying-wing bomber YB-49 is shown in 
Fig. 237. This aircraft of unusual design is powered by eight TG-180 
(J-35) engines. The clean installation of the high-output axial-flow 
engines in this type of plane is apparent. Performance information is 
not available at the time of writing. 
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Illustrations of turboprop engines, installed, have not been included 
in this chapter for two reasons. First, as we have noted, most of these 
engines to date have been experimental adaptations of turbojet units. 
Second, they have generally been installed in a conventional manner in 
conventional-type planes. Much remains to be done on the development 
and application of this type of aircraft power plant. 

One of the claims for superiority of turbojet engines in high-speed 
applications has been that the small frontal area for a given power would 
permit buried engine installations. That this claim has been only par- 
tially realized is evident from Figs. 230 to 237. For wing installations 
we must, however, point out that, although turbojets (particularly, axial- 
flow) have excellent thrust-per-unit-frontal-area characteristics, the 
simultaneous trend toward thinner wing sections on high-speed planes 
has operated against the realization of the completely buried engine 
installation. 

62. Influence of Engine Characteristics on Aircraft Performance and 
Design. At the time of the appearance of the first practical gas-turbine 
turbojet units, development of the reciprocating-engine-propeller power 
plants had, in certain directions, reached the point of diminishing returns. 
For high-speed applications, we had to face the situation of propeller 
efficiencies falling off with increasing speed because of blade-tip compres- 
sibility losses. At the same time the larger powers required for higher 
speed flight called for larger power units. The lower limit of engine 
specific weights had practically been reached in available power ratings, 
and there was reason to believe that it would increase again for engines 
of larger output. Then, too, as we have pointed out in Sec. 60, the power 
per unit frontal area of aircraft reciprocating engines (150 to 200 shp/sq 
ft) is so low that such an engine installed in its nacelle might have difficulty 
in propelling itself at flight Mach numbers in the neighborhood of unity. 
Thus the possibility of extending our flight experience into the range of 
sonic and supersonic speeds with the reciprocating-engine-propeller type 
of power plant seemed unpromising. 

Accordingly the appearance of the turbojet engine with markedly 
smaller specific weights and higher thrusts per unit frontal area greatly 
stimulated interest in high-speed flight. This has been directly respon- 
sible for the recent great advances in high-flight-speed research, the results 
of which are now beginning to appear in the designs of the aircraft 
themselves. 

Present types of turbojet power plants may be used up to flight Mach 
numbers in the neighborhood of Mo = 1.5, and it is possible that variants, 
such as the use of afterburning, may extend the useful speed range up to 
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ilfo = 2.5. Experimental aircraft for these flight speeds are now under 
development. 

One of the popular methods of contrasting th^ reciprocating-engine-f 
propeller combination with turbojet units has been to point out that the 
former is essentially a constant-thrust-power device (vs. flight speed), 
while the latter is essentially a constant-thrust device (vs. flight speed). 
In consequence, two such power plants producing equal thrust horse- 
power at a given flight speed, say, 400 mph, will produce widely different 
effective thrusts at take-off. For these conditions, the reciprocating- 
engine-propeller combination may produce two to three times the effec- 
tive take-off thrust of the turbojet unit. This has led to the idea that 
the take-off characteristics of turbojet-powered aircraft tend to be poor. 
Owing to the fact, however, that present-day jet planes are being ade- 
quately powered for top flight speeds of 600 mph or greater, the take-off 
characteristics are found to be quite satisfactory judged by customary 
standards. 

There is, of course, always the desire to get greater useful loads into 
the air with any given power plant. For this reason, thrust augmenta- 
tion of turbojets and assisted take-off of jet-powered planes is receiving 
considerable attention. Augmentation by 'coolant injection of a water- 
methanol mixture is producing 20 percent or larger increases in maximum 
thrust. Experiments with afterburning promise greater thrust increases, 
with the percentage increase going up rapidly with flight speed. For this 
reason, reheat augmentation by afterburning is being considered as a 
means of extending the practical top flight speed of turbojet craft. As 
pointed out in Secs. 49 and 50, the weight and drag penalty of such 
schemes must be carefully balanced against the weight involved in the 
use of a larger power plant. 

Because of its high rate of fuel consumption, the turbojet power 
plant has been used largely to power high-speed short-range aircraft. 
The low specific weight of these engines and their high thrust per unit 
frontal area tend, however, to offset the poor fuel economy. Whereas the 
range of reciprocating-engine-powered aircraft is practically independent 
of altitude, the jet plane’s maximum range increases markedly with 
increasing altitude (approximately 25 percent for each 10,000-ft increase in 
flight altitude). As a consequence, jet planes operating under maximum 
range conditions must fly at or near their service ceiling. 

With jet engines of current efficiencies, specific weights, and thrust/ 
area ratios installed in clean planes of current conventional design, the 
maximum range for a craft of 60,000 lb gross weight, with a full fuel load, 
is approximately 3,500 miles. Optimum conditions for range are realized 
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for wing loadings of the order of 50 Ib/sq ft and thrust loadings in the 
range of 3 to 4 lb of gross weight per pound of thrust. The maximum- 
range air speed is about 400 mph and the flight altitude about 45,000 ft.^ 
The fuel necessary for such a maximum-range flight would be of the order 
of 25,000 lb or 0.4 times gross weight. The loaded weight of the plane 
during the flight would vary from 60,000 lb at take-off to 35,000 lb at 
the end of the flight. For maximum-range flight, the air speed, altitude, 
power required, etc., must change continuously from take-off to end of 
flight. With fuel load so large a fraction of the total take-off gross 
weight, the weight of the fuel must be centered near the center of gravity 
of the empty plane. Otherwise, the center of gravity will shift too much 
during the flight. 

The output of turboengines, whether turboprop or turbojet, at a 
given flight speed falls with increasing altitude at a rate between that of 
a supercharged and an unsupercharged reciprocating engine. Quanti- 
tatively, the output varies roughly as the two-thirds power of the relative 
density at altitude. At the same time the specific fuel consumption 
decreases with increasing altitude, owing to the improvement in cycle 
efficiency with the lower ambient temperatures encountered at high 
altitjide. 

-■"''^Jhe specific fuel consumption of turbojet engines at a given altitude 
and rated rpm falls off with increasing flight speed roughly as the inverse 
of V, In contrast, the thrust specific fuel consumption for a reciprocat- 
ing-engine-propeller combination increases practically linearly with F. 
Turboprop fuel-specific variation lies between these two. 

" The change of rated thrust power output with flight speed also differs 
for the different power units. For the turbojet, rated thrust power 
output increases roughly proportionally to V, For the reciprocating- 
engine propeller, output is roughly independent of V. Again the turbo- 
prop power-output variation is intermediate. 

The combination of all these factors into a quantitative analysis has 
led to the generally accepted conclusions that the natural field of applica- 
tion of turbojet engines is in the region of high-speed and high-altitude 
flight, while the reciprocating-engine propeller will satisfy the low-speed 
and low-altitude requirements. Turboprops will again occupy an inter- 
mediate place. Quantitative discussion will be omitted here because 
results depend on engine efficiencies, propeller efficiencies, assumptions 
regarding aircraft design, etc. 

There is a marked difference between turbine power plants and 
reciprocating engines in regard to partial power characteristics. Maxi- 

1 Tifford, a. N., The Application of Gas Turbines to Aircraft, Aeronaut. Eng. 
Rev.f vol. 7, pp. 33-41, 1948. 
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mum fuel economy for reciprocating engines is obtained at roughly 60 
percent maximum power output. For turbines engines, maximum 
economy may coincide with maximum output. ' There is considerable 
interest in the partial power characteristics of turbine engines, and work 
is being done on the advantages of partial power operation with reduced 
turbine inlet temperatures, use of variable-area jet nozzles, etc. On 
multiengine jet planes, the advantages of partial power operation must 
be weighed against operation with some of the engines shut down. 

63. Design Trends in Aircraft Gas Turbines. In Fig. 238 average 
curves of engine specific weights, specific fuel consumption, and thrust 
per unit frontal area are drawn for American, British, and German turbo- 
jet engines against a time scale in years. The empirical points upon 
which these curves are based scatter rather widely, so that there is some 
freedom of choice in drawing average curves for the period 1942 through 
1947. This uncertainty will reflect itself in the 4-year projection included 
in these graphs. 

It will be noted that the average specific weight of turbojet units has 
decreased approximately by a factor 2 in the fi-year period 1942 to 1948. 
Current high-performance turbojet units have specific weights in the 
range of 0.35 lb of weight per pound of maximum thrust. The indicated 
decrease in specific weights includes not only w^eight-saving improvements 
in design and use of materials but also the effect of the trend with time 
toward larger engines. We may soon reach the period of diminishing 
returns on weight-saving improvements per se, so the future specific- 
weight curve may reflect largely the weight improvement possible in 
the larger turbojets of the future. The first installations of turbojets 
were in high-speed, relatively short range aircraft, and this type of appli- 
cation emphasized the importance of low engine specific weights. As 
developments go forward in the direction of longer range applications, 
emphasis will shift more and more toward higher efficiency, and the 
significant weight parameter will become specific engine-plus-fuel weight. 
Additional engine weight, leading to improved efficiency, will then b*e 
justified if it leads to a lower value of this parameter. 

Specific fuel consumption expressed as pounds of fuel consumed per 
hour per pound of (maximum) thrust is the commonly used parameter for 
expressing turbojet efficiency. This is also plotted against time in Fig. 
238. The average curve indicates a 35 percent improvement from 1942 
to 1948. The extrapolated portion is drawn with a decreasing slope and 
indicates an expected further improvement of 10 percent from 1948 to 
1952. These improvements have resulted and will continue to result 
from improvements in component efficiencies, higher compression ratios, 
and higher turbine inlet temperatures. Higher compression ratios and 
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higher turbine inlet temperatures will eventually react adversely on 
engine specific weights. 

Figure 238 also gives a trend curve for thrust per unit frontal area. 
In drawing this average curve, points for engines having centrifugal as 





TIME SCALE -YEARS 

Fig. 238. Average curves of turbojet specific weights, specific fuel consumptions, and 
thrust per unit frontal area plotted against a time scale in years. The dotted portions 
represent an estimate of the future trend of these quantities. 


well as axial compressors were used. The fact that the ‘'mix ” has tended 
toward a larger percentage of axial turbojets, with their inherently smaller 
diameter for a given output, explains a part of the very large increase in 
this quantity (fourfold increase from 1942 to 1948). The projected por- 
tion of the curve indicates the possibility of axial-flow engines giving 
maximum static sea-level thrusts of over 1,000 Ib/sq ft within 5 years. 
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Average maximum turbine inlet temperatures have increased approxi- 
mately 20®F per year during the period 1942 to 1948, with current values 
ranging from 1500 to 1600°F. New alloys designed specifically for gas- 
turbine application will permit this limit to be raised by significant 
amounts in the near future. Higher permissible turbine inlet tempera- 
tures will call for compressors of higher compression ratios in order to 
realize the full benefit of the increased temperature on engine efficiency. 

The design compression ratios of contemporary turbojets range from 
4 to 6. It is believed that a compression ratio of about 6 is the practical 
upper limit for single-stage centrifugal compressors. Approximately 
the same limit holds for multistage axial compressors. It is possible, 
however, to achieve higher over-all pressure ratios (perhaps as high as 10 
to 15) by the use of two separate compressors in series. 

For a turbine inlet temperature of 1500°F and reasonable component 
efficiencies, optimum cycle efficiency is realized for a compression ratio 
of about 9:1. This does not necessarily mean that we should strive for 
this compression ratio in a 1500®F turbojet. Engine specific weight 
increases with compression ratio, and it is found that minimum engine- 
plus-fuel weight for a medium-duration flight is obtained for a compression 
ratio of approximately 5. For longer range applications, minimum 
engine-plus-fuel weights will be found for compression ratios nearer to 
the compression ratio for optimum cycle efficiency. This fact and the 
fact that optimum pressure ratio for cycle efficiency increases with increas- 
ing turbine inlet temperature will tend to focus future development 
interest on compressors of higher compression ratio. 

One should not expect rapid improvement in component efficiencies, 
combustion efficiency, ram entry efficiency, etc. Rather we should 
expect a steady slow improvement in these factors, which contribute so 
importantly to the over-all performance of aircraft gas turbines (particu- 
larly for off-design operation). Increases of 1 to 3 percent in these factors 
in the next 5 to 10 years should be considered a satisfactory rate of 
progress. 
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Chart 1. Thermodynamic properties of air. {By permission of United States Navy 
Department^ Bureau of Ships^ Research and Standards Branchy Research Memo, No. 6-44.) 
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28-32 to 56.32 TCdegreesR) 1030 to 1241 b(BTU/lb.). 
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Theriiiodyiiaiiiic properties of air. {Continued.) 
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Chart 1. Thermodynamic properties of air. (Continued.) 
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Chart 1. Tliennodynainic properties of air. (Continued,) 
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Thermodynamic properties of air. {Continued.) 
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Chart 2. Compression, water-vapor correction for temperature and enthalpy rises where 
^Tg = ATa{i — Atm) and = A^o(l + Ahm). {By permission of United States Navy 
Departmenif Bureau of Ships, Research and Standards Branch, Research Memo. No. 6-44.) 
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Chart 3. Expansion, temperature water-vapor correction where AT’p == A^ToCl — Btm). 
{By permission of United States Navy Department^ Bureau of Ships^ Research and Standards 
BrancK Research Memo. No. 6-44.) 




Chart 4. Expansion, enthalpy water-vapor correction where Nhg — AhaO- •+■ Bht»), 
{By permission of United States Navy Department, Bureau of Ships, Research and Standards 
Branch, Research Memo. No. 6-44.) 
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Chart 6. Expansion, temperature fuel correction for fuel H/C = 0.15 to 0.18 where 
I^Tg *= AToCl “ Btf). (By permission of United States Navy Department, Bureau of Ships, 
Research and Standards Branch, Research Memo. No. 6-44.) 
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Chart 6. Expansion, enthalpy fuel correction for fuel H/C = 0.16 (diesel and fuel oil) 
where ^hg = Aha(l 4- Bh/). {By permission of United States Navy Department, Bureau of 
Ships, Research and Standards Branch, Research Memo, No. 6-44.) 
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Chart 7. Expansion, enthalpy fuel correction for fuel H/C — 0.18 (kerosene and gaso- 
line) where ^hg = A^a(l + ^a/). {By permission of United States Navy Department^ 
Bureau of Ships, Research and Standards Branch, Research Memo. No. G-44.) 
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Chart 8. Heat exchange, enthalpy water- vapor correction where = Ahail + Chm)- 
(By permission of United States Navy Department, Bureau of Ships, Research and Standards 
Branch, Research Memo. No. 6-44.) 
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Chart 9. Heat exchange, enthalpy fuel correction for fuel H/C =0.15 (diesel and fuel oil) 
where Ahg = AhaO -1- CV)- {Ry permission of United Stales Navy Department, Bureau of 
Ships, Research and Standards Branch, Research Memo. No. 0-44.) 




FLOW CORRECTION FLOW CORRECTION Of 


344 


GAS TURBINES FOR AIRCRAFT 




0000 

-0010 

- 0020 

- 0030 


ooo 


OOl 


002 


003 


004 


005 


006 


-0040 


('hart 11 . Flow and density, water-vapor and fuel corrections where W„ = TToCl -h D) 
and pg = prt(l -f JT). {By permission of United States Navy Department, Bureau of Ships, 
Research and Standards Branch, Research Memo, No. 6-44.) 



Chart 12. The effect on the ga« constant R for air with the addition of varying quantities 
of products of combustion for fuels of different H/C ratios, 
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Absolute temperature, 1 
Accumulator, fuel, 291 
Advance angle, propeller, 32-34 
Aeropulse engine {see Pulse jet engine) 
Afterburning, in turbojet {see Turbojet, 
afterburning in) 

Air, thermodynamic properties of, 1, 6, 
7, 9, 10, 212 

Air dissociation, molecular, 213 
Air flow, corrected, 253-257 
Air relaxation time, 212, 213 
{See also Atmosphere) 

Aircraft, design trends of, 313-315 
Aircraft performance, 310-315 
flight speed in, 310, 311 
Aircraft range, 311, 312 
Airfoil, 10-17 

angle of attack of, 11, 12, 23 
aspect ratio of, 1 1 
brake for, 15 
camber of, 11-14, 23 
chord, 11 

compressible flows over, 22-24 
drag of, 10-14, 16, 23 
flaps, 14, 15 
lift of, 10-14, 23 
lift /drag ratio of, 24 
profile drag coefficient of, 13, 23 
profile form of, 11 
slot for, 14-16 
span, 11 
spoiler for, 15 
stall in, 14, 23 
suction for, 15, 16 
supersonic, 16, 17 
Airfoil moment, 11, 12 
coefficient of, 10-14 

Alcohol injection, engine intake, 271-273 
Alloys, for turbine blade, 184-190 
cast, 188-190 
wrought, 184-188 


Ambient temperature, cycle effects, 227, 
228 

thrust effects, 229, 230 
Ammonia dissociation, 272, 273 
Ammonia injection, engine intake, 272, 
273 

Angle of attack, 11, 12, 23 
Arithmetical mean specific heat, 209-212 
Aspect ratio, airfoil, 11 
for blade, 114, 115 
Athodyd {see Ramjet) 

Atmosphere, composition of, 4, 5 
density of, 1, 4, 5 
enthalpy, 6, 41, 42 
entropy, 6 
gas constant, 6 

humidity effects of, on engine perform- 
ance, 239, 240 
internal energy of, 5, 6 
internal friction of, 9, 10 
kinematic viscosity, 9 
moisture, 4, 5 
perfect-gas law, 1, 5, 6 
pressure, 1, 4, 5 
relative humidity, 4, 5 
specific heats, 5, 6 
temperature-altitude relations, 2-3 
lapse rate, 2 
tropopause, 2 
troposphere, 2 
velocity of sound, 9, 10 
viscosity, 9, 10 
water vapor, 4, 5 

Atmosphere dissociation, molecular, 213 
Attack, angle of, 11, 12, 23 
Augmenters, thrust, 266, 267 
Axial-flow compressor (sec Compressor) 

B 

Barometric control, 293 
Bearing, compressor, 129 
Blade, ceramic, 194 
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Blade, compressor {see Compressor blade) 
turbine, alloys for, 184-190 
cast, 188-190 
ceramic, 190, 191 
wrought, 184-188 
cooling of, 181-184 
incidence angle, 169 
lift forces on, 177, 178 
materials for, 184-191 
nozzle for, 169 
Blade-path design, 158-164 
Blade shapes, 165-169 
Blade temperatures, turbine, 181-184 
Boundary friction, flow, 62-65 
Boundary layer, flow effects of, 54, 55 
thickening of, 55 
Brake, airfoil, 15 
Brayton cycle, 204 
Burners, annular, 141, 144 
can, 140, 141 
carbon deposits in, 152 
combustion in, 149, 150 
combustion range of, 150, 152 
flow velocity of, 141, 142, 150 
friction losses in, 153-155 
hot cup, 149 
ignition, 150 

materials Jind design of, 144, 145 
pressure losses in, 152-155 
pulsation, 152 
ramjet, 247, 248 

temperature stratification, 143, 144 
{See also Combustion, buriuT types) 

C 

Camber, airfoil, 11-14, 23 
Carbon deposits in burners, 152 
Carbon dioxide dissociation, 213 
Cascade, compressor-blade characteristics 
in, 123, 124 

Centrifugal compressor {see Compressor, 
centrifugal) 

Ceramic turbine blades, 190, 191 
Chord, airfoil, 11 
Coal, powdered, 132 
Combustion, 134-140 
in burner, 149, 150 
burner efficiency of, 146 
burner types, 140-145 


Combustion, carbon deposits in, 152 
enthalpy balance of, 134, 222 
enthalpy corrections for, 135, 136 
flame propagation in, 140 
friction pressure losses in, 153-155, 222 
heat of, 132, 134 
hot cup, 149 
ignition, 150 
lower heat of, 134 

momentum pressure loss in, 61, 62, 222 
pressure losses, total, in, 152-155 
primary flame in, 139, 140 
pulse jet, 273-275 
in ramjet, 247, 248 
secondary flame in, 139, 140 
temperature rise for, 136, 137, 275 , 

temperature stratification, 143, 144 
water-vapor correction for, 215 
Combustion efficiency, definition of, 137 
Combustion process, 138 
Combustion products, composition of, 
137, 138 

dissociation of, 213 
gas-constant corrections for, 220 
thermodynamic corrections for, 134- 
136, 215 

expansion, 216, 217 
flow density, 219, 220 
heat exchange, 219 
mass flow, 219, 220 
Combustion pulsations, 152 
Combustion range of burner, 150-152 
('ombustion turbulence and mixing, 139, 
140, 150 

(Combustor {see Burners) 

Components, gas turbine, matching, 257- 
265 

Compound engine {see Engine, com- 
pound) 

Compressible flow, 20-27, 41, 42 
Compressibility, 20-27 
of propellers, 35 
Compression, adiabatic, 6, 93 
heat of, 93 
isen tropic, 6 
loss free, 93 

water-vapor correction for, 213, 214 
Compression efficiency, 93-96 
Compression ratio, effects of flight speed, 
235, 236 
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Compressor, 93, 131 
axial-flow, 108r-131 
bearings for, 129 
cascade efficiency of, 112, 113 
constant circulation, 113, 114 
construction details of, 127-131 
disc-type rotor, 127 
drum-type rotor, 127 
external flow characteristi(;s of, 124- 
126 

flow energy of, 108, 109 
flow equilibrium conditions in, 113 
flow function, Q/nD^ 120 
impulse blading of, 116, 117 
mass flow capacity of, 115 
off-design characteristics of, 119, 123 
pressure-flow characteristics of, 124 
prewhirl, 122 

reaction blading of, 116, 117 
Reynolds number, 115, 116 
stage pressure limitations on, 109 
stage pressure-rise ratios of, 109, 1 10, 
117, 121-123 

stall characteristics of, 109 
symmetric flow of, 115, 116, 118 
tangential flow of, 109, 110 
thrust loads of, 129, 131 
vortex blading of, 117, 118 
whirl, 109, 110 
centrifugal, 97-108 

diffusers for, 97, 104-106 
external-flow characteristics of, 106- 
108 

flow in, 97-108 
flow energy in, 97, 98 
flow function Q/nD^, 102 
flow Mach numbers, 100-105 
flow rate of, 99-103 
impeller, 97 

impeller tip speed, 98, 108 
pressure-flow characteristics of, 106- 
108 

pressure ratio of, 98, 108 
slip factor of, 98, 99 
vortex diffusion of, 104, 105 
Comprex, 279-281 

Compressor, coolant injection, 270-273 
diffuser of, 97, 104-106 
flow characteristics of, 72, 106-108, 
124-126 


Compressor, impeller of, 97 
inlet flow, restriction factor of, 72, 73 
mixed flow, axial plus centrifugal, 127 
multistage, efficiency of, 95-96 
pressure ratio of, 94 
operating line of, 107 
preheat effect of, 94-96 
pressure coefficient of, 99 
prewhirl, inlet, 104 
slip factor in, 98, 99 
temperature ratio of, 94 
Compressor blade, aspect ratio of, 114, 
115 

axial force of, 112 
cascade characteristics of, 123, 124 
design of, 127-130 
flow deflection angle of, 114 
flow turning of, 110-113, 118, 119 
lift forces on, 122, 123 
materials for, 127, 128 
pitch /chord ratio of, 120 
row pressure rise of , 109, 110, 117, 121- 
123 

tangential force of, 137 
tip leakage of, 115, 120, 128 
tip shock of, 109 
tip speed of, 122 

Compressor efficiency, definition of, 93 
Compressor inlet, total pressure of, 221 
Comprex compressor, 279-281 
(We, exhaust, 197 
shock wave on, 86-89 
(Wstant-circulation compressor, 113, 114 
Constant-circulation turbine, 160 
Control, barometric, 293 
engine, 296-298 
computing type, 296, 297 
propeller, 297, 298 
single, 296 
turboprop, 297, 298 
Coolant, fuel as, 296 
Coolant injection {see Intake coolant 
injection) 

Cooling, nozzle, 197, 198 
Corner, inside shock in, 91, 92 
supersonic flow around, 89-92 
Corrected variables (see Variables, cor- 
rected) 

Correction factors, flow, 67, 68 
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Cycle, ambient temperature effects of, 
227, 228 
Brayton, 204 
compound engine, 281 
gas turbine, 204-231 
heat-to-work, 227, 228 
ideal efficiency, 204, 206 
Joule, 204 

pressure ratio of, 222 
pulse jet, 273, 274 
ramjet, 247 
turbojet, 205-209 
turboprop, 205-209 
work output, 227, 228 
Cycle calculations, precise, 212, 220 
Cycle characteristics, 220-230 
Cycle computations, 204-209 
combustion-products correction, for 
flow density, 219, 220 
heat exchange, 219 
mass flow, 219, 220 
compressor, corrections for water va- 
por, 213, 214 
gas generators, 278 
graphical methods, 209 
water-vapor correction, for flow den- 
sity, 219, 220 
heat exchange, 219 
mass flow, 219, 220 
Cycle efficiency, 204, 205, 224-227 
heat regeneration, effect on, 243, 244 
Cycle expansion corrections, for combus- 
tion products, 216, 217 
for water vapor, 216, 217 

D 

DeLaval nozzle, 46, 47 
Density ratio through shock, 77, 83, 84 
Design trends, aircraft, 313-315 
Detached shocks, 87-89, 91, 92 
inside corner, 91 , 92 
Diffuser, compressor, 97, 104-106 
turbine exhaust, 156 
Diffuser efficiency, of shock, 79-82 
Diffuser friction, 64, 65 
Diffusion effectiveness, 81 
Dimensional theory {see Variables, cor- 
rected) 

Dimensionless numbers {see Variables, 
corrected) 


Dimensionless variables {see Variables, 
corrected) 

Disc materials, turbine alloy, 191, 192 
Dissociation, air, 213 
ammonia, 272, 273 
carbon dioxide, 213 
water vapor, 214 
Drag, airfoil, 10-14, 16, 23 
parasitic, coefficient of, 17-20 
ramjet, 250, 251 
Drag coefficient, 10-14, 23 
of ellipsoid, 18, 19 
of flat plate, 17, 18 
of fuselage, 18, 19 
of nacelle, 18, 19 

profile, 13, 23 • 

of sphere, 18, 19 
of tail, 20 

Duct, compressor after, 72-77 
constant area, 43 

followed by other flow processes, 71-77 
friction factor of, 62-65 
ram flow into, 65-77 
restriction factor of, 63, 64 
shock in, 43 
Ducted fans, 266, 267 
Dump valve, fuel, 294 
Duplex nozzle, fuel, 146-148 

E 

Ejector action, ramjet, 250, 251 
Ejector cooling, 202 
Energy, gas, internal, 5, 6 
jet, 37 

Engine, compound, 281-283 
cycle of, 281 
power output of, 282 
specific fuel consumption of, 282, 283 
Engine-cycle stage numbers, 207 
Engine-nacelle drag, 18, 19 
Engine-rotor inertia, 285 
Enthalpy, 6 
air, 41, 42 
Entropy, 6 
Equation of state, 1 
Exhaust, jet {see Nozzle, jet) 

Exhaust system, construction and mate- 
rials, 201-203 
cooling, 201-203 
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Exhaust system, pressure forces on, 203 
Exhaust tail cone, 197 
Exhaust-temperature distribution, 201 
Exhaust-velocity distribution, 201 
Expansion calculations, correction for 
combustion products, 216, 217 
correction for water vapor, 216, 217 
Expansion enthalpy changes, 222 
Expansion process in pulse jet, 276, 277 

F 

Fan, ducted thrust augmenter, 266, 267 
open, 266, 267 
Fineness ratio, 18, 19 
Flap, airfoil, 14, 15 
Flat-plate drag,' 17, 18 
Flight Mach number, 221 
Flight speed, corrected, 253-257 
Flow, air, corrected, 253-257 
boundary-layer effects of, 54, 55 
with boundary-layer friction, 62-65 
of centrifugal compressor, 99-103 
compressible, 20-27, 41, 42 
compressor, external characteristics of, 
106-108 

compressor energy, 97, 98 
converging-diverging, 42, 43 
cooling, 61 

correction factors in, 67, 68 
entropy of, maximum, 59 
expanding, 43-45 
fuel, corrected, 253-257 
gas, 41-91 

heat transfer in, 55-62 
jet {see Nozzle, jot) 
laminar, 17, 18 
mass {see Mass flow) 
momentum pressure changes in, 56-62 
nozzle {see Nozzle flow) 
pulse jet, 277, 278 
ram, into duct, 65-77 
supersonic, 70-83, 86 
ramjet, 247, 248, 250 
external, 250, 251 
retarded, 45 

with shock waves {see Shock) 
supersonic, around corner, 89-92 
turbulent, 17, 18, 26, 27 
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Flow density, correction for combustion 
products, 219, 220 
correctipn for water vapor, 219, 220 
Flow density change with heat transfer, 
59-61 

Flow diffuser friction, 64, 65 
Flow effect of flight speed, 232-238 
Flow efficiency, accelerated, 52-55 
nozzle, 52-55 
retarded, 53-55 
Flow friction factor, 62 
Flow pressure change with heat transfer, 
56-62 

Flow pressure ratio, 44-55 
Flow restriction factor, 63, 64 
compressor inlet, 72, 73 
Flow static-temperature ratio, 44, 45, 47- 
49 

Flow temperature change with heat 
transfer, 59-62 
Flow turbine, mass, 161-164 
Flow turbine characteristics, 179-181 
Flow turning, of compressor {see C com- 
pressor, flow turning of) 

Flow velocity, 44-53 
change in, with heat transfer, 57-62 
maximum, 47 

Forced-vortex flow turbine, 160, 161 
Fowler flap, 14, 15 
Free-stream diffusion, 65 
Free-vortex flow turbine, 160 
Friction, diffuser, 64, 65 
internal, 9, 10 
nozzle, 64, 65, 194-196 
Friction factor, flow, 62 
Friction losses in burner, 153-155 
Fuel, 132-134 

heat of combustion, 132, 134 
ignition of, 294, 295 • 
physical characteristics of, 132 
preheating, 149 
use of, as coolant, 296 
vapor pressure of, 133, 134 
Fuel consumption, pulse jet, 277 
ramjet, 248, 249 
specific, corrected, 254-257 
design trend of, 314 
turbojet, 231-240 
with afterburner, 268, 269 
turboprop, 241-246 
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Fud duplex, nozzle, 146-148 
Fuel flow, corrected, 253-257 
Fuel line, gravity head, 144 
Fuel sprays, 138, 139, 145-150 
Fuel systems, 290-296 
accumulator, 291 
barometric control, 293 
dump valve, 294 
governor control, 293-296 
igniter, 294, 295 
pumps, 292, 293, 295 
Fuel vapor, mixing with air, 139, 140 
Fuel vaporization, 138, 139 
Fuselage drag, 18, 19 

G 

Gas, combustion, composition of, 137, 138 
Gas constant, 6 

correction for combustion products, 220 
correction for water vapor, 220 
Gas energy, enthalpy, 6, 41, 42 
entropy, 6 
internal, 5, 6 
Gas flow, 41-91 
compressible, 41, 42 
Gas generator, 278 
Gas law, perfect, 1, 5, 6 
Gas turbine, multishaft, 278 
Gas-turbine components, niatc^hing of, 
257-265 

critical flow in jet nozzle, 259, 260, 
263, 264 

cut-and-try rnc^thod, 257-259 
graphical solutions, 260-265 
Gas-turbine control {see ('ontrol, engine) 
Gas-turbine cycle, 204-231 
Gas viscosity, 9, 10 
Gears, propeller, 36 
Generator, gas, 277 
Governor, speed, 293-296 
Graphical cycle computations, 209 

H 

Handley-Page slot, 15 
Heat of combustion, 132, 134 
specific, 5, 6 

Heat ex(?hanger, 243-246, 297, 298 
effectiveness of, 243 
weight and volume of, 298 


Heat-exchange calculations, correction 
for combustion products, 219 
correction for water vapor, 219 
Heat regeneration, 243-246 
effects of, on cycle efficiency, .243, 244 
turboprop engine, 245, 246 
Heat transfer in flows, 55-62 
Hcat-to-work, 227, 228 
Humidity, effec^ts of, on engine perform- 
ance, 239, 240 
Hydraulic radius, 63 

I 

Ignition of fuel, 294, 295 
Impeller, compressor, tip speed, 98, 105 
Impulse, pulse jet, 276 
Impulse turbine {see Turbine, impulse) 
Imdined shock, 82-86 
Inertia, engine rotor, 285 
propeller, 285 

Intake coolant injection, 270-273 
alcohol, 271-273 
ammonia, 272, 273 
ammonia dissociation, 272, 273 
thrust increase, 270-272 
water, 270-272 
Isentropic velocity ratio, 173 

J 

J('t, supersonic, 37, 38 
thermal, 36-46 
Jet efficiency, 28, 29 
Jet energy, 37 
Jet energy loss, 38-40 
Jet engine, ov(ir-all efficiency of, 224 

with adjustable area nozzle, 236, 238 
thermal efficiency of, 223 
Jet exhaust nozzle (see Nozzle, jet) 

Jet power, 38-40 
Jet thrust, 223, 228-230 
effect of flight speed on, 232, 238 
supersonic, 198-201 
Jet velocity, 223 
Jet-velocity ratio, 38, 39 
Joule cycle, 204 

K 

Kinematic viscosity, 9 
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L 

Laminar flow, 17, 18 
Lapse rate, atmospheric, 2 
Lift, airfoil, 10-14, 23 
coefficient of, 10-14, 23 
compressor blade, 122, 123 
turbine blade, 177, 178 
liift/drag ratio, 24 

Ijogarithmic mean specific heat, 209-212 
Lubbock nozzle, 145-148 
Lubrication, 289, 290 
oil cooling, 289, 296 

M 

Mach number, definition of, 20, 21 
Mass flow, correction for combustion 
products, 219, 220 
correction for water vapor, 219, 220 
in duct, 44-53 
Mass-flow turbine, 161-164 
Moisture, atmospheric, 4, 5, 239, 240 
Moment, airfoil, 11, 12 
coefficient, 10-14 

Momentum pressure change, 56-62 
Momentum i)ressure loss, combustion, 
152-155 

Monarch nozzle, 146-148 
Multishaft gas turbine, 278 

N 

Nacelle, turbojet, 307-309 
Nacelle drag, 18, 19 
Nozzle, DeLaval, 46, 47 
duplex, 146-148 

efficiency of, 43, 52-55, 194-196 
fuel, pressure-flow characteristics of, 
148 

fuel-air type, 148, 149 
jet, 193-203 

adjustable area effects of, 236-238 
construction of, 201-203 
convergent-divergent, 200 
cooling, 197, 198, 201-203 
effective area of, 194 
efficiency of, 194-196 
flow contraction, 194 
flow divergence, 200, 201 
flow friction, 194-196 


Nozzle, jet, materials, 201, 202 
pressure forces on, 203 
streamline flow, 193 
supersonic, shock-free, 200 
supersonic flow, 198-201 
supersonic thrust, 198-201 
tail cone, 197 
temperature, 201, 202 
temperature distribution, 201 
thrust losses, 195 
transverse flow, 193, 194 
variable area, 196-198 
velocity distribution, 201 
vena contracta, 194 
Lubbock, 145-148 
Monarch, 146-148 
Peabody or recirculating, 147, 148 
spray, fuel, 145-150 
turbine, efflux velocity of, 160 
flow Mach numbers in, 161-164 
mass flow at, 161-164 
Nozzle flow, contraction coefficient of, 
194 

divergence in, 200, 201 
supersonic, 198-201 
Nozzle flow friction, 64, 65 
Nozzle flow function, 46, 49 

O 

Oblique shock {see Shock, inclined) 

Oil cooler, lubricating, 289, 296 

P 

Parasitic drag, 17-20 
Peabody nozzle, 147, 148 
Perfect-gas law, 1, 5, 6 
Performance charts, corrected, 254-257 
Plate, flat, 17, 18 
Power, corrected, 254 
propeller, 31-35 
turboprop, 224 

Precise cycle calculations, 212-220 
Preheat effects, compressor, 94-96 
Preheating fuel, 149 
Pressure change, momentum, 56-62 
Pressure coefficient, compressor, 99 
Pressure loss, combustion, 152-155 
Pressure ratio, centrifugal compressor, 98 
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Pressure ratio, cycle, 222 
of multistage compressor, 94 
through shock wave, 77, 83-86 
turbine, 156 

Pressure recovery, ram, 76, 77, 248-249 
Pressure-recovery effectiveness, 81 
Prewhirl, compressor, 104, 122 
Profile drag coefficient, 13, 23 
Profile form, airfoil, 11 
Propeller, adjustable pitch, 33-36 
advance angle, 32-34 
blade-element efficiency of, 31, 32 
blade elements of, 30, 31 
compressibility of, 35 
ducted, 266, 267 
efficiency of, 33, 35 
inertia of, 285 
solidity of, 33, 36 
thrust of, 31, 32 
specific, 29, 36 
static, 32, 33 

turboprop limitations on, 264, 265 
variable-pitch, 33-36 
Propeller engine (control, 297, 298 
Propeller gears, 36 
Propeller power, 31-35 
Propulsive efficiency, 28, 224 
Pulsation in burners, 152 
Pulse jet engine, 273-278 
airflow, 277, 278 
combustion of, 273-275 
combustion pressure of, 275 
construction of, 273 
cycle of, 273, 274 
expansion process of, 276, 277 
frequency of, 274, 275 
impulse of, 276 

specific fuel consumption of, 277 
thrust of, 277, 278 
specific, 277 

Pump, fuel, 292, 293, 295 

R 

Radius, hydraulic, 63 
Rain, effect of, on engine performance, 
239, 240 

Ram effectiveness, 81, 86, 239 
Ram efficiency, 65 
effect on thrust, 239 


Ram flow, into ducts, 65-77 
supersonic, 76-83, 86 
Ram pressure recovery, 76, 77, 248-249 
effectiveness of, 81 
Ram pressure-recovery ratio, 81, 86 
Ram temperature, 221 
Ramjet, 39, 40, 246-251 
air flow in, 247, 248, 250 
combustion in, 247, 248 
cycle of, 247 
drag of, 250, 251 
efficiency of, 39, 40, 249 
ejector effect on, 250, 251 
external flow of, 250, 251 
inlet flow, total pressure in, 221 
pressure recovery in, 248, 249 
thrust of, 248, 250 
Range, aircraft, 311, 312 
Rankine temperature, 1 
Reaction turbine, 171, 172 
degreie of reaction of, 171 
Recirculating nozzle, 147, 148 
Regeneration, heat, 243-246 
Reheat, afterl)urning, 267-269 
Reheat fa(;tor, turbine, 174 
Relative humidity, 4, 5 
Relaxation time, air, 212, 213 
steam, 213 

Resojet engine {see Pulse jet engine) 
Restriction factor, flow, 63, 64 
Reynolds number, 9 
compressor at, 115, 116 
Rotor, disc., compressor, 127 
drum, compressor, 127 

S 

Shock, 24-27, 77-92 
on cone, 86-89 

density ratio through, 77, 83, 84 
detached, 87-89, 91, 92 
inside corner, 91, 92 
diffusion efficiency of, 79-82 
in ducts, 43 
inclined, 82-86 
flow' angles, 83-86 
velocity vectors across, 82 
inside corner, 91, 92 
intensity of, 79, 83, 84 
multiple, pressure recovery through, 86 
normal or plane, 77-82 
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Shock, pressure ratio through, 77, 83-86 
temperature ratio through, 77, 83 
thickness of, 25, 26 
velocity ratio through, 77, 83, 84 
on wedge, 86-89 
Shroud rings, turbine, 169 
Similarity laws {see Variables, corre(ited) 
Slip factor, compressor, 98, 99 
Slot, airfoil, 14-16 
suction, 15, 16 
Solidity of propeller, 33, 36 
Sound, velocity of, 9, 10 
Span, airfoil, 10 
Spark plug, 294, 295 
Specific heat, 5, 6 
arithmetical mean, 209-212 
logarithmic mean, 209-212 
Specific thrust (see Thrust, specific) 
Specific weight or density, 1 
Speed, aircraft, 310, 311 
flight, corrected, 253-257 
rotational, corrected, 253-257 
Speed governor, 293-296 
Spoiler, airfoil, 15 
Spray nozzle, fuel, 145-150 
Stall, airfoil, 14, 23 
compressor, 107, 109 
Starter, auxiliary gas turbine, 288 
auxiliary reciprocating engine, 286 
cartridge type, 287 
electric, a-c, 286, 287 
d-c, 284 

generator combination, 287 
ground-powered, 286 
hydraulic, 286, 287 
pneumatic, 286-288 
Starting, 284-289 
in flight, windmilling, 288, 289 
minimum speed in, 284, 285 
Starting rotor inertia, 285 
Starting time factor, 285, 286 
Starting-torque requirements, 284, 285, 
287 

State, equation of, 1 

Static thrust (see Thrust, static) 

Steam relaxation time, 213 
Suction slot, 15, 16 

Supersonic flow around corners, 89-92 
Supersonic jet thrust, 198-201 
Supersonic nozzle, shock-free, 200 


T 

Tail-surface drag, 20 
Temperature, absolute, 1 
combustion, 136, 137 
corrected, 253-255 
flight, total, 221 
ram, 221 
Rankine, 1 

turbine inlet, 225-230 
Temperature ratio, compression, 94 
through shock, 77, 83 
turbine, 157 

Thermal efficiency (see Cycle efficiency) 
Thermal expansion in turbines, 169 
Thrust, ambient temperature effects of, 
229, 230 

corrected, 253-257 

engine, per unit frontal area, 303, 304 
jet (see Jet thrust) 
propeller, 30-36 
pulse jet, 277, 278 
ram effects on, 239 
ramjet, 248-250 
specific, definition of, 29 
of propeller, 29, 36 
of pulse jet, 277 
of ramjet, 248, 250 
of turbojet, 228-239, 268, 269 
of turboprop, 241-246 
static, 228-229 
of propeller, 32, 33 
of turbojet, 223, 228-240 
of turbojet afterburner increase, 268, 
269 

of turbojet design trend, 314 
of turboprop, 224, 240-246 
Thrust augmenters, 266, 267 
Thrust increase due to intake coolant in- 
jection, 270-272 

Thrust loads, compressor rotor, 129, 131 
Thrust losses in nozzle, 195 
Thrust power, 28, 253, 257 
Tropopause, 2 
Troposphere, 2 
Turbine, 156-192 
constant circulation, 160 
design factors for, 156-158 
flow characteristics of, 179-181 
flow whirl energy of, 160, 171 
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Turbine, forced vortex flow, 160, 161 
free vortex flow, 160 
impulse, 158, 159, 164-171 
blade shapes, 165-169 
flow turning, 170 
multistage, 171 
nozzle rows, 166-169 
rotor Mach numbers, 169, 170 
work-recovery coefficient of, 164-165 
inlet temperature, effecits of, 225-230 
isentropic velocity ratio of, 173 
matching of, to compressor, 158 
median flow vector for, blade path for, 
177 

pressure ratio of, 156 
reaction, 158, 159, 171, 172 
degree of reaction of, 171 
velocity ratio of, 171 
work-recovery coefficient of, 171 
symmetric stage, 173-179 
thermal-expansion effects of, 169 
Turbine blade, ceramic, 190, 191 
cooling of, 181, 184 
incidence angle of, 169 
Turbine-blade alloys, 184-190 
cast, 188-190 
wrought, 184-188 
Turbine-blade materials, 184-191 
Turbine-blade-path design, 158-164 
Turbine-blade temperature, 181-184 
Turbine cycle, gas-, 204-231 
Turbine-disc alloys, 191-192 
Turbine efficiency, definition of, 156 
by temperature and pressure ratios, 158 
Turbine exhaust or efflux flow velocity, 
170, 171 

Turbine exhaust diffusers, 156 
Turbine exhaust temperature, 157 
Turbine exhaust whirl or swirl, 169 
Turbine mass flow, nozzle, 161-164 
Turbine nozzle, flow Mach numbers, 161- 
164 

Turbine nozzle blading, 169 

Turbine nozzle efflux velocity, 160 

Turbine reheat factor, 174 

Turbine shroud rings, 169 

Turbine velocity ratio, definition of, 160 

Turbine velocity triangles, 159 

Turbine work output, 156 


Turbojet, afterburning in, 267-269 
efficiency of, 268-269 
energy increase of, 267 
jet velocity of, 267, 269 
momentum pressure loss in, 268 
reheat cycle, 267 

specific fuel consumption of, 268, 269 
temperature limitations on, 267 
thrust increase of, 268-269 
weight factors in, 268-269 
Turbojet characteristics, tabulation of, 
301 

Turbojet control, 296-298 
Turbojet cycle, 205-209 
Turbojet flight characteristics, 231- 240 
Turbojet over-all efficiency, 223-224 
Turbojet starting, 284-289 
Turbojet thermal efficiency, 223-224 
Turbojet thrust, 223, 228-240, 314 
Turboprop, characteristicis of, tabulation 
of, 302 

heat regeneration, 245, 246 
over-all efficiency of, 224 
performance characteristics of, 246-246 
propeller limitations on, 264-265 
propulsive efficiency of, 224 
starting, 284-289 
thermal efficiency of, 224 
Turboprop control, 297, 298 
Turboprop cycle, 205-209 
Turboprop power, 224 
Turboprop thrust, 224, 240-246 
Turbulent flow, 17, 18, 26, 27 

V 

Valve, fuel dump, 294 
Variables, corrected, 251-257 
performance charts, 254-257 
power, 254 

similarity laws for, 251, 252 
specific fuel consumption, 254-257 
speed, rotational, 253-257 
temperature, 253-255 
thrust, 253-257 
Velocity, of flow, 44-53 
jet, 223 
of sound, 9, 10 
Velocity ratio, jet, 38, 39 
through shock, 77, 83, 84 
turbine, 160, 171 
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Vena contracta, nozzle flow, 194 
Viscosity, gas, 9, 10 
kinematic, 9 
Viscosity coefficient, 9 
Vortex, strength of, 161 
Vortex chamber, compressor, 104, 105 

W 

Wake efficiency, 28, 29 
Water injection at engine intake, 270-272 
Water vapor, atmospheric, 4, 5 
correction for, in compression, 213, 
214 


Water vapor, in expansion, 216, 217 
gas-constant corrections for, 220 ' 
Water-v 9 ,por correction, for flow density, 
219, 220 

for heat exchange, 219 
for mass flow, 219, 220 
Water-vapor dissociation, 213 
•Wedge, shock wave on, 86-89 
Weight, engine specific, design trend of, 
314 

specific or density, 1 
Windmilling, at starting, 288, 289 
Wing {see Airfoil) 

Work-recovery coefficient, 164, 172 
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